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ABSTRACT

The purpose of this thesis is to find a suitable system for
furnishing all requisite navigational information to the pilot of a
satellite supply vehicle during his return to earth. A desired
method of return is presumed and the latitude of control available
to the pilot, using this method, examined. From this, the
requisite system specifications to guide him to a landing at a
desired point are found. Various natural phenomena potentially
capable of furnishing navigational information are examined for
suitability. A navigation system is then designed, in functional
form, which will give a maximum of flexibility in use and meet

the specifications set.
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The object of this thesis is to invesfigate the navigational
requirements of a satellite vehicle in returning from orbit to an
earth landing, and to propose a navigation system which will meet

these requirements.
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CHAPTER 1

INTRODUCTION

The problem of maintaining an earth satellite space station
poses many challenging problems to both the astronaut’ - and
systems engineer. One of these problems, that of navigating a
manned satellite supply vehicle back to earth, is taken as the
subject of this thesis. A navigation system is proposed which the
authors feel will provide all requisite navigational information to
an acceptable degree of accuracy., It cannot be presumed that the
system proposed is an optimum system or the only one which can
do the job, but the authors believe that the system is achievable
at the present state of the instrumentation art and in the light of
the present knowledge of the earth's environment. The proposed
system may be separated into two parts, (1} apparatus carried by
the vehicle and (2} assisting apparatus outside of the vehicle. In
the future, further information on geophysical phenomena may
make one or more of the environmental properties considered by
this thesis, but found to be unuseable, applicable and to the point

for a navigation system.

The vehicle will carry a special purpose computer, an
inertially stable platform which is monitored during portions of
the flight by a pair of star tracking units, and the display and
control mechanisms necessary for the accomplishment of practical
navigation, Several external aids will be utilized to accomplish
the navigation problem. An aircraft equiped with radar will track
and supply information to the supply vehicle just prior to re=entry,

and electromagnetic ground tracking and guidance will be utilized
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during the final portion of approach to a landing.

- Much of the calculation of navigation information will be done
on the ground from tracking information gathered in advance of the
start of the return trip and the results will be utilized to initiate-
the return of the supply vehicle. Associated with such ground cals
culations and measurements there will be inherent errors which
contribute to the total system error and must be considered in
establishing system specifications. The proposed system is
presented in this thesis in its functional form, and very little
attempt will be made to set specifications of individual units.

The following method of approach is taken in this thesis to
arrive at an acceptable navigation system design for the supply
vehicle, First, certain assumptions are made regarding the

satellite orbit from which descent is to be made and a desired

~method of descent is assumed. Secondly, properties of the earth's

environment which may furnish navigational information are
examined to find if they are usable., Thirdly, the descent trajec=
tory is examined to find what requirements it imposes on the
navigation system. Lastly, a system is designed which will meet

these requirements.

Prior to the initiation of the return trip, the supply vehicle
is assumed to be in a nearly circular orbit, around a spherical
earth at an altitude between 300 and 500 miles. The navigation
system proposed is extendable with inodifications,» to the noncircu=
lar orbit case, but the associated error analysis in order to set
system specifications becomes lengthy and was not attempted for
this’ thesisl. A short develdpment of some of the equations for
orbital departure from a noncircular orbit in the fashion assumed
by this thesis is presented in Appendix B«ll. Orbital perturbations
due to the earth's oblateness are assumed calculable to a sufficient
accufacy that they do not lead to Serious navigation errorsz, and
other nonspherical effects, such as height above sea level of the |

landing field, are assumed taken care of in the ground computation
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scheme prior to the return flight,

It is also assumed that prior to initiating return to earth the
orbit of the supply vehicle is coincident with that of the satellite
being supplied, of which there has been an extensive period of
tracking from the ground, so that the supply vehicle's position is
known to a high degree of accuracy while it is in orbit, Immediately
after a given period of tracking from the ground the vehicle's
position is known very accurately, and it is assumed that one half
an orbital revolution later the satellite's position in space is known
to within a box in space one mile long and four tenths of a mile
high and wide. Two days later, however, this information has
deteriorated to a box ten miles long and 4 miles high and wide,
unless, of course, another tracking period has taken place during
the two day period. These assumptions on the knowledge of the
supply vehicle's position help to determine the system accuracy
requirements and lead naturally to two situations of varying complexity,
First, it might be imagined that the return trip would be initiated
soon after a period of tracking from the ground, in which case the
supply vehicle's position of re=~entry would be based upon well
known initial conditions. In general, however, the area within
which descent from a given orbit must begin in order to land at a
given landing field is restricted, and passage through the area by
the supply vehicle may occur some time after the last opportunity
to obtain ground tracking information. If one had to wait until the
orbital plane itself became adjusted to just exactly the right
conditions, it would require an inordinate amount of time to
complete the average supply mission. Instead of waiting for
perfect alignment, it is assumed that the return vehicle can shift
the plane of its orbit slightly one way or the other by properly
orienting the retro~rocket which initiates the return.2 In this way
the length of time one would have to wait to get into a favorable
position is assumed to have been lowered to a maximum of two

days after the last period of ground track.
A linear type error analysis shows that in either case the
(e I
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errors in knowledge of position and motion are too large to be
allowed to proceed uncorrected during the re-entry period (see
Appendix F). The envisioned navigation system is désigned to
'eliininate most of the possible error caused solely by the long
delay between last ground track and initiation of return to earth.
The major portion of such error éppears és a distance error
along the track. A navigational fix is to be given to the supply
vehicle by a radar equipped aircraft just prior to re-entry into
the atmosphere to eliminate this error. Before discussing the
system further, a glimpse at the trajectory assumed for the

supply vehicle is in order.

The return trajectory (see Fig. I-1) starts when at a pre-
determined time (or position as interpreted at the ground tracking
center) the supply vehicle fires a retro-rocket which imparts a
slowing increment of velocity of sufficient magnitude to cause the
resultant elliptical orbit, according to Kepler's Laws of motion,
to have a perigee of approximately 300, 000 feet. The point of
firing of the first retro-thrust becomes the approximate apogee
for that ellipse. Three-hundred-thousand feet is chosen arbi-
trarily as that altitude at which a vehicle just begins to sense a
perceptable atmosphere above the earth. Actually, the atmosphere
is continuous to far greater heights, but the errors involved in
agsuming that as the standard or average value of the beginning of
the sensible atmosphere for re-entry purposes appear to be less
than the errors from other sources; this arbitrary choice contin-
ues to be made in many theoretical studies. For more precise
studies a more current research work on the atmosphere should
be consulted. 3 Because of the above assumption it may be seen
that, aside from some small effects due to the shape of the earth, 4
the vehicle may be assumed to follow essentially Keplerian Laws
of motion during this portion of the return flight. Both the time
to fire and the magnitude of the retro-thrust are precomputed
values which come from the ground tracking station during the

last tracking period prior to the retro-thrust.
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At the perigee height of approximately 300, 000 feet a second
retro=thrust is applied which slows the supply vehicle to some
velocity less than the local circular orbital velocity. The supply
vehicle thus begins re~entry at a small flight path angle below the
local horizontal; it then follows a re=entry trajectory which amounts
to a very long glidé of approximately'sevend-thousand miles in range
before dropping to an altitude of approximately 90, 000 feet, The
glide is assumed to be made at a nominal L /D of 1.0, although
other values might also have been chosen. For our problem, at
least two considerations restrict the range of L./D's at which the
vehicle may fly. First of all, a condition of zero or negative lift
is unacceptable., This is due to the fact that the inertial platform
utilized for the navigation from threeshundred=thousand feet to
ninety=thousand feet is stable and its navigation errors in indicating
the vertical are oscillatory for any flight condition in which the net
specific vertical force is positive,5 which means essentially a |
positive lift in this case, and the errors diverge if the net apecific
vertical force is negative. The second consideration is one tied,
not to the navigation system, but to the vehicle and occupant
themselves., The maximum acceleration and heating which can be
withstood are properties of the vehicle and occupant, and the
vehicle is forced to follow a rather restricted type of trajectory
through the atmosphere until altitudes and Speeds are reached
where these problems are no Ionger serious. This accounts for
the so=called re~entry phase from 300, 000 feet to approximately
90, 000 feet. From 90, 000 feet on until landing. the vehicle is
considered to be flying or gliding with a range of control over L/D
with which to vary the point at which the vehicle lands. This
control would be utilized to take out the effect of errors of the

navigation system or control system, etc.

- It is tacitly assumed throughout this thesis that it is desirable
to navigate the vehicle to a specific and rather well defined landing

area rather than justto a general area such as a large body of
water.
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In summary, certain assumptions have been made regarding
the orbit of the satellite. A desired method of descent of the supply
vehicle has also been assumed. With these assumptions the decent
path was examined in detail and the effects of uncertainties in
initial conditions upon that descent path established (see Appendix
C and F). The next logical step is the investigation of factors

which might provide navigational information.
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-.CHAPTER 2

GEOPHYSICAL PROPERTIES

In this chapter the properties of the earth and its environment
Wthh may provide a source of navigational intelligence are
examined for applicability and accessability.

In the past, a standard atmosphere based upon the fairly well
known properties of the lower atmosphere has been defined, and an
instrument used to measure some characteristic such as pressure
or temperaturé of the atmosphere through which the vehicle was
flying. The reading of the instrument when calibrated by an initial
setting based upon known conditions would give an indication of the
height difference between the reference and the local vehicle
_aititude. By thus providing altitude information, one of the three
navigational coordinates was established to a fair degree of
accuracy. Other geophysical quantities may be made to yield more
than just height information. |

A. Pressure

The most commonly used quantity for height measurements
was the ambient air pressure, in the form of the well known
altimeter. An extrapolation of such a measurenﬁent to very high
altitudes has been envisioned,6 but the densities involved at very
high altitudes are so small, that the turbulence of ion motion and
temperature gradients, etc., make the local variations of the
ambient pressure of a single altitude as high as ten to one'z . Be=~
cause of this fact, it appears highly unlikely that a pressure
measuring device could do a véry good job of correlating high

altitude pressure and the altitude itself. The measurement might

UNCLAS@IHEE




be of some practical value for navigation if some sort of long term
averaging of its readings took place. Since the supply vehicle
return is a relatively short period flight, the ambient pressure is
remoired frdm consideratioh as a basic physical parameter upon
which to base a portion of the present navigation system. This,

of course, does not mean that conventional altimeters as a
navigational assist for the low altitude portion of the trajectory
are eliminated entirely; it simply means that over a major portion
of the trajectory, where altitude information is important to the
navigation problem, pressure measurements would not satisfacto=
rily provide this information.,

B. Temperature-:

High altitude temperature would seem to be a fairly good
quantity to measure for an estimate of altitude. This is true,
theoretically at least, because the fluctuations in temperature
should not be a very high percentage of the ambient value.8 By
temperature it is meant the average kinetic energy of the sure

rounding gas particles or ions.

Several problems are associated with the use of temperature
as a navigational parameter. Firstly, it would be fairly hard to
devise an accurate and portable device which would measure only
the kinetic energy of the particles and not any radiant energy
incident upon the vehicle.9 Secondly, the variation of temperature
in the atmosphere is not well enough established to use it as a
navigational parameter.10 Thirdly, even the models of standard
atmospheres present temperature as a piecewise linear variation
with altitude and not as a continuous function_.ll Fourthly, the
variation of temperature in the lower atmosphere may be a signifi=
cant portion of the ambient value .12 Because of these and other
similar ‘arguments, temperature is eliminated from serious

consideration as a navigational parameter for the present system,

-
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C. Earthfs Electric Field

The earth is statically charged to an average value of around -
400, 000 coulombs.13 As such, its surface represents the négative
surface for an electrostatic field extending outward in space. The
field has a gradient at the earth's surface of approximately 130
volts per meter, but this value is subject to wide local fluctuations
in the vicinity of electrical storms and other disturbances.
Presumably, the ionosphere presents a highly conducting shell
which tends to keep the charge distribution balanced, and in so
doing the motions of large numbers of ions from one spot to
another represent large current flows in the atmosphere. Solar
disturbances change the ion level in the ionosphere and its apparent
height, etc. Consequently, the electric field must undergo wide
fluctuations throughout the atmosphere. Inth-e.light of present
knowledge alone, it does not appear that the earth's electric field
offers any hope of accurate navigational information at high

altitudes .14

D. Earth's Magnetic Field

The earth's magnetic field has been used as a navigational aid
for quite sometime. Its properties at or near the surface are
fairly well known and are mapped. The earth's magnetic field is
essentially that of a uniformly magnetized sphere.15 Deviations
from this field are significant, but fairly émall in percentage of
the total field, and many of the variations can be predicted. On
the surface of the earth the most commonly used quantity is the
horizontal component of the earth's magnetic field. A better
parameter to use if accuracy is desired is the magnitude of the
total field strength. The possibility of its use as a navigational aid
near the surface of the earth is receiving much attention at this
time. The locus of points of equal field strength represents a
surface which intersects the earth at approximately a magnetic
latitude. It is now Wide'iy held that the sources of the earth's main

TEmmamE |1:CLASSIFIED



field are inside the earth, although the possibility exists that as
much as one percent of the field is due to external causes. Poten=
tial theory shows that if themagnetic field is known on a closed
surface containing all of the sources of that magnetic field, then
the magnetic field that exists outside the closed surface is also
determined for every point in space. Since the earth's field is
largely knbwn on its surface it is pdssible theoretically to extrapo=
late the surface data upward with a high degree of precision. The
local anomalies are smoothed appreciably as low as 100, 000 feet,
and the large regional anomalies are smoothed out at higher

- altitudes. The accuracy of the upward extrapolation cannot be any
greater than the knowledge of the surface conditions, so that
inaccuracies over some areas might be as large as several percent
of the total field strength instead of the one percent which should
be the maximum inaccuracy over the major portion of the earth.

- Theoretically then we have a potential source of navigational

information in the form of the earth's magnetic field.16

Several things combine, however, to make this source
unexploitable.' The accuracy of the measuring instruments is not
a limit, nor is their weight or complexity. Mounting of such
instruments upon a rewentry vehicle so that they are free from
local distrubances caused by the vehicle itself is a practical
problem which has to be solved if magnetic information is to be of
any use in a case such as the supply vehicle's return to earth. A
present limit to usefulness is the lack of knowledge of the time
variation of the surface field to sufficient accuracy to get extrapo=
lated data of much use to a navigation system. Supposedly, this
liini{ation can be eliminated with time., A more fundamental
limitation for the present work is that the general configuration of
the field may be known to a high degree of precision; but the
regional anomalies conspire to give it a shape or spatial.functional
relationship which is not easily designated mathematically, nor
would a device utilizing this shape be easily instrumented or
programmed. If only the main dipole portion of the field were

used, the field could be easily described mathematically, but the
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results would only have good accuracy at very high altitudes, where
the large regional anomalies had been essentially smoothed to an

insignificant contribution., As a result of these present problems,
the earth's magnetic field may be removed from the list of useable

navigational aids for the prbblem- at hand.

E. Other Properties

Although various other physical properties of the earth's
environment may be of some application to specialized navigation
problems, the present investigation narrows down to a consider=
ation of three well known aﬁd established techniques, i.e. inertial
navigation, stellar navigation, and navigation through use of man=
made electromagnetic transmissions carrying navigational data of
use to the vehicle. Since each of these techniques is used in part
for the navigation system under consideration in this paper, they

will not be discussed further at this point.

From the preceeding discussion it is seen that the earth's
magnetic field, electrostatic field, atmospheric pressure, and
temperature gradient are not useable as sources of navigational
information with current equipment. in the flight regime in which

the proposed system is to operate.
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CHAPTER 3

ESTIMATE OF THE REQUISITE SYSTEM CAPABILITIES

The flight trajectory over whichrthe vehicle must operate is
unusual when compared to conventional aircraft flights, This
being the case, examination of the trajectory is necessary to
determine what requirements it may place on the navigation

system., A discussion of these requirements follows.

The over all system requirement in this case is to give the
pilot and/or automatic control system enough information to allow
the vehicle's guidance to a desired landing area. Although the
control portion of the problem is not normally the navigation
system's assignment, the navigation and control systems are
interconnected for the current problem. This is due to a
peculiarity of the re=entry trajectory, namely a very long distance
of travel and a long time spent in re~entry. In the case of a
ballistic missile entering the atmosphere at a sharp angle and
plummeting to earth in essentially a sti'aight line path, the drag

(or ballistic coefficient} or the atmospheric density do not have to

be known very closely in order to predict the point of impact fairly
precisely. At the other extreme, for a vehicle rewentering at
approximately zero angle with respect to the local horizontal and
at a speed closely approaching local orbital velocity, the resultant
trajectory is more like a slow spiral satellite decay path than a
re=~entry trajectory. It is this second type of re=entry path which
is en"viéiqned for the su’ppiy vehicle in order to limit heating and
acceleration (see Appendix C).

Under the extended re=entry conditions assumed, a slight

UNCLASSIFIED
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error in the estimate of the drag coefficient or the air density
structure assumed could cause the range at which 90, OOVO feet
altitude was obtaine d* to vary from the predicted value by a
significant amount. A one pefcent variation would amount to
about seventy miles of range. Such large magnitude errors would
be wholly unacceptable, and it is at this point that a crucial
assumption is made tieing the control system and the navigation
system together. In order to achieve the desired level of guidance
accuracy the navigation system is made a part of a flight path
control system which operates during.:the re=entry phase, i.e.
from 300, 000 feet to 90, 000 feet altitude. Prior to the time the
supply vehicle leaves the earth, the best estimates of the vehicle's
aerodynamic coefficients are made, and using an assumed atmos=
pheric model a theoretical trajectory for re=entry is calculated.
This trajectory must be close to the actual trajectory which would
be followed by the vehicle in the absence of any flight path control

system. The three identifying coordinates of a point on the

* A

theoretical flight path* , for a number of uniformly spa.ced::<
points, are stored in a portion of the memory of the special
purpose computer carried by the vehicle. A control variable is
chosen from the two coordinate variables representing the vertical
by choosing that coordinate which is expected to vary most rapidly
with time during the re=entry. The computer is mechanized such
that when it is given a particular value of the control variable it
enters the stored trajectory and finds the two remaining coordinates

associated with that particular point in the trajectory.

*Recall that 90, 000 feet is the altitude at which a normal,gliding,
controlled flight is assumed to start after the re=entry phase.

**For the system used in this thesis these would be latitude,
longitude, and altitude.

e

*¥)*Uniformly spaced with respect to the control variable, i.e.
either latitude or longitude whichever was expected to change
most rapidly during the trajectory.
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To see how the system is intended to work as a flight path
controller, we take our supply vehicle up into orbit, start the
return trip, and arrive at the re=entry phase; Dui'ing the re=entry
phase the navigaﬁon system will be continually supplying the three
coordinates identifying the vehicle's position in space, neglecting
navigational errors for the moment. Therefore, the measured
value of the control variable is used to enter the computer, and
the other measured coordinates compared to see if they coincide
with the stored values. If they do not, errors are indicated by
this comparison, and these signals can be used to force the
vehicle to fly the preplan.ned re=entry trajectory. The resultant
changes in acceleration and heating encountered must lie within
tolerable limits, which they are sure to do if the original flight

path estimate was accurate. This, or some comparable, type of

'flight path control is a necessity for this problem, in that it is

the only way of keeping errors in aerodynamic estimates from
becoming gross errors in the vehicle's landing point. The
programmed trajectory need not be set into the computer before
the vehicle takes off, for the information could be transferred to
the supply vehicle from the ground during a tracking period.

It may be seen in Appendix C that a particular trajectory
during re~entry was assumed for the purpose of analysis in this
thesis. The L/D ratio was chosen as 1.0, and the re=entry angle

- as zero degrees. This is not a unique trajectory; it was chosen
as a sample of the possible trajectories in that heating and

accelerations experienced were not severe. Other trajectories
could be used without affecting the results of this thesis. For
further analysis it will be assumed that the control system is
such that the trajectory actually flown from 300, 000 feet to

90, 000 feet essehtially coincides with the programmed trajectory
except for the navigation system errors. Thus, it becomes
possible to state the required navigation system accuracy as if it

 UNCLASSIFIED
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were the entire flight path control system accuracy. It might be
noted in passing that the control problem brought about in attempting
to fly a given trajectory is by no means a trivial one. A change

in angle of attack will accomplish both speed and height changes,

but not one independently. It would seem desirable from a control
standpoint to have an independent degree of control over velocity

in the form of partially extended dive brakes which could be ad=
justed to give more or less drag, or some other control mecha=
nism to change one variable independently. However, these are
control system problems for any flight path control system, and

as such will not be discussed further in this thesis.

One other control system problem which should be discussed
is that of properly orienting the retro=thrust rockets so that the
velocity increment applied to the vehicle is actually applied in a
direction approximating the desired direction, Various errors or
orbital perturbances arise from misalignment of this retro=thrust,
and it was found that to keep these errors to a neglible value it is
desirable to control the retro=thrust direction to within 1/4 degree
of the correct value.(see Appendix F). This sets one of the first
specifications on the navigational system. It must be capable of
giving reference directions to within 1/4 degree so that the
control system can control the direction of retro~thrust. This
means that if an inertial system were used alone (without extended
monitoring) over a two day interval, it should not have a drift rate
as high as .3l minutes of arc per hour; assuming perfect initial
alignment. Such inertial systems are indeed possible today under
very closely controlled laboratory condi’nions.17 It is bossible
that this very low drift rate could more easily be attained in orbit
than in the laboratory. This is due to the fact that drift rate is
assumed to be due in large measure to mass unbalance effects,
which would be entirely inoperative in a weightless orbital condition,
However, it is not necessary to assume this small level of drift
rate if we are willing to accept some monitoring instrumentation

which keeps the inertial reference aligned over portions of the
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flight time, A star tracking system, for instance, would be capable
of such monitoring action (see Appendix E)}. As it turns out, the
system proposed does have a star tracking unit for .other reasons
besides this one, and it can be used for this job also. As yet,
however, we have only established the 1/4 degree required refere
ence accuracy, without establishing that either an inertial system

or star tracker are essential. Indeed, the required accuracy

might just as easily be obtained from a horizon scanner type mechs

anism, at least for the first retroethrust, which would be applied
at an altitude where such scanners are more effective than at

lower altitudes .18

Besides knowing the direction reference for the two retroe
thrust applications, it is extremely importént that the magnitude
of :the retro=thrust be controlled to a high degree of precision.
It will be assumed that the con\trol system is capable of controlling
the change in velocity due to the retrosthrust to within & 1,0
foot/second of the desired value. Using this assumption and
calculating the uncertainties in position due to velocity uncertainties
it becomes evident that the magnitude of the velocity increment to
be applied can be a precomputed quantity calculated at the ground
tracking station and transferred to the vehicle during the last
tracking interval (see Appendix F). This precomputation holds for
the second retrosthrust also, and both quantities may be transferred

to the vehicle at the same time.

The time to fire each retrosthrust must also be known at the

. supply vehicle. This sets the minor requirement that the supply

vehicle have some sort of clock aboard to keep time as a reference,
assuming that the firing of the first retro=thrust is not made

during a period of radar (or radio) tracking (or communication}
from the ground. With an accurate clock (see Appendix F) aboard,
the problem of determining the firing time can become one of
transmitting to the supply vehicle, during *he last tracking period,
the time to go until the first retfo-athrusg;izand..the...tirne. to wait-

until the first,retro=thrust.. . A problem.of resultaht accuracy
BN 2oy
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arises if this scheme is used per se, however. The errors
committed at the first retro=thrust couple into the errors at the
second, and the resultant uncertainty of position is large enough
that the authors feel that another system requirement is set, This
requirement is that the supply vehicle must get a navigational fix
sometime during or just before the return flight in order to

navigate properly to earth (see Appendix F). In essence this

- states that the initial knowledge of satellite position and motion is

' not good enough to allow accurate navigation to earth unless the

trip is started immediately after a period of accurate ground
tracking.

This requirement leads to the investigation of methods of
supplying navigational fixes to the supply vehicle and of what
happens to the information once it is obtained at the supply vehicle.
It is impossible to consider this problem without.presupposing the
form that the vehicle's navigation system is going to take, and then

exémining methods of transferring information to that system.

- Before investigating this point, therefore, we shall look at the

general problem of navigation and how it might be solved for our
sé,tellite supply vehicle, for up till now we have only eliminated
certain navigational parameters without supplying workable
substitutions. |
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CHAPTER 4

SUPPLY VEHICLE NAVIGATION

The general problem of navigation in a threesdimensional
spa.ce#'= involves first the identification of the three coordinate
values which exist at a point in that space and the time derivatives
of these coordinate values as the vehicle moves in that space, and
second the utilization of this information for guidance to some
other point. For practical navigation of surface vehicles, in the
past the most general practice has been to agsume altitude
constant and thus reduce the navigation problem to two coordinates
instead of three, TUntil recently, for airborne vehicles, the
coordinate of altitude has been supplied independently in the form
of a barometric measurement, and navigation done on the same
basis as for surface vehicles,

The necessary navigational information can be gathered either
from onwboard measurements at the vehicle, or by electromagnetic
‘transmission of signals and data to the vehicle, or by a combination
of both. Other modes of information propogation may be utilized
in special cases, such as sound in sonar systems, but only electro=
magnetic propagation need be considered in the case of the satellite
supply mission. The electromagnetic transmissions may come to
the vehicle in terms of natural phenomena such as light from the
stars or reflected from the surface of the earth, or it may come -
in the form of mansmade 51gnals contalnlng information of use to
the craft.

*Neglect any felativity effects and apply only the concepts of
Newtonian mechanics to describe space (for the problem at hand).
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There are many schemes of navigation based solely on
reception and/or generation of manemade -electremagnetic signals
with certain known properties which can be interpreted in terms
of position andfor motion with respect to some reference such as
the earth. Practical considerations such as power required and
coverage of the earth's surface by a number of stations have led
to the elimination of any of these solely manemade electromagnetic
schemes. That is, it is considered impractical to build an entire
network of ground tracking stations with sufficient coverage to
give normal guidance throughout the return trajectbry, etc. (see
Appendix D). |

Manemade electromagnetic transmissions, however, repre=
sent a very valuable assist to the general navigational problem,
and can be utilized to advantage. In this light, a ground based
tracking station for the satellite proper,if suitably oriented with
respect to the desired landing area for the supply vehicle, could
be made to track and supply control or command information to
the supply vehicle in the terminal portion of the trajectory, i.e.
the glide down from 90, 000 feet. This is the conventional ILS or
GCA type of aircraft control to landing, only on an extended range
scale and possibly made automatic. This same ground station
could transfer information to the supply vehicle while it was still
in orbit during any period of tracking of the satellite, since satellite
and supply vehicles are assumed coincident prior to the initiation
of the supply vehicle return trip.

Natural electromagnetic radiations can be quite as useful for
navigation as the manemade quantities, Celestial navigation is a
practiced art (see Appendix E}, There is, however, no practical
way of measuring altitude by celestial means. Celestial navigation
over the earth's surface requires an accurate knowledge of the
local vertical direction or equivalently the local horizontal plane
(see Appendix E). Upon examination we see that knowledge of the
local altitude, the locé.l vertical, earth rbtational rate, time,
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initial position, and the ability to compare changes in local vertical
direction, gives us all of the necessary information to calculate

the vehicle's position by other than celestial means.

The fixed stars, however, are capable of providing us with
one of the best inertial references known,* and as such can serve
as a very valuable asgist to inertial instrumentation. Use of star
trackers as a navigational assist has been studied by several
interested groups,19 in which a gyro controlled inertial reference
table is to be monitored by star tracking apparatus in order to.
eliminate uncertainties due to such long term causes as gyro drift,
etc. Another very important use of such a monitoring system may.
be seen in that it can furnish a reference direction within the
vehicle with respect to which the direction of the local vertical,
as calculated on the ground by the tracking station, may be
specified. To illustrate how this may be accomplished, note that
a ground tracking station during a period of tracking may establish |
the position of the supply vehicle over the surface of the earth to
a high degree of accu:c‘acy.20 The position of an inertial platform
within the vehicle is assumed to be monitored through tracking
two stars, and it is also assumed that the ground tracking station
has knowledge of which stars are being tracked. The ground
station may then calculate the angles that the local vertical at the
supply vehicle should make with the stars being tracked. This
information may be transmitted to the supply vehicle, and the
direction of the local vertical physically established, or equivalently,
established in a computer coordinate system in which the navie
gational computations are made. Since contemporary designs of
stellar monitored inertial systems claim tracking accuracies of
better than fifteen seconds of arc,21 this becomes a very precise

method of establishing a vertical direction at the vehicle.

*Ac.cording to the theory of relativity, all inertial systems are
equivalent; therefore the "best" here is with reference to the ease
of observations or calculations rather than any privileged position

mechanically,
UNCLASSIFIED
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Another use of natural electromagnetic radiation would be
the observation of the earth, instead of the stars, by a horizon
scanning device. Such devices are being proposed at the present
time, and accuracies of indication of the vertical are claimed up
to .1 degree (or six minutes) of arc for altitudes of observation of
approximately 300 miles.22 The performance of the horizon
scanner type device suffers as the altitude of observation is
decreased from 300 miles, and at 300, 000 feet it could hardly be
expected to yield the same accuracy of vertical indication as at
300 miles.23 Below 300, 000 feet the dynamics of re=entry would
combine with the dynamics of the horizon scanner, and the inherent
capability of the horizon scanner to indicate the vertical at these
altitudes would suffer sufficiently to eliminate use of the horizon
scanner as more than a navigational aid for high altitude obser=
vations. However, if properly coupled to a gyro monitored
inertial platform, the horizon scanner would appear to offer a
means of monitoring the inertial platform through on=board
observations. Two serious problems arise in the utilization of
the horizon scanner in this way, however, The first problem is
the degradation of performance of the horizon scanner as lower
altitudes are reached. It might be argued that the horizon scanner
would only monitor the inertial platform prior to starting the
descent, and then the platform de=coupled from the scanner and
navigation done utilizing only the: inertial navigation system. The
initial accuracies obtainable from the horizon scanner are not
acceptable for this use (see Appendix F). That this is true will
be seen under the discussion of the alleinertial navigation system

which follows,

It remains to investigate navigation based upon on=board
measurements not involving electromagnetic transmissions. As
seen in Chapter 2, a number of environmental properties which
might have been measured were eliminated from consideration as
practical navigation aids for this problem. The remaining

measurements of interest are those made by an alleinertial type
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navigation system containing a gyro monitored inertial Jc-eference.24

This type of system utilizing Schuler tuning concepts for accurate
operation25 has been discussed in some detail elsewhe:r'e,26 and
this discussion will not be repeated here except to note difficulties
of such a system which make it unacceptable by itself for the
navigation of the supply vehicle to earth. Russell27 shows that
such a system, if used to calculate height variations, is divergent

in the height coordinate, in that an error in height gives rise to a

. further error, etc., The calculation done by Russell was based

upon a linear approximation to the gravity about an inertial point
near the earth, and as such can not be applied directly to estimate
the divergence in height information of the present system which
flies 7, 000 miles in the reeentry trajectory. Although the
estimation of height divergence in this nonlinear problem is mere
involved than the simple linear analysis done by Russell, an
estimate of the maximum altitude errors is possible through
linear approximations of the assumed trajectory, and it is seen
that this divergence of altitude information sets the most stringent
requirement on the system yet encountered (see Appendix F}).
Accurate altitude information is necessary during the resentry
phase, for without it, the range errors when 90, 000 feet altitude
is reached become unacceptable.

Working back from the desired accuracy of navigation to
system require ments forced by this height information divergence,

we need to examine the re~entry trajectory. Since the re=entiry

trajectory from 300, 000 feet down to 90, 000 feet lasts for approx=

imately 1,800 seconds, in order for an alleinertial system to be
acéeptable for this phase, the height information must divergé so.
slowly that it is not greatly in error at the end of this time. The
rate of divergénc’e is determined by the initial height error, the
initial velocity error, andthe error in identifying the vertical
(when it is obtained by integrating accelerations due to aerodynamic
forces). Examination of the reeentry phase shows that for this
height error at 90,000 feet to be small enough to be acceptable,
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the vertical information must be initially accurate to approximately
6 seconds of arc, initial height error less than 40 feet, platform
drift rate less than .24 minutes of arc per hour, and initial velocity
error less than .1 fcot/second (see Appendix F). These require=
ments are completely unrealistic for practical equipiment o achieve
using the best navigational information available from any- . cone
ceivable source just prior to resentry. These requirements .
eliminate the alle=inertial system from consideration as a navie

gation scheme for the supply vehicle.

After having eliminated each of the considered systems in
turn, if used by themselves, a hybrid system must be chosen
which will accomplish the navigational job. More than one such
system exists, but the authors have picked a single system which
they feel will meet the navigational requirements. The system

proposed will be described in the next chapter.
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CHAPTER 5

THE NAVIGATION SYSTEM

A, Discussion

Of the various navigational schemes investigated in this
thesis (electromagnetic, magnetic, stellar, etc.} an inertial
system, using gyroscopes as an inertial reference and acceler=
ometers to indicate accelerations due to air loads on the vehicle,
is considered to be the most desirable during the re~entry phase
of the flight, During orbital descent, prior to re=entry, there
exists no requirement for more accurate navigational information
than may be predicted on the basis of elapsed time since firing of
the initial retro=thrust. It follows that the system best suited to
operation during the re=entry phase of flight is the system which
should be used.

The desirability of an inertial system during this phase of
flight is based on several factors. First, is the adaptability of
such a system to utilization for any satellite orbit and landing
point without necessitating the construction of an extensive ground
control net. Secondly, it is not subject to external interference
in the form of ionization of the atmosphere in the immediate vicinity
of the vehicle as, electromagnetic systems may be, nor is it
subject to bending of light rays due to shock waves and radiated

heat, which could incapicitateza stellar navigation scheme.

The inertial system to be used consists of three singlewdegree
of-freedom gyros whose input axes are mutually perpendicular,
and three single~degreewofsfreedom, floated, rotational, integrating
accelerometers whose input axes are also mutually perpendicular;

the gyros and accelerometers being fixed with respect to one
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another.®™ Were an attempt made to track the local vertical with
one axis of the platform, the relatively high preéessional rate
required of the platform would cause the accuracy of the system
to deteriorate, since the inertia of the platform would enter into
the performance equation of ..the system. The relatively large
‘“horizontal velocity of the vehicle on re~entering the atmosphere
dictates that, for best operation, the inertial "platform" should
be nonwrotational with respect to inertial space (as compared to a
system in which one axis of the platform is made to track the
local vertical direction).

In considering the type of computational system to be used
in conjunction with the inertial platform, there are several
considerations. First, storage of the precomputed re~entry
trajectory, which the vehicle muét follow, in digital form in the
vehicle (see Appendix C) requires that a certain amount of digital
memory and a means of access to it be present in the vehicle.
Secondly, comparison of the accuracy requirements given in
Appendix F with the available accuracies in analogﬁe computer
components would show that, at the preéent state of the art,
analogue components of the highest quality would suffice but with
little margin of safety.** These considerations would tend to
indicate that use of a special purpose digital computer to perform
the required computations. Use of a digital computer is further
enhanced by the rapid solution time attainable inmodérncomputers
which, when coupled with the use of an inertially fixed gyro= -
aCcelerometer‘plétform, makes the system response time

practically instantaneous.

*The reader is referred to Sherman M. Fairchild Publication Fund
Paper No. FF«16 by Walter Wrigley, Roger B. Woodbury, and
John Hovorka for a discussion of this type of system.

**Refer to manufacturers listings. Listing in detail of the best

current accuracies available in all applicable components is
beyond the scope of this thesis.
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Considerations thus far have led to the selection of an iner=
tially fixed gyro and accelerometer platform whose acceleration
outputs are processed in a digital computer to give the desired
navigational information. Appendix F shows that initial alignment
of the system, prior to re=entry, is required to a high degree of
accuracy. Two means have been considered thus far in the thesis
for obtaining an indication of the initial vertical direction at re~entry.
These were the use of a horizon scanning device, and the use of a star
tracker working the classic navigational problem in reverse to give
the vertical direction rather than position. It was found that the
required accuracy could not be attained using horizon scanner
devices in current development. In the classical solution of the
steller navigation problem, knowledge of the direction of the local
vertical (horizon), and the angles of the stars with respect to it,
are used to determine position. In the system under discussion
here, knowledge of position is used to determine the direction
angles of the local vertical with respect to the stars. Three stars
are required to give a unique solution to the problem but, with
proper selection of the stars to be tracked, the possibility of
selecting the wrong vertical indication of the two possible, when
tracking only two stars, can be eliminated. Thus, tracking of two
stars with an automatic tracker, plus knowledge of position, will
suffice to give an accurate indication of the vertical direction. The
use of a star tracker for this purpose has the additional advantage

that an accurate directional reference in the horizontal is also

obtained.

To obtain a sufficiently accurate position indication at the
time of starting the inertial system, it was shown in Chapter 4 that
this information must be obtained from an external source. The

proposed method of obtaining this information is as follows:

(a) A conventional aircraft carrying a tracking radar is to
remain in the vicinity of the perigee of the orbital
descent. The radar must be capable of giving range

and azimuth of the supply vehicle with respect to the
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"aircraft.

(b) The aircraft must have a navigational system capable
" of giving its longitude and latitude and of indicating the

vertical direction and the north direction, in order that
range and azimuth of the supply vehicle from the aircraft
can be resolved into relative position, which will suffice
to determine the latitude and longitude of the supply
vehicle., The system which fills all of these needs is
an inertial navigation system. This system is con-

ventional and will not be discussed in this thesis.

(c} The supply vehicle will contain a radar "beacon”, i.e.
radar receiver=transmitter, which will assist the radar
aircraft in tracking and in acquisition (if the transmitter
in the supply vehicle is keyed internally prior to receipt
of keying signals from the aircraft radar) and also
serve as a data link from the aircraft to the supply
vehicle.

(d) From knowledge of the predicted velocity vector of the
supply vehicle and of a pre~computed point for turning
on the computer in the vehicle, a suitable computer in
the aircraft can use tracking information to predict the
closest approach of the supply vehicle to this point. The
coordinates of this closest approach must be encoded
in the aircraft and transmitted to the supply vehicle,
through the data link, where they become the initial
values of latitude and longitude for the vehicle digital
computer.

It is felt that using existing equipment, or ada'ptations there=
of, the aircraft can determine the coordinates of the point at which
the vehicles computer is started to the nearest mile, giving at most
~a 1' of arc error in initial alignment from this cause, but cannot

determine the supply vehicle velocity to an accuracy better than

that to which it can be predicted. This accuracy is unacceptable if -
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the divergence of height computations discussed in Appendix F is
to remain within reasonable bounds through 1, 800 seconds of flight.
Rather than consider extensive ground electronic insfallations as a
means of overcoming this difficulty an alternative is proposed.
The neareorbital velocity of the vehicle during the early portions
of the re~entry cause its flight path to be practically horizontal
(see Appendix C) with a resulting slow rate of change of height.

A relatively large percentage error in prediction of the magnitude
of the velocity at the beginning of re=entry represents, in the early
stages of flight, only a corresponding percentage error in predi=
ction of height rate since the height rate is simply the vertical
component of the vehicle velocity. When, however an error in
prediction of the direction of the velocity is made, the errors in
actual height rate as compared to predicted height rate become
serious. Indeed, the height rate error, due to this cause, may be
considered as the total vehicle velocity times the sine of the error
in prediction of the angle of re~entry. For the large (approx.
25,000 fps) vehicle velocities at rewentry this error becomes
greater than the predicted height rate for even small errors in
prediction of the angle. As a result, use of a predicted height for
navigation is subject to large errors and is out of the question. The
remainirig alternative method of obtaining height information which
will retain the flexibility of an all inertial system and yet not be
subject to atmospheric uncertainties or divergence in computation

is a radar height finder (see Appendix D}.

Height information need only be measured after re~entry into
the atmosphere. Therefore, the height finder radar need only
opefate up to heights of 57 miles (300,000 ft,). Propagation through
the ionized atmosphere surrounding the vehicle is deemed possible
(see Appendix D). The power requirements are not as large as
those for a conventional radar, which would track an aircraft at
these ranges, due to the very large targef (the earth). The axis
of the transmitting antenna can be maintained vertical through use

of the inertial system.




B. Design of the Navigation System

1. Derivation of the equations to be solved by the navie
gation computer:

Define a set of inertially non=rotating orthogonal axes x_ ,
Yo and Z, forming a right handed system with X parallel to the
earth's rotational axis and with origin at some reference longitude,

on the surface of a non=rotating earth, at the equator:

A Wrg

Zo

Define axes X1 Yy and zq such that the origin is at the
intersection of the meridian, of an arbitrary point P, on the none
rotating earth's surface and the equator, with X parallel to X and

Zq directed inward toward the center of the earth. This set of axes
is also inertially non~rotating.

Eclui‘i'or-idl
Plane
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Define a third set of coordinates X5 , ¥g » and z, with origin
at P, zq directed inward toward the center of the earth, and y,

parallel to ¥y

AnerriaLy X

Fivep
MER)DIHN
Plane

- -
EQunrea <

Since the fictional earth used to define these coordinate
systems is inertially non-rotating, the latitude and longitude angles

involved are celestial latitude (Latc) and celestial longitude (Lonc).

Letting the letter V with appropriate coordinate subscripts
stand for the component of velocity, with respect to inertial space,

of the vehicle, lying in the direction of the indicated axis we get.

d Lat \Y
c P
dt Rp+ h
Where RE is the radius of the earth and h is height above the
earth's surface.
v
d Lon _ Yo
dt (RE + h) cos Lau:C
or . v
- X2
Latc = Lat = Lato + S Ty dt (5-1)
o E
Lt Vy
Lonc = :[.101'1c + .\ Z dt (5_2)

o o (RE + h) cos Lat
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since Latcr = Lat
Where Lat is latitude on the earth (rotating).

Vv = VX cos Lat + VZ sin Lat

X9 1 1
v =V
Yo =91
Vv =V ” cos Lat« V_ sin Lat
%9 % %]
VX = VX
1 o)
Vv =V cos Lon +V sin Lon
¥ Yo c z c
A LAY cos Lon «V sin Lon
z, Z, c Yo c
Giving:
VXz = VXo cos Lat + VZo cos LonC sin Lat
= V_ sin Lon_ sin Lat. (5=3)
Yo c
v =V cos Lon +V_  sin Lon (5=4)
Yo Yo c z c

Vv =V cos Lon cos Late V sin Lon cos Lat
2 Zo ¢ yo ¢

- VX sin Lat. (5=5)
(6]

Using vector notation:

av  _ _
— =3
at +G

Where a is acceleration with respect to inertial space due to
non~field forces, G is acceleration with respect to inertial space

due to field forces. Note that the vector sum of the accelerometer

acceleration indications will be =.
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t t
V=V, (© +S a dt+ 5 G, (5-6)
o o o "o o “o
V. (t)=V_ (o) + a dt +5 G dt (5=T)
Yo Yo
t t ( )
V. (t)=V (o)+g a dt+\ G_dt 5=8
zZ, z, o % o Z
but
G = lzzG
where G = —E where E is the product of the earth's mass

2
(R )
and the universal gravitational constant. An inverse square

gravitational attraction law is assumed,

Gx = & & sin Lat

1
G =0
1
G =G cos Lat
Z
1
giving _
'Gx ® » G gin Lat (5=9)
o _
Gy * » G cos Lat sin Lonc : (5=10)
o
Gz = G cos Lat cos Lonc | (5=11)
o
note that , »
Lon(t) = Lon-c - W]E t _ (5=12)

.....
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Where Lon is earth longitude and WIE

the earth with respect to inertial space.

is the angular velocity of

In order to furnish the pilot with latitude, longitude, and
height indications it is necessary that the computer solve equations
(5=1) through (5=12), Note -here that with the use of integrating

accelerometers, the ihtegration of the terms

t
S a..dt
n
o

appearing in equations (5=6), (57), and (5«8} is already performed.

With height information obtained from a radar height finder,
the solution of these. equations gives all requisite navigational
information.

C. Transitional Sequences

The prdposed navigational system must operate in two widely
differing flight regiines and é.s a result its functions differ from
time to time during the course of the flight., In particular, during
the orbital descent from the satellite orbit to atmospheric :.rewentry
altitude the pilot of the vehicle has no requirement for accurate
knowledge of his position or altitude since no control is available
to him. He can, however, obtain a good indication of both his
position and altitude simply through knowledge of the time interval
which has elapsed since firing of his initial retro=thrust rocket if

this is found advisable. It was pointed out previously that the

orbital velocity of the satellite is very well known and also that the

velocity increment given the supply vehicle during the initial retro=
thrust period represents only a small portion of total velocity
vector of the vehicle. Therefore; errors in the velocity increment
do not appreciably deteriorate the accuracy of the knowledge of the -
vehicle's velocity vector: Thus, using the equations of orbital
motion and the desired velocity of the vehicle immediately following
application of the initial retroe~thrust, its position and height at any
time following, until application of the second retro=thrust, can be
BIONT 8 m e e
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accurately computed in advance and tabulated. The ability to
accurately predict any navigational information which is desired
during the orbital descent relieves the navigation system from any
requirements during this interval except for indication of the
orientation of the velocity vector (total) during the firing of the
initial retroethrust, in order that it may be properly directed.
Thig latter requirement necessitates that, some time prior to
arrival at the precomputed position at whichithe first retro=rocket
is to be fired, the pilot must acquire two designated stars (which
must be visible at the firing point} with the star trackers (using
the acquisition system provided). It should be noted here that the
pilot is given no assistance in acquisition by the navigation system
and must himself be capable of recognizing the desired stars from
their positions in the stellar constellations. The orientation of the
desired computer inertial reference frame with respect to these
two stars can be precomputed. The angles so found will remain
fixed since the stars themselves are inertial. The method of
operation of the navigation system at this time is that the star
trackers, in tracking the stars, furnish the reference orientation,
the inertial system serving only to isolate the star trackers from
base motion. Since the orbital velocity vector is well known as a
function of position, the angles describing its predicted orientation
with respect to the two stars at the desired firing position furnish

the reference orientation required for firing the first retro=rocket.

During the orbital descent, at some convenient time, there
must be a transition period during which the pilot must acquire,
with the two star trackers, two new stars which will be visible at
the desired firing point for the Second retrowthrust. This transition
is easily made, since the navigation system is not furnishing any
data during this phase. It is only necessary for the pilot to cease
tracking the previously used stars and acquire the new ones, leaving
theinertial system free in the interim. Transients, occuring when
again coupling the inertial system to the star trackers, will be very |

small; since no change in orientation of the inertial platform is
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required.

~ Prior to arrival at the pre=computed point for starting the
inertial navigation system computer, the pilot must set into the
computer the precomputed velocity components (in the computer

inertial reference frame} associated with that point.

When track is acquired by the radar airplane, the computer
in the aircraft can compute the point of closest approach of the
 supply vehicle to the desired computer starting point on the basis
of the predicted velocity vector of the supply vehicle. The aircraft
computer can also find the angles which the vertical will make with
respect to the two stars at this closest approach. The equivalent
of these angles must be transmitted to the supply vehicle as must
the latitude and longitude of the starting point. Due to the short
tracking time interval available for transmission of this data, the

setting of this data into the computer must be automatic.

- When this data is set into the computer it is ready to begin
computation. At the computer starting point, the aircraft must
transmit a starting pulse to put the inertial navigation system
into operation.

The aircraft computer can also compute the point of closest
approach of the supply vehicle fo the precomputed point at which
the initial velocity vector for reeentry into the atmosphere should
be established_(to conform with the predicted trajectory). At the
time, equal to the calibrated burning time of the rocket (for the
magnitude of the precomputed velocity increment to be applied},
before arrival of the supply vehicle at the point of closest approach
to the desired firing point, the radar aircraft must transmit a
firing pulse to the supply vehicle.

The only rémaining navigational transition is to conventional
navigational aids on arriving near the landing field. This transition
requires no setting of new initial values and may take place when
the pilot sees that accelerationé have dropped to an acceptable level
and the signals from the navigational aids are being received.
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D. Source of Externally Determined Data to be Furnished
| The Navigation System

Of some interest in understanding the manner in which the
envisioned navigational system functions, is a sequential examination
of the various operations which must be performed by the pilot or
by some external system in order to furnish to the navigation system
the necessary initial values of position, identification of stars, etc,
as may be required. The sequence is not unique but may be con=
sidered representative.

Since this navigation system is to operate only during the
return to the earth's surface, there are no requirements placed on
it until the return is initiated. The first requirement is that it
furnish indication of the velocity vector for orientational control
during the firing of the initial retrosthrust. Prior to this time,
the pilot must be furnished with the orientation angles describing
the direction of the velocity vector, at the desired firing point,
with respect to two stars. Some time prior to firing of the initial
retrowthrust the two stars must be acquired by the star tracking
system and the inertial system slaved to the star tracker. The
interval of time need only be sufficiently long to allow the system
to stabilize and the rocket to be oriented, but may be as long as
desired.

There remains only to determine the instant at which the
rocket is to be fired. Since the navigation system furnishes no
positional information in this mode of operation, the firing instant
must be determined as the end of a prescomputed time interval
synchronized during the time of last track of the vehicle by a
ground installation. For purposes of orienting the rocket for firing
of the initial retro~thrust, the quantities which must be computed
by a ground installation are:

a.  Position at which the retro=thrust is to be fired,
b. The velocity increment which is to be given by the

retro=thrust,
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C. Angles describing the direction of travel at the firing

point with respect to two stars.

d. The time interval between a synchronizing signal and

the time at which retrosthrust is to be initiated,

’ It has been shown previously in this thesis that knowledge of
position and height during the orbital flight following initial retrow~
thrust and preceeding the second retromthrust can be adequately
predicted. It is not envisioned that the pilot will have any
requirement to know positional coordinates or height during this
interval. If, however, this is found desirable, then a table of
position and height versus time, or its electronic equivalent, must

be precomputed and furnished to the pilot.

During this orbital period, at any convenient time, the pilot
must ransfer the two star trackers to stars which will be visible
at the time of the second retro=thrust. To accomplish this he must
be furnished the angles describing the orientation of the inertial

reference frame with respect to the two new stars.

Prior to starting the inertial guidance system computer the
requisite initial conditions must be set into the computer. These

quantities are:

a. Initial velocity with respect to inertial space. This
must be expressed in component form in the inertial
reference frame used. The initial velocity to be used
in the computer is the predicted value at the preselected
starting point for the computer. The velocity direction
to be used in resolving into components is obtained from
the precomputed azimuth direction, and the angle with

respect to the horizontal at this point.

b. Orientation angles describing the direction of the vertical
relative to the stars at the computer starting point (in
the inertial reference frame), These angles must be

computed by the tracking aircraft using knowledge of




e
i
=

the predicted velocity components and the desired
starting point, plus measured position, to give a
predicted best starting point.

At the computer starting point, a starting signal must be
sent to the supply vehicle by the tracking aircraft. "

At the calibrated firing duration time of the retro~thrust
rocket (for the veloéity decrement to be applied) prior to arrival
of the supply vehicle at the firing point, a firing signal must be
sent to the vehicle by the tracking aircraft. -

In resume: Prior to starting of the computer and sub=
sequent firing of the second retro=thrust the pilot must know:

a, Angles describing the orientation of two stars with

respect to the desired inertial reference frame.

b. Angles describing the computer starting point
vertical in the inertial frame.

C. Velocity at computer starting time resolved into

components in the inertial reference frame.

The supply vehicle must receive, from the tracking aircraft,
signals to atart the computer and to fire the second retro=thrust.

Prior to firing the second retro-thrust the pilot must know
the pre~computed velocity increment to be given, with respect to
inertial space. '

The tracking aircraft must know the predicted velocity
compornents of the supply vehicle at firing starting point in order
to compute the best position for sending the firing signal for the
second retro=thrust. |
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E. Functional Diagrams of the Proposed System

If the different modes of operation of the navigation system
are considered chronologically as they accur during the flight, the
first mode is one in which the system furnishes an indication of the
direction of the satellite velocity vector with respect to two
preselected stars. '

The second mode of operation of the navigation system occurs
when initial alignment of the inertial system is being obtained during
track by the airborne radar.

The third mode of operation of the system is after the inertial
system becomes operational and radar height information is being
obtained.

List of Symbols: Mode I

WIV Angular velocity of the vehicle with réspect to inertial
space.
(C)AS " Angular tracking error of star tracker.

A L-R S'Ifl Angle between the star tracker and an arbitrary
’ reference in the vehicle,

A [R, Rq] Angle between the rocket axis and the same arbitrary
reference as for A[R, st]

A [ST,R c] Angle between the star tracker axis and the rocket axis.

Mode II

A Angle between the space integrator and an arbitrary
[R,sT] |
reference.

A [R sT] Angle between the star tracker and the same arbitrary
_ reference as for A [R SI]

A [RF SJ Desired angle between the reference computation frame
2 .
and the stars.
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Mode III

A [R SIJ Angle between the space integrator and an arbitrary
reference in the vehicle,

A [R, A] Angle between the radar antenna axis and the same
arbitrary reference as used for A [R SI] .

A [A V] Angle between the antenna axis and the indicated
2
vertical as found in the computer from A [R, SI] and

AR, 4]

Not shown is the acquisitional device for the star tracker.
It consists of a mechanical sight much iike a pistol sight, pivoted
in front of the pilot. Signal pick=offs on the axes of this gight are
used to drive the automatic star trackers, one at a time, to coincide
with the sighting axis of the acquisition device. The star trackers
can then be switched to their automatic tracking mode.

The presumption that the system designed in this thesis should
be capable of guiding the pilot to a landing at a specified point was
chosen as the most demanding of various possibilities. Relaxation
of this requirment in allowing landing anywhere within a specified
area (é.s a desert, lake, or ocean) allows a corresponding relaxw
ation in the accuracy requirements on the system. If the area allowed
is sufficiently large, the relatively simpler method of obtaining a
vertical direction indication through use of a horizon scanner, will
suffice instead of the tracking radar = star tracker used. In addition,

a radar fix can be done without obviating the need for a tracking

_aircraft and radar beacon in the vehicle, Although this thesis does

not épecifically discuss this navigation scheme, the method of
approach to the requisite specifications remains unchanged and
extension of the data given in Appendix F to this case is simple.
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APPENDIX A

ADAPTATION OF KEPLER'S LAWS OF ORBITAL MOTION

The Keplerian equations of orbital motion may be found
derived in most standard graduate physics tests.28 The notation
used varies greatly from one author to another; therefore, insofar
as convenient, this thesis will adopt the system of nomenclature
used in a study by the G,L., Martin Company of Baltimore, Md.29
The study done 7by the Martin Company presents a far reaching '
analysis of many of the problems to be met in the design of satel»
lite vehicle guidance systems, but the results of this study were
largely not useable per se for this thesis, consequéntly certain
useful expressions were derived by the authors and are presented
in this appendix. No attempt will be made to reference most of
the equations to other sources, for they may be easily derived by
anyone desiring to do so. Only the elliptical equations of motion
will be considered in this thesis, there being no need to consider

the hyperbolic and parabolic cases.

A1, List of Symbols

F force of attraction of the earth on an orbital vehicle.
m mass of the orbital vehicle,

1\/Ie mass of the earth,

r : radius from center of attraction to the orbital vehicle.
0 angle the radius makes with a reference radius in the

plane of motion, measured (+) in the direction of

motion, measured from the radius to apogee as a

e
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reference radius.

altitude above the surface of the assumed spherical
earth (also angular momentum),

radius of the earth (assumed spherical).
2.09029 x 10'7 feet (see Martin Co. Report).

R+ h.
e
orbital period.
6 _fto
gravitational constant = 1, 408142 x 10 %
sec

a constant.
a constant.
a constant.

angle of misalignment between velocity vector and

retro~thrust direction.

the angle deflection of the direction of motion due to a
retro~thrust misalighment,

flight path elevation angle (i.e. above the local hori=
zontal), -

eccentricity.

angular momentum of the vehicle divided bythe mass
(also used for altitude symbol, for there is little
chance of confusion here),

velocity

circular satellite velocity at the altitude in question.
velocities at apogee and perigee, respectively.

semiemajor diameter of an orbit.

semi=minor diameter of an orbit,

UNCLASCIFIED
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AV increment of velocity change due to retrosthrust applis
cation, sometimes called the characteristic velocity

of a maneuver,

ha apogee height,
hp perigee height.
b angle of misalignment of the indicated vertical with

the true vertical, in the plane of the velocity vector
and the true vertical, measured from the true vertical
to the indicated vertical, considered (+) clockwise.

s (as a subscript) conditions at the satellite or in the
initial orbital condition.

A~2. Equations of Motion

. 1 73
Ae2a, iy = A cos 6
S e r
h
Aw2b. hs rVcos v = constant
2 h =»h h -h
h™A a_ D ,_2
A=Ze, €="u " = 2R Th o T B
2
A=2d. re2iloe)
le e cos @

aere.  vaE {ZTe {E (EEE. I (B
A=2f. v, = &

Cc

Energy Equation K.,E. + P.E. = Constant

o . 2 . :
- - pm _-pgm V-m
Aw2g, e T e = constant
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A=2h,

Aw2i,

A=2j.

A=2k.

Aw=21,

A=2m,

A=2n,

A=20,

A=2p.

Ae=2q.

a(l= ez)

h=x\l1.z a(l-ez) = rV cos vy

cos v = ’ ! 21-e
r Zamr

tan vy

¥ =

cos =
’YO

F=e

& e gin 0

= le e cos 6

« ¢ sin O
1w e cos 8

V_r cosvw
P_Dp 1
Vo Yo

4 (l=e)
(l+e)
’ (l+e)
(1= ¢€)

ey
2
r
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APPENDIX B

ORBITAL ERROR ANALYSIS

B«1l. OQOrbital Initial Conditions

For the purposes of the investigation of this thesis it is
assumed that the satellite vehicle is initially in a nearly circular
orbit, in which the apogee and perigee heights differ at most by
12 miles. This value is taken since it appears feasible, with
present day equipment, to establish an orbit of such a low eccen=.
tricity, because the analysis of the return trajectory of the vehicle
to earth is greatly simplified if this assumption is made, and be=
cause other investigators have set this condition in their analysis
of other portions of the satellite supply mission (The Space Group
of the M, I, T, Instrumentation Laboratory}. It will also be
assumed that the satellite vehicle's orbit lies somewhere bet ween
300 and 500 miles in altitude. This assumption is based upon the
short lifetime expectancy of lower circling satellites, and on the
probable utility of satellites in an orbit low enough to maintain
communications and have good visible information of the earth

over which it passes.

When the above assumptions are made, the resulting satellite
orbits have very small eccentricities, The maximum eccentricity
is obtained by the orbit whose perigee is 288 miles and whose
apogee is 300 miles in altitude. This maximum value of eccen=

tricity is:

e = , 0014108
max
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The problem of return from a noncircular orbit becomes
much more complicated for calculations in error analysis; however,
the system proposed by this thesis for the return from the nearly
circular orbit should also meet the requirements of the more
general return problem. The only modifications necessary would
be the form of the calculations carried out on the ground prior to
the initiation of orbital departure, and an increase in the accuracy
of the knowledge of the initial orbital conditions forced by the
sensitivity of the correct value of the retro=thrust to be applied to
the local flight path angle at which it is applied (see Appendix
B~12c). Consequently, a short introduction to some & the equations
for the general orbital departure is included in this appendix
(see Appendix Bell).

The orbits of the satellite and supply vehicle will be assumed
coincident prior to orbital departure by:the supply vehicle. The
position of the supply vehicle in space will therefore be considered
to be known from ground tracking data to within a rectangular box
1 mile long and .4 miles high and wide for times within one half of
an orbital period after the last period of ground tracking informas
tion and to within 10 miles by 4 x 4 miles for times up to two days
after the last period of ground tracking. Proceeding from these
assumptions is the further assumption that the velocity of the .
supply vehicle is known to & 1.0 foot/sec at all times up to onew
half an orbital period and to + 1,15 feet/sec up to two days after
the last period of ground tracking.

Be2. Velocity Variation in a Nearly Circular Orbit (Symbols
| Used are those Defined in Appendix A)

: loe
V(ata) ’_a BRIBET)

for small eccentricities this becomes

V eV \
—E———V 2 =2(l+e)m=(l=e}=2e
Vo

U lﬁlﬁsuirlED
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The maximum fractional variation occurs for the lowest
altitude orbit and the highest orbital velocity also occurs at the
lowest orbit; therefore, the maximum variation in velocity occurs
for the orbit where hp = 288 miles and ha = 300 miles.

2 € nax = 00282

V =V

p~ Va (max) * 70.5 ft/sec (variation in velocity from

perigee to apogee).

Thus, to establish the velocity of the supply vehicle to
I1.0 foot/sec at all times, the position of the satellite apogee or
perigee must be known to within approximately I 2.5° of central
angle, 8. (The variation goes approximately as 70.5 cos 0 s o)

B~3. Maximum Local Flight Path Angle for Nearly Circular
Orbits30

Ymax (e e)lfz

for small eccentricities, v is small; therefore,

Y x €
max 1 I 9

(1= e)

for the 300 mile orbit, e = ,00141, andy___ = .08°

o
(o} =~ e sin 6

57.3

Knowledge of the central angle of apogee of the satellite orbit
to Fa, 50 connotates the continuous knowledge of v to & .2 minutes
“of arc or better. Thus the initial value of vy upon which to base
orbital departure computations will be known to at least this
accuracy for the assumed nearly circular orbits., In all likelihood,
the knowledge of this vy would be utilized by the computational
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scheme at the ground tracking station rather than assuming a
perfectly circular orbit and allowing errors of re«entry angle due
solely to this assumption. of as much as . 08° (or five minutes of
arc). Starting ree~entry at 25,000 ft/sec velocity with five minutes
of arc error in reéentry angle leads to an initial height error rate
of 36.4 ft/sea., With a completely inertial measurement system,
this height error rate would be catastrophic to the knowledge of
the height coordinate (see Appehdix F=9). However, with height
measurements supplied to the vehicle continuously, such small
entrace angle variations should lead to insignificant errors in

other variables.

Be4, Circular Satellite Velocity

- The region of interest is for circular orbits from 300 to 500
miles in altitude.

V ¥ B 3 for convenient reference, this equation
' is plotted in Fig. Bel.

Also note,
aVc - Vc this expression is plotted in Fig, B«2.
ar 2r
c c

B«5, Increment of Veldcity Required at Orbital Departure (To
have a Perigee of 300, 000 ft). (Initial Orbit Circular)

_ T
Av'Jc'equired * Vc 1= ’:P

Wher a and r refer to the resulting elliptical orbit. This
expression is plotted vs., original altitude as Fig. B«3. Fig. B«4
shows the eccentricity of the resultant elliptiéal orbit from apogee
'to 300, 000 ft. as a function of the original altitude.
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B=6. Incremental Perigee Height Change for V Change

_BAV _ 28AV _ _ 1 [——= 1 Lc
9a =I‘E)hp =7V 2aerc(2)

a

therefore

- BAvV . Ve .\/ a (f&)
oh 4 2a = r. a2

where a refers to the semiemajor diameter of the ellipse after the

retro=thrust.

oh 2
p x w ( a )‘ 4
AV Te c

This equation is plotted vs. altitude in Fig., Be5,

B«7. Rate of Change of Altitude With Respect to Central Angle

ar _ (1 ez') e sin 6
ao (L= e cos 9)2

For very small values of ecceﬁtricity (e <.002)

Br /) . e sin 6 or..‘?_ra-easine

g 0ja : a6

For larger values of eccentricities with 6 near perigee

(6=180° X A 0) making small angle approximations,

ar ' lae _ ‘
Near apogee
3r/ x (1+ e} e 0
§6/a (L= €}

These are plotted as Fig. B=6.

3“'&:“331?5.”9




- Near perigee, —_—

B-8. Rate of Change of Local Flight Path Angle () with Respect
to the Central Angle (9 ):

w e gsin 6

tan 7'=, ® 4 for small eccentricities e<.l

l=¢e cos 6

since, 0% =

max !—'1__ ez

3y e (e = cos 6)
36 (l» ecos 6)2

for small eccentricities e <.l

therefore,

Q
<2
X
o
o

4]

86 1l+te
very approx. for e <.l
Near apogee, BY . =€ ~ue
830 l=e
& perigee
Thus, Ay =teAo approx. for » apogee relationship

B«9, Effects of Misalignment of RetrowThrust Direction
Let v4 be the deflection of the local flight path direction.

Let 7 be the misalignment angle between the direction of

the retrowthrust and the velocity vector,

AV" \'A
sin Y4 sin 1

‘Then, approximately,

- . AV
therefore; Yd x TV
. - AV . .
where, ~ = - 028 for the 500 mile orbit

-é‘-rl = ,017 for the 300 mile orbit
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B~10. Change of Altitude Near Perigee as a Function of the
Central Angle

2 1 1
rurpsa(l e [lﬂ-ecose ml-l-e]

l+cos 6
< o
For e<.l r rp ® ae [(l-l— e}{(l= e cos 6 )]
For 170° < 6 < 190°
re o 1+ cos 6
a 5 e 2
(L+e)

This is plotted for various values of e as Fig, 8«7,

Be=ll. General Equations for Departure from a Noncircular
Satellite Orbit

Although this thesis is not directly associated with the
problem of return from a noncircular orbit, the resultant navie
gation system proposed by this thesis appears ammenable to that
problem as well as the purely circular case. An introduction to a
few of the equations necessary to analyze such a problem now

follows. Keplerian laws of motion are still assumed.

Let the subscript (s} denote the conditions associated with
the original satellite orbit, and subscript (o} be associated with the
initial conditions required of the orbiting vehicle in order to have
a perigee of 300, 000 feet, the desired re-ent‘ry altitude. Also,

a ,e ,V r , etc. are all assumed known as a function of

s s s’ s
time from ground tracking data.

From the energy equation the perigee velocity becomes:

2 2 1 1
Bella, Vp =V "+ 2u(—; - rO)

p




From the constancy of angular momentum write;

V._r cosv¥wy V r

B=llb. cos v, = -—-p—‘-/.—E-I—.—— P :TB'FE
oo o

O

Therefore, if VO is the required velocity of orbital departure,

_p
28 rp (1= rs')

Belle. _—
VO k r 2 COS2 - T 2
s s ™ 'p
2 1 .
Belld. v, . ,J,,. (£~ 1)
S S

Thus the increment of velocity to be applied:

pr (= —P)
Be~lle. AV = V - 2
cos Y
Substituting for ry in V equation and rs cos Vg in the AV
equation, we get;
n ) 2'
Bw1lf, AV = [— 5 ,‘ﬁ»Zescos Gs+es -
ag (1= e )

]
2 2
2rp [as (l-es )v-rp(l-escos Gs):l [1s-2escos GS-I- e J

2 2 4 2 2
a (1~i-2eS +es ) «rp {1-'-2 escost‘?s -l—es )

or

5 k|
21:pl-—a"s(l“es ) rp (1“-63S cos QS)]

2 [1.. 2 esz-l- 6541 - rp2 (1= 2eS'cos 9s+es2)

Bellg, AV =V_{l=~

where VS is given by
' : R
- —F e 2
Bellh. Vg o= 5 (le2 e, cos GS teg )
a (1= e )

NG .i.&SSWE?}



Thus, the above equations could be solved as a function of
OS for the increment of velocity to be applied, as long as the

constants associated with the satellite orbit were known. The

‘above equations specify the magnitude of the retro=thrust velocity

change in order to have a perigee of 300, 000 feet, but they do not
give the range at which this perigee occurs. '

For the time variation of GS we note that

2 des
Belli. hs = constant = rS T
_ tz .
Bellj. GS = g S gt
/t 2
1 r
s
o1 & 3/2
Bw~11k, T = —_— where TS is the satellite orbital

® V KB period.

2

Belll _des x 2T - g 208 €S_).
&t T, 1. 2302
s
Therefore 81 s
N A -
I e le e§ sin €§‘+ 'sin'l (e » cos OS) . -Egr'—. )
e l-es cos Gs, (l-.-ecosBS) 2 a 2

What is the range at which re~entry occurs using the above
equations? The range of concern is the range from the first
retromthrust to the resultant perigee as measured by the central
‘an'gle traversed. Through manipulation, the equation of motion

in the new orbit can be expressed as,
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where the eccentricity is,

5
Bello. e =B \/Voz -k, B
KB o} h
Setting r = r, in this equation will evaluate the cos 60 s
where numerically 6 is the angle to go till apogee if v  is (+),

and/or numerically, 90 is the angle to go till perigee if v  is (=).

Table for Range to Perigee

cos 60+ cos 90 -
o - o
Yo 1807 = 60 1807 = 60
o
"{o + 180 + 00 180 + 60 .

Thus, the sign of cos 90 determines 90 as some angle between o
and 180° for the purposes of this calculation. Then, the sign of
Yo determines whether you add or subtractthis angle to /from 180°
to get the angle till perigee.

The general error analysis which proceéds from the above
equations is not a feasible study without the aid of high speed
calculating machines. A check was made, however, on the
equation for the sensitivity of perigee height to0 error increments

' in initial velocity.

AP 2Dy
ISR

Belld.. -ur uzr:.;z+V4r4cosz'Y *2#V2r 300527'
.rp "—f_—“d L - 2 2 40- P > 2 0% ’
Vo To™ 2 Vo Ty = Vo To i
Then, 2
Sr 2uV _r »
Bellr., WZ " 41,‘2”:40‘3l 2,- 2. rw®
: o "o -0 0

Al s
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Where: -
9 V4r2e4pV2r +41.52
=12V r 2__0 o9
H
© o u2+V4r200527-2 Vzr cosz'y
o0 "o Yo BVo Yo o J
and;
2 2 2 4 2, 2
{} i cos 70(4uV0 ro 21 aVO ro)nuvo r
8 4 6 3 2 4 2 3., 2 4
Vo ry ~8pVO rs + 24 V0 r, =16 n V0 ro+16p¢

In the case of the circular orbit, the equation for Vreq
becomes:

2ur
v x| —DR  « | 20K
0 req r (r_ +r) r
oo p o

This can be rearranged,

VOZ r 2
B”llt. rp*-———?—-—z—
2p-VO ro
or
or 4uV r 2
B-llu, I S — )
0 Vo ro w4pVO r0+4p

When calculated for the 300 mile circular orbit, this checks

fairly well with the already calculated 1f0AV/ ahp or the equivalent
9h ah

— e P
of SAV = BVO , etc,

Also,
B-llv,
2 2 2 2 —|
3rp V0 roo- 4u Vo ry + 4pu .
—
8y 2 2 4 4 2 2 3 2
o) BT + VO r, cos” v, 2pVO r, cos 'yo
4 4 2 3 .
(VO rot e 21 Vo ro } cos Y, sin v,
4 2 2 2
VO r ~4;.eVo r0+ 4u




It was not deemed profitable to carry the general case analysis

any further; however, the next section takesone aspect of the general

" Bwl2b.

equation analysis and reduces it to a useful result for the nearly

circular orbital case.

Bel2, Rate of Change of Velocity Increment Required at Retro=
Thrust with Respect to the Initial Flight Path Angle

The general equations above allow us to take,

r |
: ; 2 2 . 2" 2 .
2pr (lf*-P)‘/r .cos”“ v r “ r “cosvy_sinvy
AV =-.-.‘J pTor, o o 'p "o o o-

Bel2a.

o T 2. L 2.2
o (ro cos” v, rp)

For ellipses with small eccentricities this reduces to,

r
Vz” p (l"'P)
—g?VSa > 3[2 rzsin'y'
o (ro s r )

o o

This approximation is closely valid for the 300 mile original
orbital altitude, but the approximation becomes less valid as
higher initial altitudes are considered.

For the case of the nearly circular orbit of altitude 300 miles

this approximate equation may be written,

2
. AV o
B-l2c. '5"7; *e V, required W Yo
o P

The V for the 300 mile orbit is approx. 24,650 ft/sec, and

Thus,
gfy‘v == 22.2x10% v for the 300 mile circhlar

o orbit case.
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The above equation, although not valid for highly eccentric
orbits nor for large values of Yo » shows the extreme sensitivity

of the required retro-thrust magnitude to Yo - This factor alone

' shows that it would be greatly preferable to initiate the return of

the supply vehicle from a nearly circular orbit than from an
eccentric one.

The gﬁv for the 300 mile orbit altitude considered above

o

is decreased by" almo.st a factor of two when the 500 mile orbit is
considered., Thus the lower initial altitude orbit will place the
most stringent requirements on the knowledge of v o+ Note also
that the Ymax is the highest for this lowest altitude orbit, which
re-enforces the tendency for this orbit to set the most critical

requirements upon a control or navigation system.

B«13. Oblateness Effects of Earth

The major effects of the earth's oblateness are the pertur=
bances to the otherwise nearly elliptical orbit, and the geometric
change of altitude due solely to the nearly circular orbit traversing
a nonuspherical earth and therefore coming closer at some times
than others. The geometrical effects are mainly a function of

-latitude and will be assumed to be completely compensated in the

ground computations in the system.

The orbital perturbances take three predominant forms,
a. Regression of the Nodes, b. Precéssion of:the Apsides,
c. Changes in the Orbital Period. The approximate equations
governing these perturbances are given in the Martin Company
report, "Dynamical Analysis and Design Performancd Require~
ments for Satellite Vehicle Guidance System," Chép‘ter I. It will
be assumed that these equations are accurate enough to allow np
large errors due to inaccurate kn'ow-ledge of these oblateness
effects. If this is not so, then closer approximations must be
obtained from some other source, so that the ground computation

may be done with the closest tolerance possible. This assumption

{INCLASSIFIED




will allow the design of a system to proceed unimpeded by

consideration of ground based calculation errors.
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APPENDIX C

ATMOSPHERIC TRAJECTORY

In order to determine what information a navigation system
should supply to the pilot of the vehicle and what accuracy require~
ments would be placed on the system in order to supply it, the flight
regime below 300, 000 ft., where the atmosphere is considered to
become appreciable, is examined in some detail. This examination
is also necessary to gain some knowledge of where the descent from

orbit should be initiated in order to land at some desired spot.

The flight regime below 300, 000 ft. may conveniently be
subdivided into two parts. The first is the re~entry phase in which
the flight path of the vehicle is governed by the amount of heating
and the magnitude of the drag decelerations to which it is desirable
to subject the vehicle and its occupant., The second, or gliding,
phase begins when the vehicle velocity has decreased sufficiently
to allow maneuvering without experiencing undue heating or accel-
erations and the vehicle can be glided to a landing at the desired

spot.

1. Trajectories

Mr. Dean R. Chapman has derived the following equation
for vertical motion of a lifting vehicle on re~entry into the

a’nmosphere'?’2

_2
-d ,dZ _ Z,_l=3 4 L 3
g lar - §)-§g cos ¢+ Brpeoste =0




S

»,f i
‘!j" ﬂ‘!u«

Where:
(25 g
Z = 2 ‘l'g’ ue By
2 (C‘QA)
D
N gr

A reference area for drag and lift.

CD drag coefficient.

g gravitétional acceleration.: . . ..o ..

g gravitational conversion constant.

D drag force.

L lift force, lbs.

m mass of vehicle, slugs.

r distance from planet center, ft.

u circumferential velocity component normal to radius
vector, ft/sec.

u, circular orbital velocity, Vgr , ft/sec.

y altitude, ft.

B atmospheric density decay parameter, ftﬂl.

[0} flight path angle relative to local horizontal direction,
positive for climbing flight, negative for descent.

p density, slugs/ft.

P represents the intercept of the straight line which best
fits a curve of log p vs. altitude and is not the same as
the true sea. level density Po -

In deriving this equation, Mr. Chapman made the following
assumptionsss‘
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1. Atmosphere and earth are spherically symmetric.

2. Atmospheric density B Varies exponentially with
altitude.

3. Peripheral velocity of the earth is negligable com=-

pared to the velocity of the entering vehicle.

4y In a given increment of time, the fractional change
in the geocentric radius to the vehicle is small,

compared to the fractional change in velocity.

5. For lifting vehicles, the flight path angle ¢ relative
to the local horizontal direction is sufficiently small
that the component of lift in the horizontal direction

is small compared to the drag.

This equation was integrated by members of the Instru-
mentation Laboratory staff, using the IBM 650 computer, for a
number of initial conditions. Since it was not the intent of this
thesis to study the dynamics of re~entry, one of the vertical
flight profiles thus obtained was selected as representative, and
the results (height and time) used to obtain representative hori=
zontal flight paths over the earth's surface. The profile chosen
was for a lift to drag ratio of 1, initial angle ¢ of OO, and initial
velocity with respect to the air mass of 25, 445 ft. per second.
To obtain horizontal flight paths, the following equations were
derived:

VI.A IE (RE + h) cos Lat
‘o 2.0 2,0 2
dv. Vv -V +V
V.. 1V V-1 A"y . Wig (cos Lat) %
dt | 2 Vv Vav | t
7 2 2 2
Vv +V -V
4+ (sin Lat)(R +h) dLat] IA2 i 1277 AV
IA "IV

_ VU”F!_‘L'}S_O ;




d Lon
dt

Where:

Lat

Lon

2 2 2
dlat, v [ ,. {Via tViy " Vav
dt (RE + h) 2 VIV v AV
- 2 2
\'4 v -V
. . =AY IV AV
=W._ (1= cos Lat)+ }
1IE (RE+ h) cos Lat 2Vip Vav
latitude.
longitude.
earth's angular rate of rotation.
average earth's radius. '
height above earth's surface.
deceleration of the vehicle due to drag.

velocity of the atmosphere with respect to an earth

centered inertial coordinate frame.

velocity of the vehicle with respect to an earth centered

inertial coordinate frame.

velocity of the vehicle with respect to the air mass.

In these equations the following assumptions were made

in addition to those made by Mr. Chapman:

1. Motion was over a rotating earth rather than a

nonrotating earth as assumed by Mr. Chapman.

2. On the average, the atmosphere is nonrotating with
respect to the earth.

3. The results obtained from integration of Mr.

Chapman's equations are valid for motion with

respect to the atmosphere.

UNCLASSIFIED
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4, No control is exercised over the vehicle by the

pilot.

These equations were integrated for three sets of conditions
of initial latitude, initial longitude, and initial velocity with respect
to inertial space using the IBM 650 computer (see program). The

results are shown in Figures C~1 thru C=3.

The assumption that the pilot cannot exercise control over

the vehicle during the re=entry phae is based on the following facts:

a. Any aerodynamic loads applied through the controls
would increase the amount of heating and acceler=

ation experienced by the vehicle.

b. No appreciable changes in direction of travel by
application of controls can be made without
experiencing high accelerations due to the very

high velocity of the vehicle.

C. If continual lateral control in one direction a
majority of the time were require d to follow a more
arbitrary path, then the pilot would be restricted in
the amount of control remaining available to him

for correction of errors.

When the velocity of the vehicle has been reduced by air
drag to the point where the vehicle may be maneuvered, it may be
considered to be in the glide phase of its flight. The exact point
at which the re~entry phase is completed and gliding flight begins
is not well defined and will depend on the structure of the vehicle,
the desirable acceleration maximum, etc. For purposes of this
thesis it was assumed to begin when the aircraft velocity, with
respect to the air mass, had dropped to approximately one tenth
of its original value or about 2, 500 feet per second. For the
representative vertical flight profile used, this occurred at a
height of about 91, 000 feet.

Once the velocity has decreased to this lower value, the

UNCLASSIFIED







b

D LR

— e \w{TwiAv

'
'

BN B







lateral accelerations experienced in following a great circle path
. ... 35 .
are very moderate, never exceeding 0.1 gravity = and decreasing

as the square of velocity.

Since the actual flight path to be followed during the gliding
phase is at the option of the pilot, only the limits over which the
pilot could control the vehicle, i.e. the dimensions of the area in
which he could land, were sought. For these purposes it was
assumed that the vehicle could fly at any lift to drag ratio between
1l and 4. The distance he can travel during glide is given

approximately by the energy equation:

A A
As = N5) h + 5 g
Where:
L lift,
D drag.
h height.
As distance traveled.
Vl kvelocity at beginning of glide.
V2 velocity at termination of glide.
g gravity (assumed constant).

If a landing speed of 300 feet per second and an initial
height of 90, 000 feet are assumed with Vl = 2, 500 feet per second,
values of As for L/D equal to 1 and 4 are 185, 000 feet and 740, 000
feet or 35 miles and 140 miles respectively. Thus the range of
7 control available to the pilot over distancé traveled (about the
distance traveled at an average L/D of 2.5} is £ 52.5 miles. The
horizontal track covered by the vehicle in traveling the distance
As is at the option of the pilot, but the area formed by all points

at which he can land is bounded by a shape similar to a Calrdioid?f6

The mose desirable ground track during the glide phase,

UJNCL ,;I:SQFEE




for planning purposes at least, is one in which the final heading
at the end of re=entry phase is continued over a great circle route
(for practical purposes at the short glide distance available - a
straight line) at a lift to drag ratio in the middle of the available
range, in this case 2.5. Thus, the most desirable glide track
over the ground is straight and is 87.5 miles in length.

Combining the re~entry phase ground track with the glide
phase ground track gives the desired re=entry point (and initial

condition of velocity) for a given landing point.

2. Derivations

The re=entry phase of the vehicle flight is considered to
start at an altitude of 300, 000 feet where the effect of the atmos=
phere becomes appreciable, It lasts until the vehicle velocity has
been decreased sufficiently by atmospheric drag to allow the
vehicle to enter a gliding flight (see text).

During the re=entry phase, there exists the possibility of
the vehicle being subjected to severe heating and accelerations.
In order to minimize these quantities, the vertical flight profile
must be carefully planned. The problem becomes, then, one of
finding what ground track will be flown when a given flight profile

is flown.

For use in maing this computation, data from solution of

Mr. Chapman's equations was used and is as follows:

{ time (seconds).
h height above the earth's surface (assumed spherical) in
feet,

v AV velocity of the vehicle with respect to the air mass

expressed.as

Pt
L’
i

'
&




Where:
© constant,
r RE

Re radius of earth

+h»

deceleration of the vehicle,

Definition of symbols:

Viv

Via

Vav

Lon

Lat

Ag =

q =

a, B, v

velocity of the vehicle with respect to inertial space.

velocity of the air mass with respect to inertial space

(assumed stationary with respect to the earth's surface).
velocity of the vehicle with respect to the air mass.
longitude.

latitude.
t

Y dg/dt

g}

9, T Aq

= angles as shown below

angular velocity of the earth with respect to inertial

space.
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Determination of initial values

Lon_
o

Lat
o}

i
Ho

Let

derived from 1:3.’c0 + i,
assumed (consistant with i)
orbital inclination (assumed})

initial heading angle: Determined as follows:
Lo = = Lon (of line of nodes) + Lon0

La = Lat
o

Transforming from pesition expressed in orbital quantities

to an expression in earth coordinates and equating like terms gives:

c
c . . .
031cosL0+smLo [

os i sin Lo cos Lat + sin i sin Lat
cos Lo cos Lat

i
an0

[cos i sin L0 cos Lat + sin i sin Lat ] 1
1+

cos L0 cog Lat

This determines H o in terms of L o i, and Lat.

VIAo =

\'

Vive = Via

A% =V

IVo I_A

WIE(RE + Ho) cos Lato

AVo = given from other program

— . i
o Sin H +\/V2-o —(Vmogosﬁd)z .

2 2 2 1!

sin H +J VAVo VIAO‘+Vlesin Ho

Initial conditions used for curves C=1, C=2, and C=3 were:

1. Curve C=1

Lat_ 20.000°
Len 39.081°
(e}
VIV-O- 26, 485 feetfsecond
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2. Curve C=2

Lat, 25.000°

‘Lon_ 53.869°

A 26, 488 feet/second
IVO

3. Curve C=3

Lat_ 50, 000°

Lon_ 43,477°

A% 25, 890 feet/second
IVO

Derivation of equations to be solved: The triangle formed by the

velocity vectors is:

r~

i
-~

——> LON

From this diagram:

d(ALat) _ YAV .
dt (R TH) sin
d (A Lon) - I_A_ Av ~ '
dt " (R +h) cos Lat +(RE T hy cos Lat <08 ¥ = W cos Lat
Yy = a+ B

VIA = W]E (RE +h..) cos Lat

-~
P

Ty AT
AR T e S S fL

i

i
s

Lo

i
o e g

o

P T
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V .
d (A lon) _ - AV ~
at = WIE (1 ~ cos Lat) + (RE Th) cos Lat cos ¥
siny = sinecos B# cos esin B
/ cosY = cos @ cos B= sin e sin B
2 2 2
Via Vv = Vay
cos @ = TV v
IA "IV
2 2 2
L Via tViy = Vay©
sing = (l= 57 = [A.J
h - IA "IV
2 2 2
| Vg = Vs tV,y
cos § = T Voo V
IV "AV
Vv A
sin B8 = _...If&_. sin «
Vav
2 2 2 2 2 2
Vv -V +V Vixa  +V -V,
siny=s A Iv 1A AV + IA IV AV /[ ' IA
2 Vi, Vay 2 Vi, Viy \VAV
2
2 2 2
_ 2 | Via TViy - Vay 1
sy = | [Viy 7 2V v
' IA AV
2 2 . 2 2 2 2
cos 7 = VIA +VIV - VA.V VIV VIA. +VA.V
2 VIA VIV Z‘VIV VAV

+ -
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N 1 2 2_v 2 2.y 2.y 2 3 ,
v v 2y Vi + Yy = Vay 2WVpa Yy = Vay *Viv = ViatVay
IA "IV AV
7N
Vav
Then:
. 2 2 2
cos » (Vi ™t Viy = Vay') Via
2Via Vav Vav
2 2
Vv " Vav
2 VIA VAV
dVv dVv avVv
IV _ AV __IA
I = % cos B + It cos a
dVv
-—d:cé—\—f =« a from other program
VIA = WIE (RE + h) cos Lat
dvVv dA Lat
1A, - dh
@ - WIE [- sin Lat (R.E + h) 1t + cos Lat dt]
_ 2 2, . 2
Vg Vv = Via +VASL]
dt ‘ L 2 VIV VAV :

s

: dh ,_. d Lat
- WIE (cos Lat) a—,E--t- (sin Lat)(RE-l— h) -

L

2 2 2
Via" TV = Vay
V..V

IA IV

2 2 2 2
-V
dLat _, VIV l_[vm TViy = Vay ]

dt  (Rg th 2Via Vv




d Lon
dt

MO0010

$0020
MO0030
E0040
MO0050
S0060
MO0070
MO0080
S0090
MO0100
MO110
S0120
MO0130
M0140
soi5o
MO160

S0170

2 2
v V.. CaV
AV IV "VAV
=W._ (1~ cos Lat) + — : J
83 (RE + h){cos Lat) | 2 VIA VAV
READ Vi, LAT, LON, DT 1
PUNCH HDG, SP2
TIME LAT LONG Vi
SECS DEGS DEGS FPS
N =0
R = 20902900 " EARTH'S.RADIUS
E
T =0
W = .000071972 EARTH'S RATE
(RADS'f SEC)
IE
C =4
READ A, H, V,. , DH 2

.VLA =YVDS(EHE-PID COS (LAT) 3




E0220

1\/[0230‘

50240

MO0250

50260

28397

E0270
MO0280

50290

E0300
MO0310

50320

E0330

MO0340

S0350

MO0360

S0370

MO0380

50390

MO0400
MO0410
MO0420
MO0430

50440

D LAT/DT = (VIV SQRT (1 - M?‘I)

/ (RE + H)
FLAD SYSTEM 0000 04-08~59

D LON/DT =W

t

: 2
m d- CL) + V,y ((VIV

2
VAV) / 2Vip Vay )/(RE + H) CL

DV /DT =« A (Viy = Va #V,y” ) /2
VIV VAV) - WIE (CL DH + SIN (LAT)

(RE + H) DLAT/DT) M

IF C-4 NZ, GO TO 8

IF N=15 ZERO, GO TO 6

PUNCH T/54,(57.296 LAT) /52,

(567.296 LON) / 53,VIV/ 55,5P2




- M0450 '

MO0460
MO0470
MO04380
50490
MO0500
E0510
M0520
50530
MO0540
28397
MO0550
MO0560
MO570

MO575

MO0580-

MO590

N=N+1
GO TO 7

PUNCH T/54, (57.296 LAT) /52, 6
(57.296 LONY53, V., /55, SKIP

PUNCH HDG, SP 2

TIME LAT LONG VIV

SECS DEGS DEGS FPS

N =0
FLAD SYSTEM 0000 04~08~59
C =0 7

DIFEQ T, DT 8

C=C+1

IF C-4 ZERO, GO TO 2
GO TO 3
START AT 1




APPENDIX D

USE OF ELECTROMAGNETIC ENERGY AS A
MEANS OF NAVIGATION

In examining the various possible means of navigation of a
satellite supply vehicle consideration must be given to the possibility
of using as a means of navigation, or as an assist to another means
of navigation, information gained through the use of electro=

magnetic energy propogation.

D=1, Propagation

Propagation of electromagnetic energy through the atmosphere
has been studied for many years and its properties are well known.
Due to the relatively great height of the satellite supply vehicle,
‘however, the possibility exists of using so=called "line of sight"
frequencies for contacting the vehicle at great range, the propa«
gational horizon having been greatly extended by the height of the
vehicle (see Figure D=1). If the electromagnetic energy is to be
utilized only for communication or establishing a data=link between
the vehicle and the ground the great range presents only one

problem = that of obtaining sufficient transmitted povver37

For electromagnetic navigational systemsg, however, an
atmospheric effect, pronounced at great ranges, which will have
considerable effect on the accuracy of the system, is refraction of

the energy by the atmosphere in the vertical plane.

Electromagnetic energy is refracted by the atmosphere at a
standard value of radius of curvature of four-thirds of the earth's
radius. Meteorological conditions other than standard will cause

38

this value to vary from about 1.1 earth's radius to 1.6 earth's radius™.







Under some conditions, particularly trapping of a cool, moist layer
of air under a warmer layer, complete beam trapping may occur
giving greatly extended horizontal coverage but blind vertical

coverage.

The effects of the variation in atmospheric bending are three=
fold. First, the "horizon'" of propagation will vary with the amount
of refraction experienced; ob'viously the condition of least bending,
where the horizon is at its shortest distance from the transmitting
site would have to be provided for, to give reliability of coverage

in any electromagnetic navigation system envisioned. Secondly, for

‘any navigation system utilizing the measurement of time of travel

of energy for establishing position, as range for conventional radar,
there exists an uncertainty in the length of the propagation path,

due to the variation in refraction, which may be considerable.
Thirdly, for conventional directional radar systems height

measurement becomes inaccurate and unreliable,

If extremely high frequencies are to be considered, an
additional factor bearing consideration is the absorption of electro=
magnetic energy by oxygen and water vapor, the only atmospheric
gases having both permanent dipole moments and energy level
spacings of the appropriate value to be of interest in the propagation
of energy at wave lengths above 1 millimeter. The absorption
effects of these gases become noticeable at wave lengths below 1.5
centimeter, and are very pronounced below 1 millimeter, the total
effect being to render the atmosphere nearly opaqube for wave

lengths between 1 millimeter and the visible region.

Ionospheric effects on propagation must be considered if
electromagnetic navigation is to be used at heights in or above the
ionosphere, Of first concern in this respect is the well known
reflection of electromagnetic energy by the ionospheric layers.

It has been-shqwn‘]‘l that the energy transmitted through a stratified
ionosphere of four layers is not appreciably attenuated due to '

reflection and magnetoionic splitting at frequencies above 40
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megacycles per second, the ratio of transmitted energy to incident
energy for an incidence angle of 10° at 40 megacycles per second
being .99984. These results can be extended to other incidence
angles since it has been shown42 that oblique~incidence results at
frequency (f) can be related to results at other incidence angles

using the relation, f cosi, where (i) is the angle of incidence.

Introduction of noise into radar signals by the ionosphere and
by meteoric trails is present and could be a factor for consideration.
Insufficient knowledge is available on the subject to give quantita-
tively these: effects. '

Investigation of the propagation of electromagnetic energy
through the ionized air surrounding a hypersonic aircra.ft43 has
shown that for speeds up to about 25, 000 feet per second and
altitudes up to about 250, 000 feet vacuum wave lengths less than
about one millimeter are hec_essary fo transmission through the
nose region of a blunt nosed aircraft, and wave lengths less than
about one meter are necessary for transmission through a high
speed boundary layer. Little data is available for transmission
through the wake region.

The conclusion indicated by the above data is that electro=
magnetic propagation:to and from a satellite supply vehicle is
possible and reliable, within the limits of ability to predict the
propagational path, at frequencies corresponding to wave lengths
between one meter and one~and=a~half centimeters. This is
possible throughout the entire flight.- Height information obtained
by conventional radar at long ranges is, however, to be considered

unreliable.

D=2 Systems

In studies of the flight path of the satellite supply vehicle it
can be seen that the total distance flown, from the time it leaves
the circular satellite orbit until the gliding phase of flight begins,

encompasses more than three quarters of the earth's circumference.




To place the entirity of this distance within the range of the stations
of a ground based electromagnetic navigation system would require .
at least eight powerful stations for a given deécent path. To provide
a system which would give such coverage for a number of different
satellite orbits and vehicle 1anding poinfs would require a very
extensive system of powerful navigation stations and associated
communications and computation facilities. An alternative to this
type of system is one which is contéined within the supply vehicle,
Examples of self«-contained systems utilizing electromagnetic
propagation are those which navigate through radar map-matching
techniques and Doppler velocity and positioning techniques. The
former, although possibly useful over part of the flight, cannot be
used over the entirity since a good portion of the flight must be
assumed to be over water, which offers no identifiable radar echoes
useful for navigation. The latter gsystem is essentially an accurate
dead=reckoning system. It requires a knowledge of the vertical
direction or its equivalent in order to resolve the measured

velocity components.

In addition to the systems which use electromagnetic propa=
gation exclusively there exists the possibility of their utilization
for occasional fixes or for furnishing only part of the navigational
information (as radar height finders) in a system which basically
uses some other means of navigation, such as stellar or inertial,
The decision to use or not to use such a system must weight
accuracy gained and relaxation of necessary specifications on
other equipment and against additional weight in installing such an

assist, additional complexity, etc.
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APPENDIX E

CELESTIAL NAVIGATION

In order to determine one's position in three dimensional
space, three independent coordinates are required. In classical
celestial navigation, the surface of the earth forms one of these
coordinates. Another convenient coordinate is the locus of points
forming a fixed angle with two arbitrary points; in particular, the
cones formed by the locus of points having a given altitude angle
between a point at infinity, and a point located at the center of the
earth., It is seen that two cones plus the surface which is the locus
of points located a distance from the center of the earth will give
two point locations in three dimensional space, and an ambiguity
must be solved. This is true since the intersection of each cone
with the sphere is a circle, and the intersections of the two circles

will result in two points.

From Figure E~l it is seen that if the point 0 is taken as the
center of the earth, then the direction 0«~AP is the direction of the

vertical.

From Figure E=2 the intersection of each cone with the
sphere is a circle, and the intersection of the two circles is the
poéition on the earth specified by the angles qSl amd‘qs2 with respect
to the points at infinity. The two infinite points may be chosen so
that the undesired solution is remote compared to the desired one,

and the ambiguity is resolved.

With a basic knowledge of celestial navigation44 the minimum
requirements for the instrumentation of the solution of the navi=

gation problem may be determined.
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There are:

1. Knowledge of the approximate position

2. A device to measure the altitudes of the stars.
3. An accurate knowledge of time,

4, Storage for informafion on:stellar positions.
9. Computing devices and associated circuitry.

The chief advantage is gained in knowing the approximate
position when the stars are obscured, or when the tracking
mechanism loses the star for a period of time. In such cases, a
form of dead reckoning may replace the stellar navigation until
such time as the stars may again be tracked. A device to measure
the altitude angle of the stars is of course necessary, since this
is the essence of celestial navigation, and the accuracy to which
position may be determined is based on the accuracy with which
the altitude of the stars can be measured from some useable
reference plane. The requirement for accurate knowledge of time

is obvious.

In an automatic celestial navigation system, the human
operator is eliminated, and a substitute must be made for his use
of charts and tables in the solution of the problem. This is easily
done by putting the required data in a computer type storage, and
having automatic access at a predetermined time. The same
reasoning tells us that we need automatic computing devices to

solve the problem, given all of the necessary information.

Consideration of the factors involved here show that there are
at least two methods by which we may proceed in the solution of the
problem. We may assume our position, an'd, by consulting our
time standard and the tabulated star data, position the telescope
in the sighfing head so as to bring the desired stars into the field
of view. Anj errors which the sighting head detects may then be
applied to the assumed position so as to give the correct position.

We may, however, assume a position on a predetermined course,

it

=
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and proceed as before, except that we will now use the errors
detected by the sighting head to control the vehicle control system

s0 as to drive the vehicle back onto the precomputed course.4:5

‘ Moreover, it is evident that if we are on a known track, such
an automatic stellar sighting and computing device will give us an
excellent indication of true heading and as such mé.y be used in the
orientation: of the vehicle. In this case, the stars azimuth, as
determined from the position along track, is computed. Then the
true heading is the difference between the relative bearing and the

azimuth.46

In this thesis it is anticipated that the use of the device will
be as an astro compass for vehicle orientation during the orbital
period, and as a vertical indicating device during :the latter part
of the descent.

The conventional complete star 1:r:a.cker4‘7 may be divided

into three groups:
1. The tracking head.
2. The control and data section.
3. Computer and associated ‘electronics.

The tracker is mounted against the top skin of the aircraft
with a small dome protruding above the skin. The tracker contains
a small photoelectric or other light sensing device, with a
telescope which tracks the stars, and is controlled about “itwo axes;
relative bearing and altitude. The teléscope is mounted on a
stabilized platform. The telescope must be arranged so that it
may be swung through angles corresponding tb time, siderial hour
-angle, and the longitude of the craft. (See Fig. E=3).

An illustrative exainple of an existing star tracker will be
discussed to-illustrate the accuracy, etc. of such a device. The
telescope and associated light sensitive device will be of the
standard "chopper" type having a disc in frontof the light sensitive
- material which, when the rotation of the disc is compared to the
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light falling on the sensing material will give a phased difference

if there is an error in pesitioning. (See Fig. E=4},

It is presumed that the system will be capable of detecting
2nd magnitude stars, and should be made as small as possible due
to anticipated lack of space. | Assuming a 1 inch diameter lens, on
the earth's surface, a second magnitude star gives the light of
2 x 10“10 lumens of collected light and this figure should be many
times greater above the atmosphere. A field of view approximately
lto 2-%- degrees in diameter will probably be required to assure
acquisition of the star, and, in conditions of full daylight, the light
from 1 degree of sky will be 106 times that from a second magnitude
star. Therefore, background illumination must be minimized by

appropriate chopping and filtering.

It is presumed that while in orbit, the position of the vehicle
'can be precomputed to the order of feet; therefore, the position of
the stars as a function of time is known with excellent accuracy.
These may be stored on perforated discs or on steel magnetic tape,
and by using an electrically driven tunigg fork as a time reference
can be fed to the tracking system in the form of aximuth and
altitude. When the telescope is thus positioned on a star, any error
in sighting the star can be .fed out to display to the pilot as error
in heading (assuming the craft to be stabilized in pitch and roll).

The above discussion is easily extended such that if we use
two telescopes and have our data precomputed properly for any
. desired track, any error that the sensiﬁg devices detect will be an
indication of the position error, and by using "feed-back" techniques
a continuous .indication of position error can be presented to the

pilot, and the proper corrective action may be taken. (See Fig. 5).

With equipment now in use, time may be resolved to . 0006
seconds and the telescope can track a star to within 15 seconds of

48
arc,

It is estimated that the above described system, including
the tracking instruments and computers, would weight approxis=

mately 250 to 300 pounds and will occupy approximately 15 feet 3

il UNCLASSFED
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of space. We would be able to track a star of 4.0 corrected
relative magnitude only 5° from a full moon and a first magnitude

star49 to within 150 of the sun.
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Flgure E-2:

Points APy and AD, are solutlons of
the interscctlion of the locl formlas
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APPENDIX F

NAVIGATION SYSTEM REQUIREMENTS

F-1. Mission

The navigation system must be capable of giving guidance
information of sufficient accuracy and utility to the pilot, or
automatic control system such that the supply vehicle may use this
information to accomplish a satisfactory return to earth from an
orbital conilition to a desired landing area. This capability should
be limited only by the inherent control capabilities of the supply
vehicle and such other limitations placed on the vehicle and/or its

occupant as maximum tolerable accelerations, heating, etc.

F-2. Landing Area

The landing area referred to in the mission requirements
above requires further elucidation before a.ny of the accuracy
requirements of the system can be evaluated. It is assumed for
the purposes of this thesis that the landing area is a well defined
area on the earth's surface, much like a conventional landing field,
with whatever modifications might be necessary to allow landings
of the supply vehicle at the end of the rettﬁrn trajectory. By this
assumption, very stringent navigation accuracy requirements are
place'd on the navigation system. The navigation system proposed
by this thesis is designed to meet these stringent requirements.

If the specifications on the desired landing area are relaxed for one
reason or another, the requirements placed on the navigation
system are correspondingly relaxed. Indeed, with a sufficiently
large region in which landing is to take place, the navigation

requirements degenerate to such an extent that they become almost
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control system requirements, such as a reference for altitude
stabilization, etc. It would be an intersting and important area

for further research to see just how far the landing area
requirements would have: to be relaxed in order to simplify and/or
eliminate portions of the navigation system proposed by this thesis.
For exvample, it might be possible to eliminate the need for altitude
information during the flight if the resultant position errors at the
end of the trajectory are compensated for by a comparable

extension of the permissible landing area.

F=3. Flight Path Control

The portion of the return trajectory which takes place in the
atmosphere was studied in this thesis on the basis of assumed
initial conditions and with the aid of a high speed calculating
machine (see Appendix C}. The study was purely exploratory and
was carried out in order to get ground track information on a
typical supply vehicle return frajectory. As such, it was not
deemed feasible to extend the study te a machine aided error
analysis wherein the sensitivity of the atmospheric trajectory to
small variations in the initial conditions would have been determined.
In ptace of this, a very approximate linear error analysis was
carried out to establish system requirements. In any future
research done to establish how far the stringent requirements of
this study could be relaxed, a necessary preliminary would be the

machine aided error analysis of the assumed atmospheric trajectory.

A glance at the assumed initial conditions for the atmospheric
trajectory (see Appendix C) and a comparison of these assumptions
with the possible variations in their magnitudes (i.e. variations in
the atmospheric density structures,f’l the inaccurate estimation of
: é.erodynamic coefficients, * etc.)}, plus a look at some typical
' re-entry_trajectory studies wherein the initial conditions were

*Note from Appendix C that for a portion of the trajectory the
variation in velocity is in the fifth significant figure, while the
aerodynamic coefficients can be considered accurate to only

2 or 3 significant figures.
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varied52 (such as re~entry angle, * velocity, ** etc.) makes it

~apparent that the uncertainties involved in the prediction of the
exact atmospheric trajeci:ory that would be taken by the satellite
supply vehicle under some control condition, such as L/D =1.0

as assumed for this thesis, are too great¥¥* to allow the supply
vehicle to proceed through the atmospheric re=entry trajectory
without the application of control corrections based on navigational
information. In short, a flight path control system is necessary
to accomplish the 'return mission. The initial estimate of the
trajectory to be followed need then only be sufficiently accurate to
keep the control corrections from forcing the vehicle into an
unacceptable flight condition with respect to heating or acceleration,
etc.

F«4, Initial Condition Errors

It may be seen from Appendix B that the 300 mile initial orbit
places the most stringent conditions on most of the variables of
interest; therefore, the 300 mile orbit will be taken for the evalu=
ation of the remainder of the navigation system requirement
considered in this thesis.

Velocity in orbit is known to & 1. 00 foot/second for time up
to one=half an orbital period after the last ground tracking period,
and to & 1.15 feet/second for time up to two days after the last
ground tracking period (see Appendix B=l), Initial flight path angle

*An extrapolation of the curves of NACA TN 4276 gives an estimated
sensitivity of ground range in going from 300, 000 feet altitude to

90, 000 feet, approximately 30 miles 1/49 change in re~entry angle
around the assumed re~entry angle of 00, As the angle of re=entry
increases, the sensitivity of range to re=~entry angle increases
enormously. _

**%*An extrapolation of the curves of NACA TN 4276 gives an estimated
sensitivity of ground range in going from 300, 000 feet altitutle to

90, 000 feet altitude to initial velocity of approximately 30 miles/
feet/second.

*%*It is to be noted that the ability of the supply vehicle to exert
control and correct for positional errors at 90, 000 feet in the glide
from 90, 000 feet to the landing point is limited (see Appendix C).

UNCLASSIFIED
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is known to £ .2 minutes of arc (see Appendix B=3). Initial position
is Known to either & .5 miles or ¥ 5 miles depending upon the tlme
between ground tracking and the firing of the first retro~thrust as
above (see Appendix B~1),

F=5, Initial Retro~Thrust Requirements
While in orbit the supply vehicle must get from some source

a. the time of firing,
b. the magnitude of velocity change to be applied, and

c. the direction of the retro=thrust application.

F=5a. Time of Firing

With a clock aboard the .vehicle with an accuracy of 1 part in
106, the time at the supply vehicle may be determined to within
I .1728 seconds for periods as long as:two days. Travelling at
25,000 feet/second this would represent a range increment of
ks 4,320 feet, or less. The same clock would, if operated over a
one half orbital period, give an incremental error corresponding
to 75 feet, or less. Such a clock is considered adequate for the
determination of time at the supply vehicle. The time to fire the
first retro-thrust is a ground computed quantity based upon the |
knowledge of the satellite orbit; therefore, this quantity may be
transmitted to the supply vehicle during the last period of ground
tracking.

F~5b. The magnitude of veldcity change

The incremental velocity to be applied to the supply vehicle
in order to have a perigee of 300,000 feet is also a pi'ecomputed
quantity based upon ground tracking information, and as such it
may also be transmitted to the supply vehicle during the last period
of ground tracking prior to orbital departure of the supply vehicle.
The signalled magnitude may have any number of significant figures,
but it will be assumed that the supply vehicle can control this
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retro=thrust magnitude to only & 1 foot/second accuracy.

Fw5c, Retro=Thrust Direction

The direction in which to point the retro-thrust must be
referred to at least one physical direction held somewhere within
the supply vehicle. This direction might conveniently be the
direction of the indicated velocity of the supply vehicle, but if any
orbital corrections were envisioned using the retro=~thrust aligned to
some direction other than the direction of motion, one more physical
reference direction is necessary. This direction might easily be
the indicated vertical, but it would not necessarily have to be. The
indicated directions would not necessarily coincide with the true
directions, so that orbital perturbances from retro~thrust misa-
lignment are to be considered probable.

vd = T -AV-E = ,0287 for 300 mile orbit

(see Appendix B=9)
o : 1°
vd = .0007" or .42' for'rsz- or 15!
(see Appendix A~1 for symbols used in this
appendix)

F=6. Initial Error Propagation
From B=12 and B=3 it is seen that

OAV . _ : 4
ETR required = (= 22.2x107) Y

o
‘WhiC.h becomes (at a maximum) for the 300 mile orbit

ft/sec

. 4,, .08
(~22.2x10 )(m)* - 310 radian

From B-3, the maximum error in Yo at the first retro~thrust is

I .2 minutes of arc or .003 degrees. Assuming for the moment that
the control of the retro-thrust direction is to within 7]‘4—0 of the desired
direction, the resultant total error in 70 after the first retro«thrust
becomes. .0l degrees. Thus, the first retro-thrust velocity may be



in error by as much ast , 054 foot/second due solely to this cause.
This is certainly a neglible figure and will be neglected.

The error in §, propagates to the re~entry condition as an
error of approximately the same magnitude in the same variable,
Added to this is another misalignment error due to the second
retro~thrust. Assume this second retro-thrust also to be controlled
to within -]Z-o of the correct direction, and the resultant re«entry
angle error might be as large as I . 017 degrees. A linear approxw
imation to the errors caused by such re~entry direction errors

fqllows .

Extrapolating the curves of NACA TN 4276 to find the figure
of range error at 90, 000 feet, due to re=~entry angle, we arrive at
approximately 120 miles per degree. The above figure would
correspond to a range error at 90, 000 feet of approximately 2 miles.
The total range travelled is approximately 7, 200 miles. The height
error at the end of this"travel, due to initial migsalignment, is
approximately 120 miles per degree of initial misalignment. Therefore,
the error in height at what is supposed to be 90, 000 feet could be as
great as two miles, due to re~entry angle errors alone.

Any range or height errors of larger magnitude than this
will be considered as unacceptable for the present navigation system,
and the following system requirement is thereby established; the
vertical direction and the direction of motion (or whatever other
references might be used) must be known at both. retro=thrust
_conc}itions to within-}i-deg.ree for the j)urposeS' of controlling:the

retroethrust.

The velocity error at the first retro=-thrust will propagate
as a time or position error at the second retro~thrust and will also

give a velocity error at the second retro~thrust.

/ 1:‘:: - which for small eccentr1c1t1es

becomes

%JNC ASSIFIED
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ey
J -g (1+e)
av v
EVp = 32 AV " BAV+ 39 aAv EAV

= (= 1= 1,77 EAV = = 2,77 EAV for the 300 mile

orbit.

Thus, the uncertainty in re-entry velocity could be as high as (2)

(2. 77) =¥ 5,54 feet/second for the case where the first retro-thrust
occurs soon after the last tracking interval, and 5. 96 feet/second
for the case where a delay of two dmys is experienced prior to firing
the first retro~thrust. For simplicity, call the short delay case 1
and the long delay case 2,

The uncertainty of control in the second retro-thrust must
be added to this, and assuming this control is also accurate to X1
foot/second, the re=entry velocity uncertainty becomes & 6.5 or
t 7.0 feet/second for cases 1 or 2 respectively. Uncorrected,
these velocity errors at re-~entry propagate to range errors at
'90, 000 feet at the rate of approximately 30 miles/foot/second.

This would infer a range error at 90,000 feet altitude of as much as
195 miles for case 1 or 210 miles for case 2 in the absence of a

flight path control system to eliminate these errors.

In the event of a flight path control system being utilized
which was unaware of these initial velocity errors, we can assume
that these velocity errors remain practically constant over the time
of flight of the programmed trajectory, approximately 1, 800 seconds.
These velocity errors then give rise to range errors of 2,2 miles

and ¥ 2.4 miles respectively, far more nearly acceptable figures !

The height error at re—entry due to the velocity error at
300 miles becomes '

- UNCLASSIFIED
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sh
P~ 3AV

P

Eh EAV (see Appendix B 5)

= » 3,342 EAV
= 1 18, 500 ft. for EAV = 5.5 ft/sec.

=719, 900 ft for EAV = 5, 96 ft/sec.

The errors in height at re~entry generated by initial velocity
errors lead to over all range errors which oppose the effect on
range errors of the velocity errors at re~entry generated by the
same initial velocity errors at orbital departure. Thus, if it were
not for the height divergence problem, these two might be said to
cancel each other out somewhat and their effects might be neglected
in the resultant trajectory. The height divergence problem is
discussed in F=9,

The range error at re-=entry due to an initial velocity

error becomes:

aT da

(ET) (25, 000 ft/sec) = 25, 000 = 5% 3AV

EAV

= (= , 31l sec/ft/sec)(25, 000} EAV
- = 8,15 miles for case 1.

= 8,75 miles for case 2.

If we add to these the range errors due to uncertainty of initial
c_bnditions (and time determination for case 2) we get range errors

at re~entry of 8.65 miles for case 1 and 10.17 miles for case 2.

Finally, if we add to these inherent range errors the
o
navigational uncertainty of the direction of the vertical of up to L

during the re~entry period, (which amounts to a fifteen nautical 3ni1e
range uncertainty) we note that in the absence of control corrections,
the range errors at 90, 000 feet might be as large as & 25 miles due
to these causes alone. This is considered unacceptable for the
present navigation system, and it sets the following requirement;
sometime prior to re-entry, the supply vehicle must be given a

o R
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navigational fix in a form Which it is capable of utilizing during the
re=entry period in order to cut down the range errors noted above.
This navigational assist may take any form wha’tsoever, but based
upon flexibility arguments it would seem better to have the assisting
equipment mobile. A large specially instrumented aircraft has been
assumed as the assisting unit for this thesis. The aircraft tracks
the supply vehicle for a short period of time prior to re=entry and
then passes on all of the navigation information obtained which is of
any use to the supply vehicle. It is not sufficient to tell the supply
vehicle its present position prior to re~eniry, but some means must
also be found for orienting properly the flight path control instru-
mentation, i.e. essentially the navigation system during re-entry.
This means that through information contained in electromagnetic

. signals from the assisting:aircraft the supply vehicle must be able
to physically orient some reference direction. This is a trick not
easily accomplished, and it leads to the next porition of the system
instrumentation.,

F-8. Star Trackers

Various methods may be utilized to transfer electromag=
netically a physical reference direction. Most of these require a
penalfy in weight not commensurate with the inkerent accuracy
achievable (such as active radar tracking by the supply vehicle and
thereby establishing the line of sight, etc.).

One straightforward and extremely accurate method of
transfer is to utilize star trackers to monitor a stable platform and
then specify the angles which a reference direction on the stable
platform should make with the directions to the stars (see Chapter
5). Accuracies of better than 15 seconds of arc seém possible by
this method (see Appendix E). The stable platform may be
utilized as an inertial reference with a high degree of accuracy for
short periods of time, and the star trackers provide the means for

correcting the errors generated with time in the stable platform.
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During the re-entry phase, the stable platform will be
utilized as the prime component of a precision vertical indicating
system which is Schuler tuned to eliminate the dynamic efforts of

linear acceleration.

The problems associated with the calculation of height
information in utilizing such an inertial system lead to the inclusion
of a separate height measuring device to complete the flight path

control system (along with a special purpose computer, of course).

F~9. Height Divergence

In the problem of using an inertial platform for navigational
data the question of how to instrument the knowledge of altitude be=
comes important, The usual method is to calculate the motion of
the vehicle with respect to inertial space including a term for the
calculated value of gravity that corresponds to the calculated
position. In any such closed loop process the possiblity of
divergence exists. Russell53 has shown that Such a divergence
does exist in the knowledge of the height coordinate, by a simple
calculation involving a linear approximation to the gravity term
around an inertial ..point. An extension of this approximation is
required for this thesis. The period during which the inertial
navigation system is to be utilized to command control corrections
is the re=~entry period, and an accurate knowledge of altitude is
essential to that control. Consequently, it is only in the re-entry

period that the divergence error becomes important.

A glance at the assumed flight trajectory of this thesis shows
(see Appendix C),1) a constant L./D of 1.0 is assumed, 2) the
acceleration of the vehicle in the horizontal - plane can be fairly well
approximated as due to drag alone, since the local flight path angle
is small for most of the trajectory; making this approximation leads
to an approximation of this acceleration of (= .0164t) ft/secondz, 3)
and the vertical lift contribution can therefore be approximated as
(+ .0164t) ft/sec’

gf’;
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Let ¢ be the angle between the true and indicated verticals
in the plane of the true vertical and the velocity vector measured

(+) clockwise from the true vertical to the indicated vertical.

v

V:
1 V-t-

In the case of a vehicle flying in a condition where a net
specific vertical force exists, ¢ tends to be oscillatroy and bounded.54E
For the chosen trajectory a lift force acts essentially in the upward
vertical direction, so that any value of § tends initially to decrease
with time or converge toward zero. The resultant period of the
oscillatory motion is so long, however, that the tendency to converge
can be completely neglected over the short time of re~entry. By
thus neglecting this convergent tendency, the worst misalignment

possible may be examined. ¢ may be due to:

1. an initial value LIJO
2. drift times time (D .t)

3. initial re~entry velocity uncertainty creating
platform rate error
EV
J
(=)
o
4, uncertainty in knowledge of height coupling through
system dynamics into ¢ (neglect this source entirely
for the small height errors required of this system).

(EV O)

Therefore, ¢ = ¢O +




Let:
a, be the reading of a truly vertical accelerometer =, 0164t
ai be the reading of an accelerometer whose input axis

is the indicated vertical
avi,= a, cos g+ ay sin b= a, (1= )

a_.=a_+Ea_ (where Ea_is an error in the vertical
vi v v v

acceleremeter reading)
EaV =ea U]
EVo 2, 2
EaV = w 0164t LIJO -—= t" (.0164) « ., 0164 Dt

RO

Regardless of the coordinate system used for the compu=
tation in the general navigation problem, the calculation of the

height with respect to the earth comes down to the solution of the
. . 2
equation h=«g+ a_+ -Y-, with known initial conditions.

The instrumentation of this equation would give;

2
e V.
hi =~ g + a. + -1% (i) as a subscript here refers to
1 1 both indicated and calculated
quantities.
Therefore; 9

Eh * (-Eg) + (Ba ) + (B &)

Using a linear approximation to the variation of g with h,
_ 2g
E g = = —2 (Eh)

R,

For convenience take, g, = 32.2 ft/sec., R, =9.2x 108 ft.

2g, [2¢ ‘.
203035 x107° /=0 = 1,742 x 1072

o _ o

and an approximation to, 9 IV(EV
E Y— = ( )
R RO

where V=V _-~. 0164t
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Thus,
y2 2EV V. 2BV N.01641) Lo v = 25,000 ft/sec
E—m= - o
R R R .
o o for convenience,
Therefore,

3.2

Eh = (1.742 x 10™°)" Eh == (.774 x 10"9(Ev0)+i .0164D)t2

~(1.548 x 107(EV ) + . 01649 )t
£ (2.36 x 10°° (BV )

Solving analytically and assuming Eﬁo= 0 (which is not strictly

true);

3 10 ~1.742x10" %%

Eh = (.5Eh0 + . 305x10 EYO - 17T7x100"D+ .140x 107¢0)e

3 10 -1, 742 x 10" 31

+(.5Eh_+.305x10° EV_=.177x 10'’D+ .140x10" y ) e

3

+ (. 255 x 10~ EVO + .54 x 104D)t2

+(.510 x 1073 BV _ + .54 x 10% ¢ )t

10 3

+(.355x 10D = .61 x 10 EV )

Setting t =1, 800 seconds,

3

Eh =1.5Eh_+7.2x10°EV_- 2 x 1010

D-2.25x10" ¢
Assume a very good fix just prior to re-entry;

Assumption Contribution to Eh
att =1,800 sec.

Eh_ S50 ft 525 ft
EV_ S1ft/sec 7,200 ft
D £ 1.2 minutes/hour 2,000 ft
4, S1'or 2.9x107% rad. 6,500 ft.

Total 16,225 ft. Eh at 90, 000 {t.

Recall, this ignores Eho which could be appreciable !
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F»10, Height Information

Since height information is one of the necessary coordinate
values utilized in a flight path control system, it must be a known
or accurately calculable quantity during the re~entry portion of
navigation. Since the calculation process is shown to lead to
unacceptable height errors, the alternative appears to be to include
a height sensing device within the vehicle for this information.
After considering the problems of mounting pressure measuring
devices, etc. as discussed in Chapter 2 of this thesis, it was
decided that a radar altimeter was the necessary choice for this
altitude information. As long as altitude errors do not exceed 4 or
5 thousand feet, they will then Have neglible effect upon the rest of
the system's accuracy. Thus, a small and fairly long pulse radar
altimeter may be utilized for this information.

F=11, Drift Rate

With the system envisioned in this thesis, a navigational
fix may be supplied to the supply vehicle jusf prior to re=~entry and
thereby eliminate the accumulated drift effects on platform
misalignment. The resulting re=entry trajectory occupies too short
a time to allow very serious navigation errors due to drift rate.
The criterion as to how much drift is acceptable then becomes the
already selected lvel of ~14-O control over the direction of the first
retrow=thrust combined with the amount of monitoring of the stable
platform by star trackers desired. Taking the platform by itself
and assuming it perfectly aligned during a portion of the last
ground tracking interval, then a drift rate of .31 minutes of arc/hour
would lead to an error ole-o after a two day delay interval up to the

time of firing the first retro=thrust.

The above figure is a fairly low drift rate, but it is feasible
- with p-re'sent equipment. 55 A better solution to this problem would
appear to be to work out a monitoring program whereby the star
trackers corrected for platform drift. This is what is done in the

UNCHASSIFIED



system designed in this thesis. On.this basis, the drift rate may

be as high as 5 minutes per hour with a resulting error in position

of only 2.5 miles at 90,000 ft. altitude due to this:source.

F=12, Summary of Requirements

a.

b.

Gyro monitored inertial platform used as a precision

vertical indicator durihg re=-entry.

Precision accelerometers associated with the vertical
indicator.

Gyro drift rate low, i.e. 5 minutes/hour or less, and
o
the knowledge of reference directions to-}r or less

prior to the application of any retro=thrust.
Radar altimeter for height information.

Star tracking equipment to monitor the inertial
platform and to provide a means of transferring
information contained in electromagnetic signals into

useful physical orientation of apparatus.

Special purpose computer for the navigation problem
in the supply vehicle.

Precision tracking equipment and special purpose
computers, plus an accurate navigation scheme for
the assisting aircraft which eliminates many of the
supply vehicles navigational errors by providing a
fix to the supply vehicle just prior to re=entry.

Precision tracking equipment located at the ground
station and utilized in conjunction with high speed
digital calculations. The same or similar equipment
might be utilized to provide the ILS or GCA type

approach information from 90, 000 feet an down until

‘landing.

The above equipment should provide an accurate and |

reliable method of navigation for the satellite supply vehicle from
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orbit to an earth landing at a desired landing field.
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