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Abstract

This thesis describes the use of the power balance method for performance estimation of
aircraft configurations. In this method, mechanical power production and mechanical power
consumption of the aircraft are balanced, rather than forces as in the conventional thrust
and drag approach to aircraft performance estimation. It is shown that an approach based
on mechanical power provides a substantial advantage in accuracy and a wider range of
applicability for integrated configurations such as boundary layer ingesting (BLI) aircraft.

The thesis provides evidence of the major benefits of the power balance method, and
descriptions of its limitations, for three applications: 1) derivation of an analytic expression
of profile drag estimates for conceptual design applications, 2) aerodynamic performance
estimation for three canonical integrated configurations, and 3) performance quantification
of a hybrid wing body (HWB) with BLI propulsion system.

In the first application, an analytical expression for the form factor used in the wetted
area method (a profile drag correlation employed in conceptual design, which is heavily based
on empiricism) is derived from the power balance method. The developed estimation method
uses only potential-flow surface velocities, and it can be applied to new geometries for which
experimental drag data is not available. The accuracy of this analytical expression and its
limitations are presented in terms of quantitative results and analysis of physical effects for
two-dimensional and axisymmetric geometries in incompressible and transonic flows.

In the second application, the mechanical energy loss is evaluated for three integrated
configurations: a fuselage with a propelling fan at the rear, a nacelle-fan combination, and
two interfering airfoils. Using the boundary layer mechanical energy equation, it is shown
that the profile mechanical loss from potential field (pressure) interference scales accord-

ing to peU (1+ 2 Mg) The scaling is confirmed using computational fluid dynamics

(CFD) calculations. The scaling is accurate to within 10% for configurations for which the
average boundary layer kinematic shape parameter increases by no more than 0.04 from
non-interfering to interfering configuration. The physical mechanisms responsible for the
breakdown in accuracy are analyzed.

The power balance method is also applied to a system-level optimization of fuel burn for
an HWB with BLI propulsion system. The fuel burn of the HWB is shown to decrease mono-
ton ically with increasing BLI, lip to a maximuim fuel burn improvement of 11 % compared
to a non-BLI aircraft.
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Cf skin friction coefficient
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Hk boundary layer kinematic shape parameter

Hk average boundary layer kinematic shape pa-

ramet er

H* kinetic energy shape parameter

h aircraft climb rate

hf fuel heating value

18



t, j, k locally-Cartesian unit vectors

K Kinetic energy defect

k wall roughness height

k+ wall effective roughness height

Kf form factor

K, skin friction compressible correction factor

I length

f, d spanwise integration variable

LVC loss variation coefficient

m mass
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R wake recovery parameter
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S area
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Chapter 1

Introduction

In air-vehicle conceptual design optimization, rapid estimation of the aerodynamic perfor-

mance of an aircraft configuration is critical, because its performance will be evaluated

thousands of times during the optimization process. Performance has been traditionally

estimated through a well-established methodology based on a momentum balance, where

the drag force on an airframe is matched against the thrust generated by a propulsor.

The need for further performance improvement, however, has pushed aircraft design to-

ward configurations in which the airframe and the propulsion system are tightly integrated.

A consequence can be the presence of boundary layer ingestion (BLI) in which the engines

take in the airframe boundary layer. Evaluation of such integrated configuration is challeng-

ing because the conventional performance metric, which assumes non-interacting airframe

and propulsor, is not directly applicable. For example, the pressure drag cannot be obtained

by integrating the pressure forces around the airframe as an isolated body, because interac-

tions between the airframe and propulsion system pressure fields create a substantial change

in pressure on the airframe.

The power balance method is an alternative approach for performance estimation of

aircraft configurations. This method is directly applicable to configurations with BLI and

has utility in performance estimation for many other configurations.

In the power balance method, the aircraft mechanical energy production and its con-

sumption are balanced. Unlike momentum, the mechanical power is not explicitly affected

by pressure forces, allowing:

. Evaluation of the aerodynamic body performance using a global quantity that is not
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affected by the local pressure field;

" Quantification of the increase in drag or dissipation due to potential-flow interactions

between components, which traditionally has been labeled as "interference" drag;

" Expression of the boundary layer mechanical energy loss using the boundary layer edge

velocity and the dissipation coefficient; and

" Calculation of the aerodynamic performance using the dissipation coefficient instead

of skin friction coefficient. The former varies much less than the latter with boundary

layer shape factor, and therefore gives more accurate estimates of the performance in

a conceptual design stage.

This thesis provides evidence of the major benefits of the power balance method listed

above from three different applications: 1) derivation of analytical expression of profile drag

estimates for conceptual design applications, 2) aerodynamic performance estimation for

three canonical integrated configurations, and 3) performance quantification of a hybrid

wing body (HWB) with BLI propulsion system.

1.1 The Power Balance Method

This section presents an introduction of the power balance method, together with the def-

inition of various terms involved in the formulation. The detailed derivation of the power

balance method is presented by Drela [9]. The concept of the power balance method can

be introduced through an analogy with solving problems in dynamics using the principle of

energy conservation. A number of problems can be solved more easily through application

MOMENTUM ENERGY

N Gravity g N1 -1 F Gravity9g
N N

NF -in---------

Friction Friction

Figure 1-1: Example dynamics problem illustrating the difference between momentum (left)
and energy (right) conservation approach. To obtain the final velocity of the ball, conserva-
tion of momentum involves integration of the horizontal components of tangential friction
forces and normal contact forces over entire path, while conservation of energy only requires
the integration of friction force magnitudes.

24



PROPULSOR POWER Thermal AIRFRAME POWER
Loss

Propulsor
Mechanical

Loss

Fuel

Aircraft
Dissipation

Figure 1-2: Power conversion process from fuel to aircraft power. The power balance method
addresses the power conversion after chemical power is converted to mechanical power.

of conservation of energy rather than momentum considerations. An illustration is given in

Figure 1-1, which shows a ball of mass m traveling over a non-uniform surface with friction.

We are interested in obtaining the final velocity of the ball Vf, from the known quantities,

shown in blue. To obtain this quantity using conservation of momentum, the horizontal

components of the tangential (friction) and normal contact forces need to be integrated over

the entire path. The normal force is a function of the orientation of the surface and the ac-

celeration of the ball, which requires solving for the dynamics of the ball through the entire

process. Using conservation of energy, only the tangential friction needs to be integrated, as

normal forces do not do any work. The amount of information needed for the conservation

of energy relation is less than for the conservation of momentum, and the application of

conservation of energy thus simplifies the calculation. (This is even more the case when

there are no friction forces as the energy method reduces to knowledge of the difference in

height.) The power balance method is essentially conservation of mechanical energy applied

to fluid dynamics.

A general formulation of the conservation of mechanical energy in a flow field was in-

troduced by Tsien in 1945 [12]. This concept of mechanical energy and losses has also been

employed extensively in the field of turbomachinery, as examplified by the work of Den-

ton [6], which presents an in-depth analysis on turbomachine stage performance from the

perspective of loss generation. There have not been, however, to the author's knowledge,

any work that proposed the application of the concept of power balance to aircraft design

other than that of Drela [9], which provides a starting point for the current research.
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An important performance metric in aircraft design is fuel consumption. Figure 1-2

describes the conversion process from fuel chemical power to the mechanical power needed to

propel an aircraft. The chemical power released from the combustion of fuel is first converted

into useful mechanical power by the propulsion system. During the conversion process to

useful mechanical power, part of the chemical power is lost as heat. The efficiency of this

power conversion is given by the thermal efficiency (rIth). The mechanical power generated

by the propulsor is then converted into propulsive power, with additional power lost from

propulsor mechanical losses such as propeller efficiency and jet excess kinetic energy. The

efficiency related to this power conversion is defined as the propulsive efficiency (prop). The

breakdown between thermal and propulsive efficiency depends on the choice of the control

volume around the propulsor. As a convention, the control volume around the propulsion

system were defined as in Figure 1-3. For ducted propulsors, the control volume is bounded

by the engine inlet and nozzle. For unducted propulsors, the control volume is bounded at

the propeller surfaces. Mechanical loss generated outside the control volume is counted as

part of the propulsive efficiency.

To propel the aircraft, the propulsive power generated by the propulsion system must

balance the mechanical power consumed by the aircraft, which is ultimately dissipated.

The power balance method described below allows determination of the magnitude of these

mechanical power terms.

Ducted Propulsor Unducted Propulsor

Figure 1-3: Control volume boundary for ducted (left) and unducted (right) propulsor.

Ducted propulsor is bounded by the engine inlet and nozzle (red boundaries); unducted

propulsor is bounded at the propeller surface (pink boundaries).
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1.1.1 Formulation [91

The fundamental equation in the power balance method is obtained by taking the dot

product of each term in the Navier-Stokes equation with the local fluid velocity V, defined

as:

V = (Vo+u)X+vY+wZ, (1.1)

with V the magnitude of the freestream flow velocity, and u, v, w the velocity perturbations

from the freestream velocity in the x, y and z directions respectively.

For a steady, compressible flow with no body forces, the differential form of the mechani-

cal power balance equation is obtained by forming the dot product of V with the momentum

equation and adding 1/2V 2 times continuity:

-V2{V.(pV) = 0} (1.2)
2

+V.{pV.VV = -VP+V-

V - pV v2 = -VP-V+ T(V.-)-V, (1.3)

with T indicating the viscous stress tensor. Eq. 1.3 can be developed into an integral

statement using the three dimensional control volume (CV) (2-D cutaway of the CV shown

in Figure 1-4), which surrounds the flow around an aerodynamic body.

The CV boundary surface S is partitioned into the outer boundary So, far from the

body and the inner boundary SB, on the surface of the body. Gauss's theorem using these

boundaries yields

JJV -A dV flA-ndSo+§ A -ndSB, (1.4)

which holds for any continuous vector field A.

Some outer boundary sections are defined to be oriented in a particular direction as

follows:

* The downstream transverse plane boundary, S/j, is oriented normal to V.,

e The side cylinder boundary, S C, is oriented parallel to Vo.
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Figure 1-4: Two-dimensional cutaway view of 3-D CV surrounding an aerodynamic body
(Adapted from [9]).

The transverse plane is a generalization of the Trefftz Plane1 which does not have to be

located far downstream of the airfoil.

The following is assumed:

* All vortical fluid leaves via S/jr, linked with the orientation of the side cylinder bound-

ary, SgG.

* Any oblique shock waves which are present in supersonic flow leave via SBC.

* The distance from the body to the side cylinder is several times (or more) the wing span

of the body to ensure that the effect of pressure field generated by the aerodynamic

body on the flow field at the side cylinder is negligible, i.e., |V sc Voc for subsonic

flow. The pressure disturbance of oblique waves may be present for supersonic flow.

The above assumptions are helpful in identifying the physical origin of various power terms

in the equation. Integrating Eq. 1.3 over the contro voume yields

JfvpV---d JfJ[-Vp-V+(V ) V- - . (1.5)

Applying Eq. 1.4 to Eq. 1.5, the power balance equation is obtained:

1The Trefftz plane is defined as a plane downstream of an aerodynamic body, located sufficiently far from
the body so the axial variation in the static pressure field is negligible.
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Ps + Pv + PK =Wh+Ea+Ev + Ep+w+<b. (1.

The left hand side (LHS) of Eq. 1.6 represents the mechanical power supply, i.e., power

production or inflow to the control volume. The right hand side (RHS) represents the

mechanical power dissipation, conversion to potential energy and outflow from the control

volume.

The terms on the LHS of Eq. 1.6 are defined as follows.

" PS , the net propulsive shaft power, is defined as

PS f[ -(p - px)n +T-] - VdSB- (1.7)

PS represents the power provided by components moving relative to the control volume.

This term is non-zero only if the control volume wraps around a moving surface such

as propeller blades, as depicted by the upper propulsor in Figure 1-4.

" Pv, the net pressure-volume "p dV" power, is defined as

Pv J(p-px)V -V dV. (1-8)

Pv represents the volumetric mechanical power, provided by fluid expanding against

atmospheric pressure. This term will be non-zero wherever heat is added to or removed

from the flow.

" PK represents the net propulsor mechanical energy flow rate into the control volume:

PK [(p- px)+ p(V2 V )]+.n-SB- (1-9)

PK indicates the net pressure power or work rate and kinetic energy inflow rate across

the body surface boundary. PK is non-zero when the control volume is defined around

the inlet and outlet of the engine, as with the bottom propulsor shown in the Figure 1-

4.
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The terms on the RHS are defined as:

* Wh, the rate of change of potential energy, is the power used in increasing the potential

energy of the body. It is calculated as the product of the aircraft weight W and the

rate of altitude change h,

WN = WV,, sin 7, (1.10)

for a climb angle 7. During descent h < 0, so this becomes a power source.

* Ea is the rate of streamwise kinetic energy being deposited into the flow out of the

control volume through the transverse plane, caused by jets produced by propulsors

or wakes generated by a body. It is defined as

Ea f2pu2(V00 + u) dSoj. (1.11)

* Er is the rate of transverse kinetic energy being deposited into the flow out of the

control volume through the transverse plane. E is produced by the trailing vortex

system from a lifting body. It is defined as

EJJv ff p(v2 + W2 ) (V STP

* Ep, the pressure defect work rate, is the rate of pressure work done on the fluid crossing

the Trefftz Plane at a pressure different from its freestream value. It is defined as

E JJ (p - p.)udSoP. (1.13)

0 E is the pressure work and kinetic energy deposition rate of the fluid crossing the

side cylinder and becomes important in supersonic flow. It is defined as

p -J[ pm + p(u2 +v2 +w2)]V -n dSSC. (1.14)

* 4 is the viscous dissipation rate, accounting for all kinetic energy dissipated inside the

control volume. It is defined as

JfJ(-V)2-.VdV. (1.15)
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In actual flow situations, all forms of kinetic energy outflow are converted into dissipa-

tion as wakes, jets and vortices are convected downstream of the aircraft. Using this, the

dissipation term in the power balance equation can be separated into various sources:

PS + PV, prop + PK = Wh + v + 4bvortex

+ ( w + Iwave-) + ( surf - PVsurf) (1-16)

+ (fZa,wake + Ep,wake + wake - P,wake

+ " (a,jet + Ep,jet + 4(prop + Ijet - PV,jet)

4 surf is the dissipation generated at the surface of the body. GDvortex , Gwake, (jet and 4Dwave

are dissipation caused by mixing out the velocity non-uniformity present in vortices, wakes,

jets and shock waves inside the control volume. (Dprop is the dissipation generated at the

surface and wake of the moving component of the propulsor, e.g., propeller and flapping

wings. The volumetric mechanical power, Py was also divided into various components; the

Py terms inside the boundary layers and wakes are commonly referred to as recovery terms.

For a particular aircraft configuration, each quantity has a fixed value regardless of the

choice of a control volume. To simplify Eq. 1.16, we can define the mechanical energy loss

* E= + - EPv. (1-17)

An illustration of the mechanical energy loss * is shown in Figure 1-5, which shows the

variation of the wake mechanical loss terms downstream of the airfoil. The total mechanical

energy dissipated is unchanged, but it is made up of different terms depending on axial

location. At the trailing edge, the velocity deficit in the wake has not dissipated, and the

wake mechanical loss is made of k a, 4 and Py. As the wake is convected downstream, E
terms and Py1 are ultimately converted to dissipation .

Using Eq. 1.17, the power balance equation can be simplified as

Ps + Pv7,prop +| PK =Whk + @*vortex + @wave + @'%ur f + @* ake +| M'rop. (1.18)
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Figure 1-5: Variation in wake mechanical loss terms in Eq. 1.17 versus streamwise location.
Total dissipated power sum is unchanged.

1.1.2 Application to Aircraft Performance Analysis

Figure 1-6 shows the flow of mechanical power from the propulsor. Among the terms in

Eq. 1.18, all terms on the LHS and the jet mechanical energy loss (I*rop), are accounted

as contributions from the propulsion system, while all other terms are accounted as part of

the airframe losses.

The net propulsive power generated by the propulsor is defined as

Pp EP -%*op. (1.19)

Using Eq. 1.19, the propulsive efficiency of the engine can be defined as

1/prop - = 1 - o. (1.20)
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Propulsion system related terms are functions of propulsion system cycle parameters,

and can be calculated from cycle analysis, which is a well established conceptual design

process. The primary focus of this thesis is thus on the estimation of airframe losses. A

main result of the thesis is to demonstrate that estimation of airframe losses using the power

balance method has many advantages compared to drag estimation using the momentum

balance method, especially for integrated aircraft configurations. This thesis therefore covers

the development of an airframe performance estimation model using the power balance

method, its application to integrated aircraft configurations, and its comparison against the

momentum balance method to highlight the major advantages.

A focus of this thesis is to improve the wetted area method, a profile drag estimation

commonly used in aircraft conceptual design. Profile drag calculation using the wetted area

method has the general form

CDP = CfFP Kf S"we, (1.21)
Sref

where the flat plate skin friction coefficient CfFP is scaled by a component form factor Kf

and normalized wetted area Swet/sref. Kf is a quantity that depends on the geometry of the

aerodynamic body, and is typically obtained from empirical correlations. Using the power

balance method, an analytical expression for the form factor is derived in Chapter 4 as:

1 ffwetfpeUM(1+ M)dSwetj
Kf = E 1 2 r ,(1.22)

i=1 SwetVi =1 poV (1 + Y2 1M2)

where n is the number of distinct surfaces on the aerodynamic body, and r is the temperature

recovery parameter (= vPr). We will show in Chapter 4 that the expression in Eq. 1.22 is

both as accurate as the empirical form factor correlations and is applicable to new geometries

without the need for experimental data to estimate form factors.

Another focus of this thesis is the estimation of the aerodynamic performance of an

integrated configuration, where two or more aerodynamic bodies have a significant 2 pressure

field influence, without need for a viscous CFD solution. The loss estimation methodology

is applied to representative integrated configurations: an airfoil coupled with a propulsor

(modeled as an actuator disk), two closely positioned airfoils, and a nacelle with an actuator

disk. Through these examples, the estimation methodology is shown to be accurate to within

2defined here as greater than 10% change in aerodynamic performance between integrated and non-
integrated configuration
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10% for configurations for which the average boundary layer kinematic shape parameter

increases by no more than 0.04 as a result of interference. In this context we note there is

no standard procedure to determine the performance of an integrated configuration using

the momentum balance method apart from analyzing the entire configuration with a viscous

computation. The development of these examples is presented in Chapter 5.

1.2 Boundary Layer Ingestion and Benefit Quantification

The concept of boundary layer ingestion for aircraft applications has been discussed since

the 1940s [38] but has yet to be applied to commercial aircraft. Recently, however, there

have been a growing interest in the application of BLI to improve the performance of civil

aircraft.

The primary benefit of BLI comes from two effects:

1. Improvement of the propulsive efficiency. Ingestion of lower kinetic energy flow allows

the engine to produce propulsive power with lower expenditure of kinetic energy in

the exhaust jet compared to non-BLI configurations.

2. Reduction of airframe wake mechanical energy loss (D*ake). Ingestion of the bound-

ary layer decreases the wake defect downstream of the airframe, reducing the total

mechanical energy loss.

Performance calculation and design of aircraft using BLI was addressed in the Silent Air-

craft Initiative [19]. The performance accounting was conducted using a momentum balance,

where numerous assumptions about the viscous flow details needed to be made to evalu-

ate the benefit of BLI. In this thesis, performance accounting based on the power balance

method is employed in quantifying the benefit of BLI, with fewer assumptions being required

compared to the momentum balance approach, as discussed in Chapter 6.

The following effects must be considered in assessing the system level impact of BLI:

1. Reduction of inlet pressure recovery due to the introduction of a boundary layer in-

gesting inlet duct system. In some designs, a long serpentine duct is required to divert

the boundary layer into the engine, generating secondary flow and decreasing the duct

inlet pressure recovery.
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2. Reduction of fan efficiency due to ingestion of non-uniform flow. This thesis will not

address the response of engines under non-uniform flow. The effect will be captured

in the tradeoff analysis as a change in fan efficiency.

3. Performance variation due to change in engine installation. Wetted area of the nacelle

changes depending on the type of the engine installation used on the aircraft, affecting

the aircraft mechanical energy loss. This thesis assumes that no major flow separation

and shock formation occurs from the changes in the engine installation; the impact is

modeled as a change in profile mechanical energy loss due to wetted area and Reynolds

number changes.

4. Performance variation due to change in the propulsion system and total fuel weight.

Introduction of BLI affects the weight of both propulsion system and fuel carried on

the aircraft. These weight changes affect the structural weight and the balance of the

aircraft, changing the performance.

We will quantify the tradeoff between the amount of BLI and the increase in aircraft per-

formance taking into account the effects listed above, by coupling an aircraft performance

estimation method with an HWB aircraft design optimization program HWBOpt.

1.3 Contributions

The main contributions of this thesis are the following:

A. The derivation of an first-of-its-kind analytical expression for the component form

factor used in the wetted area method:

1 *$Fwetr peUg (i + 1Me2) dSwet
Kf = 1rwtS p 3 ( 1 2 . (1.23)

Unlike other form factor correlations based on empiricism, this analytical expression

allows calculating the component form factors of airfoils without experimental data.

The accuracy of this analytical expression is shown to be as accurate as other form

factor correlation based on empiricism and confirmed to be accurate within 2% for:

35



1. a D8.5 3 fuselage section with fineness ratio (l/d) greater than 5 at M,,= 0.1, and

greater than 6.25 at Mo,= 0.85,

2. a GAW1 low speed airfoil with lift coefficient between -0.5 and 1.0 at M,,= 0.15, and

3. a RAE2822 transsonic airfoil with M, ,<0.71 at a = 3'.

Aircraft operating at cruise typically are within the range of parameters examined

in cases 1, 2, and 3 listed above. The analytical expression from the power balance

method is therefore applicable for use at the conceptual design stage in estimating

cruise performance, without relying on empiricism.

B. The estimation of performance of integrated configurations using the power balance

method. The profile mechanical energy loss due to interference effect is shown to

accurately scale as peU (i1+ 2M) , in line with the scaling developed from the

boundary layer mechanical energy equation. The accuracy and limitation of this scal-

ing law is demonstrated using the following examples: fuselage with actuator disk, two

interfering airfoils and nacelle with actuator disk. The loss scaling breaks down when

the boundary layer separates, but this is not a serious limitation since separated flow

is not present at assumed design-point operating conditions. The interference effect,

which no standard procedure were available using the momentum balance method

apart from analyzing the entire configuration with a viscous computation, can there-

fore be estimated accurately using this scaling law during conceptual design.

C. The quantification of benefits of BLI on aircraft system performance. It is found that

for the propulsion system configuration studied, the fuel burn of the aircraft decreased

monotonically with increasing amount of BLI. Maximum fuel burn improvement thus

comes from the design with the maximum allowable BLI on the HWB center body, giv-

ing an improvement of 11%2 from a non-BLI configuration. The performance gain from

BLI, however, appeared to be problematic given the amount of technology challenge

and risk associated with distributing the propulsor over the entire fuselage. It is con-

cluded that BLI can have a larger impact in practice when applied to tube-and-wing

configuration, where it can be achieved without a distributed propulsion system.

3Aircraft designed during the NASA N+3 Phase I project [14]
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1.4 Thesis Outline

Chapter 2 surveys the relevant literature regarding the drag estimation correlations used in

aircraft conceptual designs. This chapter also reviews the literature on BLI and describes

its important physical features.

Chapter 3 extends on boundary layer integral equations using the power balance formu-

lation introduced by Drela [9]. It also gives specifics of the fundamental advantages of the

power balance method compared to the momentum balance method. Further the chapter

develops a correlation of laminar and turbulent skin friction and dissipation coefficient for

a flat plate.

Chapter 4 develops an analytical expression for the form factor used in the wetted area

method (Contribution A). The advantages and limitation of this analytical model are ex-

plained and compared against current empirical form factor correlations, through three

applications: bodies of revolution, a 2D low speed airfoil, and a 2D transonic airfoil.

Chapter 5 develops a methodology to estimate the performance of integrated configu-

rations using the power balance method (Contribution B). The accuracy and limitation of

this methodology are quantified using three canonical examples: an airfoil with an actua-

tor disk, two interfering airfoils and a nacelle with actuator disk. The estimation method

is compared against the methodology based on a momentum balance to highlight the key

differences between power and momentum based approach.

Chapter 6 quantifies the tradeoff between BLI and the aircraft fuel burn for a hybrid

wing body (HWB) aircraft using the power balance method (Contribution C). The analysis

is conducted using an aircraft multidisciplinary design optimization model for the HWB

coupled with the BLI performance estimation methodology based on the power balance

method. The governing mechanism which links BLI to aircraft fuel burn is presented.

Chapter 7 presents a summary, conclusions, and a description of potential future work.
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Chapter 2

Literature Review

This chapter presents a review of the literature relevant to the topics of this thesis. Sec-

tion 2.1 surveys the drag estimation correlations used in aircraft conceptual design. Sec-

tion 2.2 reviews the literature relevant to boundary layer ingestion (BLI) and describes its

important features.

2.1 Profile Drag Correlations for Aircraft Conceptual Design

Current preliminary estimation methodologies for profile drag are based on wetted area, a

flat plate skin friction coefficient and a component form factor. Methods currently employed

by aircraft manufacturers have form factors calibrated based on extensive drag data obtained

from in-house experiments or flight test data.1 Details of these form factor formulations are

proprietary.

The most recent profile drag estimation methods available in the literature are the ones

implemented in aircraft configuration analysis programs, such as FLOPS [13] developed by

NASA and PASS [25] developed by Stanford University. FLOPS, implemented based on the

study by Feagin and Morrison [13], uses an empirically obtained form factor from Morri-

son [30], formulated using experimental data for the NACA 65-123 airfoil, a 9% thickness

ratio state-of-the-art airfoil 2 , and 10% and 11% thickness ratio advanced airfoils 3 . Feagin

notes that FLOPS is most accurate within the range of data from which it was derived, and

that caution needs to be exercised if one wishes to analyze configurations outside the range

perpersonal conversation with Prof. Mark Drela
2geometry not specified.
3geometry not specified.
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Figure 2-1: Comparison of form factor correlations for 2D wing sections (left) and bodies
of revolution (right). (Adapted from [16]) Discrepancies exist between various form factor
correlations.

of applicability.

PASS, developed by Kroo, employs a form factor derived analytically from the superve-

locity due to thickness [24, 25]. This correlation is adjusted with an empirical calibration

factor calculated from Shevell [37] and Schlichting [36].

A recent work by Gur [16] summarizes various form factor correlations and presents a

comparison of empirical correlations of airfoils and body of revolution form factors, including

Hoerner [20], Jobe [22], Nicolai [32], Raymer [34], Shevell [37] and Torenbeek [43]. The

correlations are functions of geometric parameters: thickness to chord ratio, location of

airfoil maximum thickness, and aircraft-quarter-chord sweep. Figure 2-1 shows comparisons

of form factor correlations for 2D airfoils (left) and bodies of revolution (right). Discrepancies

exist between the various form factor correlations and for a two-dimensional airfoil with

thickness to chord ratio (t/c) of 0.12, the spread in drag between the correlations is up to

10%. In the correlations for axi-symmetric bodies, the spread is within 4% for high-fineness-

ratio (length-to-diameter ratio) bodies (l/d -> 10), and ~50% for lower-finess-ratio bodies

(l/d < 4). These comparisons give indication of possible errors in the profile drag estimation,

but there is no guidance as to which correlation works best for a particular airfoil.
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2.2 Boundary Layer Ingestion Analysis

Boundary layer ingestion (BLI) is a concept that has been investigated since the 1940s. One

of the first articles on this concept was by Smith and Roberts [38], who found a reduction

of 5-10% in fuel consumption using BLI, although details of the derivation of these numbers

were not presented.

A subsequent investigation of the effect of BLI on aircraft propulsive efficiency was

conducted by Douglass [7]. Performance was examined for propulsion system configurations

using an ideal diffuser (no losses in the inlet duct) and using a dump diffuser (dissipates

inlet dynamic pressure). The calculations were conducted assuming incompressible flow

and an inlet boundary layer with a one-seventh power profile, expanded to ambient pressure

before being fed into the propulsor. The improvement in propulsive efficiency was calculated

by relating power savings to thrust produced by the propulsor. Torpedoes with 100% wake

ingestion were shown to achieve improvements in propulsive efficiency of 28%. For an aircraft

configuration ingesting 25% of the wake, 13% improvement in propulsive efficiency was

found. The thermal efficiency was impacted by the reduction of inlet pressure recovery,

resulting in a cycle efficiency reduction of 6.1% for an ideal diffuser and 21% for the dump

diffuser.

Smith [39] performed detailed analysis of BLI on an axisymmetric body with an un-

ducted propeller. The flow was taken as incompressible, with the propulsor modeled as an

actuator disk. A conceptual assumption was that the actuator disk was located far enough

downstream of the body so there was no pressure field interaction between the airframe and

the propulsor. As the figure of merit, Smith introduced a "power saving coefficient" (PSC),

defined as the difference in propulsive power between the BLI and non-BLI configuration,

normalized by "the propulsive power required to propel the part of the body whose wake

is to be ingested, evaluated for a non-BLI configuration". The power saving coefficient was

calculated from the required thrust and propulsive efficiency.

Smith examined effects on PSC of wake recovery parameter (R), boundary layer shape

factor (H), amount of wake ingested (D/T, ratio between the "drag" of the part of the

body whose wake is to be ingested and the total "thrust" generated by the propulsor), and

propulsor thrust loading coefficient (Crh). Figure 2-2 depicts the influence of propulsor

thrust loading and boundary layer shape parameter on PSC for a configuration with fixed
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Figure 2-2: Effects of thrust loading coefficient and wake form factor on the power required

to propel that part of the aircraft whose wake is being ingested. Amount of BLI D/T = 0.03
and wake recovery R = 0.8. (Adapted from [39]) Gain in PSC is larger for higher thrust
loading coefficient and higher H.

amount of wake ingestion (D/T = 0.03). The benefit of BLI is higher when the boundary

layer is close to separation, i.e., larger shape factor, with an increase of PSC of more than

0.2 between H = 1.0 and H = 2.0. Higher propulsor pressure rise also gave higher power

savings, with an improvement of PSC close to 0.3 for Cra = 2.4, relative to Crh = 0.0.

Smith also examined the effect of BLI on propulsive efficiency for a higher level of wake

ingestion, D/T. Figure 2-3 illustrates gains in propulsive efficiency for various amount

of wake ingestion and thrust loading coefficient. The result showed a larger propulsive

efficiency gain for a larger amount of wake ingestion combined with a lower thrust loading

coefficient. At the best case, an improvement of approximately 20 percentage points in

propulsive efficiency was observed between a non-ingesting configuration (D/T = 0) and a

fully ingesting configuration (D/T = 1) for the same thrust loading coefficient.

Both Douglass [7] and Smith [39] offer thorough analyses of the performance benefits of

I ~I 11 /111-
bondr lye ngsto. owvrthyasum hewaewa epndd oamietprssr

thouhanienrpi roes n tu d otadrs teefet fprsur ntrcto
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Figure 2-3: Propulsive efficiency gains from wake ingestion. (Adapted from [39]) Boundary
layer shape factor H = 1.3 and wake recovery R = 0.8. Propulsive efficiency improves with
larger D/T and lower CTh.

drag" of the engine. Kawai points out that a challenge in the calculation of ram drag is to

define separate control volumes for the internal and external flows and he approximated the

reduction in ram drag by isentropically expanding the momentum captured by the engine

to freestream static pressure.

Daggett estimated the performance benefit of a BLI configuration using a 3-D simulation.

The BLI configuration considered featured active flow control inlets to improve the inlet

pressure recovery. Compared to a podded, non-BLI design, the BLI configuration gave

a 6.3% reduction in ram drag. Accounting for the reduction in engine efficiency, Daggett

concluded that a 5.5% reduction in fuel burn can be achieved using BLI, assuming no effect of

distortion because of the active flow inlet and neglecting the power to drive the flow-control

system.

Sargeant [35] conducted an assessment of the benefit of BLI on the hybrid wing body

aircraft designed during the Silent Aircraft Initiative [19], following the method used by

Smith [39]. The propulsor was assumed to act at ambient pressure, and the ingested mo-

mentum defect was expanded to ambient conditions through an isentropic process. The

benefit of BLI was calculated as an improvement of propulsive efficiency. Figure 2-4 shows

the propulsive efficiency as a function of the amount of wake ingested (#3), the normalized
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drag (equivalent to thrust loading coefficient), and the boundary layer kinetic energy shape

factor (H*). Improvement in propulsive efficiency from BLI increases with the amount of

wake ingested, up to an improvement of 60 percentage points in propulsive efficiency with

full BLI (#/= 100%), normalized drag of 1.0 and H* = 1.6.

The propulsive efficiency improvement is also influenced by normalized drag (i.e. thrust

loading), where the higher normalized drag configuration gives larger improvement in propul-

sive efficiency. A boundary layer with smaller H* value (corresponding to a larger H) gave

larger performance gain from BLI than boundary layer with larger H*, consistent with

Smith's results. For example, propulsive efficiency with H* = 1.6 was more than 10 per-

centage points higher than that with H* = 1.8 for a configuration with full BLI (#= 100%).

For the HWB aircraft configuration designed in the Silent Aircraft Initiative, the intro-

duction of BLI had the potential to realize a fuel burn improvement of 11% over a podded

design. Taking into account the fan inefficiency in the presence of distorted flow and duct

losses for the boundary layer ingesting inlets, Sargeant concludes that an improvement of

4.9% in fuel burn can be achieved with BLI compared to a podded engine design utilizing

the same engine mass flow.

The works described in this section quantified the benefit of BLI using concepts of the

momentum balance method. These require additional correction to evaluate the momentum

defect ingested by the propulsor. This thesis will show that such correction is not needed if

one uses the power balance method.
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Chapter 3

Evaluation of Boundary Layer

Mechanical Energy Loss

This chapter describes the evaluation of mechanical energy losses generated inside the bound-

ary layer. The power balance equation derived by Drela [9] is extended based on the bound-

ary layer integral equations and used to demonstrate the advantages of the power balance

method for aerodynamic performance evaluation. The main advantages of this method come

from a single observation: pressure forces do not explicitly affect the mechanical loss gener-

ation. The boundary layer mechanical energy equation is applied to a 2D fuselage section of

the D8.5 aircraft to illustrate the evolution of various mechanical loss terms. A correlation

for the flat plate skin friction and dissipation coefficient is also derived from boundary layer

models and compared against experimental data.

Section 3.1 describes the key concepts and advantages of the power balance method.

Section 3.2 presents the derivation of the mechanical power integral defect equation, and

extends it to include the contribution of "baroclinic power1 " for adiabatic compressible flow.

Section 3.3 compares the boundary layer mechanical energy and momentum defect equations

to highlight the differences. Section 3.4 derives a correlation for the flat plate skin friction

and dissipation coefficients from the boundary layer equations. Section 3.5 summarizes the

chapter findings.

1Buoyancy effect, described in Eq. 3.35 in Section 3.2.2.
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3.1 Loss Generation and Pressure Forces

Eq. 3.1 is the power balance equation for the mechanical loss of an isolated airframe, without

propulsor, in steady level flight:

<irframe + v+ vortex) + (ii + 4bwave)

+ (Ba,wake + Ep,wake + 4wake- PVwake (3.1)

+ ( 4Dsurf -PV surf)

vortex + Dwave + Dsurf + Dwake-

Note that no propulsor related terms such as net propulsor shaft power (Ps), net propulsor

mechanical energy flow rate (PK), volumetric mechanical power (Pvprop), and propulsor

dissipation (Prop) are included in this analysis.

The corresponding equation for airframe drag is:

Dair frame = Di + Dw + Dp + Ffield, (3.2)

which consists of induced drag (Di), wave drag (Dw), profile drag2 (Dr) and force due to

"potential" (or "field") effect (Ffied). Ffied is non-zero when the airframe is influenced by

nearby bodies. Vortex loss (D*ortex) and induced drag (Di) are generated by the velocity

induced by the trailing vortices from a lifting body. They are related by

vortex = DiVc. (3.3)

In aircraft conceptual design, the induced drag (Di) is evaluated using an assumed span

efficiency, plus vortex-lattice or panel methods, together with a Trefftz plane analysis. The

same can be used for the vortex loss (I*ortex).

Wave loss (*ave) and wave drag (Dw) represent the effect of shock generated in the

flow field. They are related to each other as follows:

For subsonic freestreams, De is associated with local shocks. which can be captured using

2which includes skin friction and pressure drag
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Full-Potential, Euler or Navier-Stokes equations. For supersonic freestreams, Dw also in-

cludes the loss of the oblique wave system, which can be estimated via methods based on

the linear Prantl-Glauert equation.

The evaluation of the remaining terms, losses and forces associated with the boundary

layer viscous effects (D* (D, *wake, and Dp) and "potential" effect (Ffield) are different

between the power balance method and the momentum balance method. The mechanical

energy losses ((D* and Suf wake) are affected by the dissipation and the "baroclinic power",

but are not directly affected by the pressure force on the body surface. The drag, on the

other hand, is affected by the pressure. The difference between mechanical energy loss

and drag gives the power balance method an important advantage in the estimation of the

aerodynamic performance.

The independence of loss and pressure force can be seen as follows. From the first law of

thermodynamics, a differential form of the total energy equation for an adiabatic flow can

be derived:

pD e+ =V2 -V - q - V - (pV) + V -(.-V), (3.5)

where e is the internal energy, q the heat flux vector, and 7 the shear stress tensor. Body

forces and volumetric heat sources are assumed to be zero in Eq. 3.5. Eq. 3.5 can be written

in terms of the specific total enthalpy,

ht = e +±1 V2+ -, (3.6)
2 p

D OPpD (ht) =-V. q + + V - r(T.V. (3.7)
Dt at

Eq. 3.7 indicates that for a stationary surface, aside from direct heating, only unsteadiness

in the pressure field can contribute to the increase in total enthalpy of the flow interior;

the viscous terms can only redistribute the stagnation enthalpy. The mechanical energy

equation is

p[1V1 -Vp-V+(V-7 -V. (3.8)

Subtracting Eq. 3.8 from Eq. 3.7 gives an equation for the static enthalpy:
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Dh Dp
p = -V-q+ + (, (3.9)

Dt Dt

where D =(T V) - V. The Gibbs equation can now be used to express the change in

entropy,

Ds
pT = -V-q+ D, (3.10)

Dt

which shows that the entropy is affected by viscous stresses and heat flux, and not by the

pressure forces.

The main advantages of the power balance method are related closely to the indepen-

dence of loss generation from pressure forces. These advantages are elaborated further in

this chapter.

3.2 Integral Mechanical Energy Defect Equation

This section presents a derivation of the integral mechanical energy defect equation, used in

the evaluation of the mechanical losses of aerodynamic bodies. Eq. 3.1 can be simplified by

splitting the real viscous flow (RVF) into two flow fields as in Figure 3-1:

1. The equivalent inviscid flow (EIF). This flow is inviscid in all domains, and is the

irrotational continuation of the outer RVF into the shear layer.

2. The boundary layer defect flow. This is the difference between the EIF and the real

viscous flow (RVF). The boundary layer defect flow is zero outside the boundary layer,

where RVF and EIF are equal.

In defining the EIF, a mass flux distribution ("wall transpiration") is imposed across the

wall of the body to generate the same flow field outside the boundary layer as the real flow,

as in Figure 3-2. Using this concept, the power consumption terms can be separated into

terms that are present only in EIF and those that are only present in the boundary layer

defect flow.

In the EIF, the only terms present are vortex and wave related terms:
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Figure 3-1: RVF, EIF and boundary layer defect flow. The analysis can be simplified by
dividing the RVF into the two flow fields: i) EIF which is inviscid in all domains, and ii)
the BL defect flow which is confined to the region inside the boundary layer.

EIF (iv + 4vortex) + (- w- + 4wave) (3-12)

vortex + (wave-

The remaining terms make up the profile mechanical losses, which are

(]91a,wake + Ep,wake + wake

+ ( 4 surf - Pvsurf)

PV,wake)

(3.13)

The introduction of the boundary layer energy defect equation reduces the evaluation of these

profile mechanical loss terms to a surface integral over the boundary layers, simplifying the

calculation.

Uv
XZ

Ue
real

--------------------------- ----EdgBL Edge

EIF
'U

Xvi)
wall transpiration '

Figure 3-2: Difference between EIF and RVF. To obtain inviscid irrotational flow all the
way to the wall, an artificial "wall transpiration" needs to be defined.
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3.2.1 Boundary Layer Quantities

Density defect:

Mass defect:

M apeUe6* (piU - pU) dy (3.15)

x-momentum defect:

z-momentum defect:

P,, ox pe 6 e=(uiPx PeCe 2 x (u

Ye

Pz ape UOz = (wi
Yw

Kinetic energy defect:

1
K a pe U6*

2
1 Ye 2

2 fy,

Potential mixing dissipation:

E 1 PeU36k JYe=(Ui
2 2yw

Density-flux defect:

D peUe6** =j (pe/Ye
Yw

Dissipation integral:

/Ye r-YeD E/:(TV - V dy ~/: (r

since the y component of T- n is negligible.

D
CD Poe Ue3
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m Peop j=Yw(pi - p) dy (3.14)

u) pU dy (3.16)

w)pU dy (3.17)

U) pU dy (3.18)

U) 2 pU dy (3.19)

p) U dy (3.20)

SV) - Udy (3.21)

(3.22)



3.2.2 Derivation of Integral Mechanical Energy Defect Equation

This section presents the derivation of the integral mechanical energy defect equation, which

describes the loss generation inside the boundary layer. This equation is an important

building block of this work and will be refered to multiple times throughout the thesis.

The starting point is the mechanical energy steady boundary-layer-defect equation in

differential form,

V -K + D. V!U2= D + (U - F)W (3.23)
2 e(323

applies to a solid wall and the dividing surface between the wakes generated from the upper

and lower body surfaces, where the normal velocity on the surface is zero (vw = 0). K is

the kinetic energy defect (Eq. 3.18), D is the density flux defect (Eq. 3.20) and D is the

dissipation integral (Eq. 3.21). Eq. 3.23 assumes no body forces. Detailed derivation of

the differential form of the mechanical energy boundary layer defect equation is shown in

Appendix A.

The integral form of Eq. 3.23 is

4+JJ(U -)w dS =JJV-K+D-V2U'dS (3.24)

K-nd f+ JD- V-U dS.

JJD dS (3.25)

The surface and wake mechanical losses are calculated by evaluating Eq. 3.24 over the

integration surfaces shown in Figure 3-3. These integration surfaces capture the upper and

lower surface of the wing and the wake. Applying Eq. 3.24 over the control surface gives:

j K nd tout +0 = p(3.26)

I' D - U dS,

where (OOut represents quantity evaluated at the outlet boundary of the control volume.

Based on the choice of the integration surfaces shown in Figure 3-3, f K -n di= 0 at the
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,,Wake Integration Surface

Body Integration Surface

Figure 3-3: Integration surface used in analysis. The surfaces are split between the surface
boundary layer and the wake shear layer, separated by the trailing edge (TE) boundary.

inlet and side boundaries, since these are in the inviscid domain.

Breaking down the terms in Eq. 3.26, the following expression for the defect in the kinetic

energy flux across the control volume can be obtained:

A ut = ID -11. (3.27)

where

(3.28)

For an isolated aerodynamic body without a propulsor, Aout is negative. Its magnitude

represents the net mechanical energy lost over the surface boundary layer and wake shear

layer:

* = -A 0 ut. (3.29)

* can be split into two components,

* surf + wake,
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where

*u=rf -ASTE ]K-dTE, (3-31)

wake = AT E -ASoutf JKndout JK n^dTE- (3-32)

*f represent the mechanical loss generated over the surface of the airfoil, where the flow

is brought to halt on the wall surface of the airfoil. Vwk represent the mechanical loss

generated at the wake downstream of the airfoil, where the velocity deficit in the wake is

mixed out to freestream condition. The distinction between V * and *,V is important

when assessing the benefit of BLI, which will be elaborated in Chapter 6.

The profile mechanical loss is generated through two different physical mechanisms,

represented by the two terms in the RHS of Eq. 3.27. The first term represents the profile

dissipation in the boundary and shear layer.

ffD dS (3.33)

JJpeU3 cD dS. (3.34)

The second term represents the change in mechanical energy flux due to the pressure gradient

acting on the boundary layer flow which has different density than in the EIF. This is referred

to as "baroclinic power", defined as

1y = D - V UcdS. (3.35)

While this term This quantity is zero when the flow is incompressible (D = 0), yielding

(* = (D. (3.36)

Eq. 3.36 shows that in incompressible flow the mechanical energy loss in the boundary layer

is purely due to viscous dissipation. This result is useful in estimation of the airframe losses.

In general,
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Figure 3-4: Evolution of mechanical energy loss terms for the D8.5 Fuselage at M,,= 0.05
(left) and M,,= 0.74 (right). While there is no contribution of pressure term in incompress-
ible flow, the pressure term makes up for approximately 8% of the total mechanical energy
loss at M,,= 0.74.

* = lyH, (3.37)

JJ[PeUCo D V- U] dS. (3.38)

Eq. 3.36 only holds when there is no pressure gradient. In an accelerating flow, fy (or

"baroclinic power") is positive and V* <%(P, while V* > (D for decelerating flow. Figure 3-4

shows the evolution of the mechanical energy loss terms over an airfoil section with the same

thickness distribution as the D8.5 aircraft fuselage section [14]. The figure on the left shows

the evolution for a freestream Mach number of 0.05 (incompressible flow) and the figure

on the right shows the evolution at the aircraft cruise Mach number of M,,= 0.74, both

calculated using MSES 3 [8]. For incompressible flow the mechanical energy loss is equal to

the dissipation, but there is a contribution of the baroclinic power at Mach number 0.74.

The baroclinic power contribution can be approximated accurately using a function of edge

velocity, as presented in the following section.

3MSES is a 2D code based on interacting boundary layer theory, with accuracy validated up to transonic
speeds [11]. Its validation is presented in Appendix D.
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3.2.3 Approximated Energy Defect Equation for Compressible Flow

As in Figure 3-4, the contribution of baroclinic power to the mechanical energy balance

cannot be neglected at high4 Mach number. Calculation of the baroclinic power term can be

numerically challenging, as it involves the evaluation of the velocity gradient. The evaluation

can be simplified, however, using the following assumptions:

1. Adiabatic wall;

2. Near-unity Prandtl number, Pr 1; and

3. Small flow acceleration, Vj <«1

Assumption 1 is valid for most aircraft which have insulated surfaces. Assumption 2 can be

used because for turbulent flow, Pr 0.85 and for laminar flow, Pr 0.7. The validity of

assumption 3 is discussed later in this section.

With these three assumptions, the boundary layer density profile can be expressed using

the Crocco-Busemann enthalpy profile:

-P -- 1h R 1 - u2(3.39)
p heUe

where R is the temperature recovery parameter, which is a function of the temperature

recovery factor (r) and boundary layer edge Mach number (Me):

7- 12 T.r.1/
r 2 Me, (r ~Pr/2) . (3.40)

The density profile approximation in Eq. 3.39 is exact for flow with Pr = 1 and dC ; =0.

Using Eq. 3.39, an approximation for the density thickness (6**) is:

f e U2pUdy
Jy, UP / pe Ue (.1

=iRO*. (3.42)

Mo> 0.74 for the D8.5 aircraft fuselage. Most current transport aircraft operate roughly between
Mo 0.7 and 0.85
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Substituting Eq. 3.42 into Eq. 3.23, gives a modified expression of the boundary layer me-

chanical energy equation:

1- 1
V -K + r 2-K-VU D, (3.43)

a2

where ae is the speed of sound at the edge of the boundary layer.

We now define a function F such that:

- 1 12F[V-K+ r 2 lKv-Ul V-(FK). (3.44)

If such a function exists, Eq. 3.43 can be reduced to a perfect differential. Matching terms

from Eq. 3.44, F obeys the following differential equation:

= u . (3.45)
a2

Since a2 = (,y- 1) (hroo -jq2

VF =Fh r VqU. (3.46)
(htoo- Uc2) 2

Solving Eq. 3.46 for F gives:

F C htoo 1 + 71M2 (3.47)
L ~2J

F satisfies Eq. 3.45 for an arbitrary choice of C. If C hr , F can be non-dimensionalized

as

F (1+? M )2 . (3.48)

Applying Eq. 3.48, the boundary layer mechanical energy defect equation in Eq. 3.23 can

be expressed as:

S[(1 +27 1 M) KI ~(1+2 ' M )D. (3.49)

Integrating Eq. 3.49 over the integration surface in Figure 3-3,
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Figure 3-5: Accuracy of approximated mechanical energy defect equation (Eq. 3.50) for D8.5
Fuselage at M,,= 0.74. Maximum error between mechanical energy loss and corrected
dissipation is less than 1%.

ff peU3 (1 + M)ceDdS
1 + M

P 1 - 1 M2)/'out (-0

With Eq. 3.50, the evaluation of profile mechanical loss is reduced to a function of the

dissipation coefficient cD, the edge velocity Ue and the Mach number Me. For low Mach

number flow, Eq. 3.50 reduces to

(3.51)

Figure 3-5 compares the mechanical loss terms from the actual mechanical energy equa-

tion, Eq. 3.38, and the approximated mechanical energy equation, Eq. 3.50, for the D8.5

fuselage at M, = 0.74. The D8.5 fuselage airfoil has a chord Reynolds number of 1.2 x 108,

and the boundary layer is taken as turbulent over the entire surface. For this airfoil, the

approximated mechanical energy equation captures the contribution of the baroclinic power

well, and the discrepancy between the mechanical energy loss curve (Eq. 3.38, red) the ap-

proximate mechanical loss curve (Eq. 3.50, blue) are within 1%. The result is encouraging,

as the primary application of this methodology is for the estimation of aircraft performance
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at high Reynolds number 107 ~ 108 turbulent flow at Mac between 0.7 to 0.85. The approx-

imation of baroclinic power becomes inaccurate, however, when the boundary layer goes

through a large pressure gradient such as in shocks and actuator disks, as will be quantified

in Chapter 4 and 5. In summary, the introduction of the approximated mechanical energy

defect equation can provide a powerful tool for evaluation of airframe losses. It is based on

boundary layer edge velocity, Mach number and dissipation only, simplifying the required

calculations as demonstrated through the examples in Chapters 4, 5 and 6.

3.3 Utilities of Mechanical Energy Defect Equation

This section describes the main advantages of using the mechanical energy defect equa-

tion, which come from two characteristics: 1) the dissipation coefficient is less sensitive to

changes in boundary layer shape parameter than the skin friction coefficient (elaborated in

Section 3.3.1), and 2) the kinetic energy thickness is a global quantity which is only weakly

affected by the local pressure field (described in Section 3.3.2).

3.3.1 Behavior of Dissipation and Skin Friction Coefficients

The behavior of the dissipation coefficient is less sensitive to pressure gradients and to the

boundary layer shape parameter H than is the skin friction coefficient. Figure 3-6 shows

the dependence of cD and cf/2 on the boundary layer shape parameter (H) for laminar and

turbulent flows [9]. H is a measure of the state of the boundary layer, which indicates

how close the boundary layer is to separation. For laminar flow, ReOcD and ReOcf/2 are

both independent of Reo which indicates that cD and cf/2 both scale as 1/Re0 . cD is nearly

independent of H, while cf/2 depends strongly on H, and goes to zero as the flow approaches

separation (H -+ 4).

For turbulent flow, the dependence of both cD and cf/2 has a weaker dependence on ReO.

CD has a minimum value which corresponds to a constant pressure flow, and increases for

both accelerating and decelerating flow. As the flow nears separation, cf/2 asymptotes to

zero, whereas cD increases monotonically. Even in separated flow cD can be used to quantify

the losses in separated flow, while cf/2 is not useful in such circumstances.
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Figure 3-6: Dependence of cD and cf on H for laminar (left) and turbulent (right) flow.
(Adapted from [9])

3.3.2 Comparison of Mechanical Energy and Momentum Defect Equa-

tions

the profile drag5 on an aerodynamic body can be obtained by applying the x- and z-

momentum boundary layer defect equation

X: V-Px + M -Vue = rX,,(3.52)

z: V -Pz + M -VWe = rz, (3.53)

(Px and Pz is the x and z momentum defect (Eq. 3.16 and 3.17) respectively) to the

integration surfaces defined in Figure 3-3,

D JJ= peUe2cf dSBL (3-54)

JJ(M v)Ue dSBL-

In Eq. 3.54,

cf 1/U . (3.55)

5For an isolated aerodynamic body, D, Voo =<D.
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Figure 3-7: Evolution of momentum (left) and mechanical energy (right) defect over the
D8.5 fuselage at M,,= 0.74. While momentum defect is affected by the local pressure term,
mechancial energy loss is not.

The first RHS term in Eq. 3.54 represents skin friction drag, and the second represents

pressure drag. Figure 3-7 shows the evolution of momentum defect (left) and mechanical

energy defect (right) terms for the D8.5 fuselage section at M,,= 0.74. In the left hand

figure, the momentum defect is broken into terms due to skin friction (brown) and pressure

(green). In the right hand figure, the kinetic energy defect is plotted with the approximate

mechanical loss (blue) derived in Section 3.2.3.

In Figure 3-7, the pressure term makes up to 50% of the local momentum defect. For a

flat plate, on the other hand, the pressure term is zero, and the drag force equals the skin

friction force applied to the body. The point is that the relative magnitude of the pressure

term depends on the geometry of the aerodynamic body. This is why airfoil drag correlations

rely heavily on empiricism to capture this pressure term.

The local value of the momentum defect is affected by the upstream pressure distribution,

and does not represent the actual force acting on a part of the body. The kinetic energy

defect, on the other 1ad, is a global quantity represeIting the mecha1nical ergy loss

generated up to the evaluation point. The contribution of mechanical losses can therefore

be split into multiple sections on the aerodynamic body -- an aspect that is important

in assessing the performance of an integrated configuration (such as a BLI configuration)

where the boundary layer is ingested at non-ambient pressure. This will be demonstrated

in Chapters 5 and 6.
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3.3.3 Summary

Two advantages of the mechanical energy defect equations described above allow the follow-

ing:

" Evaluating the aerodynamic body performance using a global quantity which is only

weakly affected by the local pressure field. In adiabatic flow with no strong shocks,

the dependence of the local pressure field can be separated from the calculation.

" Quantifying the increase in drag or dissipation due to potential-flow interactions be-

tween components, which historically has been viewed an "interference" drag.

" Expressing the boundary layer mechanical energy loss using an explicit function of

edge velocity and dissipation coefficient.

" Calculating aerodynamic performance using the dissipation coefficient instead of the

skin friction coefficient. The former varies much less than the former in pressure

gradients and therefore gives more accurate estimates of the performance.

These benefits of the power balance method are displayed in three different applications: 1)

derivation of analytial expression of profile drag estimates for conceptual design applications

(Chapter 4), 2) aerodynamic performance estimation for three basic integrated configura-

tions (Chapter 5), and 3) performance quantification of a hybrid wing body (HWB) with

BLI propulsion system (Chapter 6).

3.4 Flat Plate Skin Friction and Dissipation Correlation

This section focuses on deriving the correlation of dissipation coefficients along with those for

the skin friction coefficient, for laminar and turbulent flow, which are used in the preliminary

performance calculation of aircraft configurations employing the wetted area method.

3.4.1 Laminar Boundary Layer

The laminar flat plate dissipation and skin friction coefficient can be obtained using the

Blasius boundary layer equation, which yields

Flat plate local skin friction coefficient cfFP'
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CfP-0.664

Flat plate local dissipation coefficient CDFP:

0.261
CDFP . (3.

The skin friction coefficient averaged for a flat plate of length c is

1 C
CfFP jOdx.(3.Cf0

The flat plate surface dissipation coefficient averaged for a flat plate of length c is

CDSUfFP CDOdx. (3.

The numerical expressions are:

Flat plate skin friction drag coefficient CfFP'

1.328
CfFP R'.2(3

Flat plate surface dissipation coefficient CDFPSUrf:

C-D fFP 0.522 (3.
sufP tRec

From Eq. 3.60 and Eq. 3.61, the ratio of wake to profile boundary layer dissipation are:

wake

BL
1 -2 CDFPSUrf

CfFP

0.214. (3.62)

For a laminar flat plate with trailing wake, 21% of the profile mechanical loss comes from

wake dissipation. This ratio is independent of Reynolds number.
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3.4.2 Turbulent Boundary Layer

For the derivation of the skin friction and dissipation coefficient in a turbulent boundary

layer, the evolution of skin friction and dissipation were calculated by numerically integrating

the Coles turbulent boundary layer profile [2] with constant edge velocity, using the G-/3 6

locus of Clauser [1] as closure relations. Using this procedure, the distribution of the local

skin friction and dissipation coefficients are obtained as a function of Reynolds number based

on x (Rex) and normalized wall effective roughness height (k+), defined as

k+ purk,(3.63)

where k is the wall roughness height and uT , Tw/p. The detailed formulations of the

turbulent boundary layer calculation are presented in Appendix B. Curves were fit to the

numerically calculated local skin friction and dissipation resulting in correlations for the

local skin friction and dissipation coefficient as:

0.48
CfFP -/2 (3'64)

In10.1729 Re1 x'k+

and

0.24
CDFP 0 R 2' (3.65)

In 0.3833(1+3k+I (1±O.3k+) Jj

For integrated quantities such as skin friction drag coefficient CfFP and surface dissi-

pation coefficient CDFPSUrf, it is useful to write the correlation in terms of wall roughness

height Reynolds number Rek PoOVOok/,1 and flat plate chord Reynolds number Rec:

CfFP 0.48 2 (3.66)
(1+O.Ol23Rek)

[ln (o.0613(02Re

CDS~lf [ln (0.1359 ( 1123Re)) (.7

Figure 3-8 shows the local turbulent skin friction coefficient cf as a function of local Reynolds

6 G _f(Au ) ?? _ 1 H-1 _ 6 dp H 2 0 due
f(Au-)dr QCS/2 H -Tu dg Cj Ue dg
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Figure 3-8: Local turbulent skin friction coefficient cf vs. local Reynolds number Re,
(left, Eq. 3.64) and skin friction drag coefficient Cf vs. chord Reynolds number Rec(right,
Eq. 3.66) (Experimental results from [40]) cf calculated numerically matches closely with
experimental data for smooth wall.

number Re, (left), and the skin friction drag coefficient, Cf as a function of flat plat chord

Reynolds number Rec (right). The left hand figure shows that Eq. 3.64 matches well with

the experimental skin friction coefficient measurements by Osterlund [40] conducted on a

smooth flat plate at zero pressure gradient, over a range of Reynolds number between 1 x 106

and 2 x 107 . Eq. 3.64 is also in line with the correlation of White [46],

0.455
cf ~ .nUUbe) (3.68)

FPIn (0.06Rez)

The right hand figure represents the skin friction drag coefficient as a function of chord

Reynolds number and wall roughness Reynolds number. The correlation developed has

larger error at low Reynolds number (14% at Re = 105 ), but has high accuracy (< 1%) for

Rec > 106 .

The ratio of total to wake boundary layer loss is:

wake 1 -2CoUfFP
P CfFP

ln (0.1359 0.8Re, ) [2-ln (0.13590.8 (3.69)
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For a flat plate with Rec = 107 and Rek= 0, Eq. 3.69 gives pm= 11%. The fraction of

wake loss is smaller for a turbulent boundary layer than for a laminar boundary layer.

3.4.3 Compressibility Effects

For a local edge Mach number comparable to or greater than unity, the kinetic energy of

the flow is non-negligible compared to its thermal energy, and heat generation occurs inside

the boundary layer as the flow is decelerated. The heat generated alters the density and

the viscosity profiles and affects the skin friction and dissipation. To obtain accurate values

of the skin friction and dissipation, the expressions in Section 3.4.1 and 3.4.2 need to be

corrected for this effect.

Figure 3-9 illustrates the variation of flat plate skin friction drag coefficient as a function

of freestream Mach number by van Driest [44]. As the freestream Mach number is increased,

the skin friction drag coefficient is reduced.

Define the compressible to incompressible skin friction ratio as:

Cf 1 (3.70)
Cf, 1 + KT'

then KT is expressed as

-y

KT = 0.0313ln (Re)/ M -0 . (3.71)

3.5 Summary

In this chapter, equations to evaluate the profile mechanical energy loss of an aerodynamic

body were derived from the mechanical energy defect equation.

The profile mechanical energy loss of an aerodynamic body is expressed as:

*'~ = '%urf + @*,ake. (3.72)

In Eq. 3.72, the surface mechanical energy loss is:

*ur f =]Kn dTE - (3.73)
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Figure 3-9: KT vs. chord Reynolds number for laminar (black) and turbulent boundary
layer with various wall roughness [44]

The wake mechanical loss is:

wake J K - nd0 out K - ndfTE. (3.74)

For an incompressible turbulent boundary layer, these losses are due to viscous dissipation

only,

(3.75)

where

= JJpeUe3cdS. (3.76)

For a compressible adiabatic turbulent boundary layer, the mechanical loss can be approxi-

mated as a function of dissipation coefficient, edge velocity and edge Mach number,

ff peU3 (1 + 2 M)cDdS
+ 2Me
1 +- 1M'/ 'out (-7

A correlation to calculate the flat plate skin friction coefficients (cJFP and CfFP) and

dissipation coefficients (cDPF and CDFP) has been derived from boundary layer equations

as tabulated in Table 3.1. The correlation for turbulent flow at Mac,= 0 and Rek= 0 was
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shown to match experimental data by Osterlund [40]. CfFP for laminar and turbulent flow

as a function of Rec, Rek is shown in Figure 3-10.

The rest of the thesis focuses on the different applications of the power balance method.

Chapter 4 uses Eq. 3.77 to derive an analytical expression for the component form factor

employed in the wetted area method. Chapter 5 applies Eq. 3.77 to estimate the interference

effects in an integrated configuration. Chapter 6 applies the power balance method to

quantify the system level benefit of BLI.
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Figure 3-10: Skin friction drag coefficient vs. chord Reynolds number for laminar (black)
and turbulent boundary layer with various wall roughness
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Chapter 4

Improved Estimates for Airfoil Drag

Using The Power Balance Method

In conceptual aircraft design, profile drag1 is obtained through the wetted area method using

a combination of a flat plate skin friction drag coefficient (CfFP) , a component form factor

(Kf) and a wetted area (Swet). The form factor, Kf, was correlated to geometric parameters

such as airfoil thickness to chord ratio or body diameter to length ratio by Hoerner [20],

Raymer [34], Shevell [37], and others. The main problem of such correlations is that the value

of the form factor cannot be reliably applied to new geometries for which experimental data

is not available. In this chapter, an analytical expression for the form factor is developed

using the power balance method and its accuracy is quantified using CFD results. In this

context we note that the results presented are extreme cases to illustrate the limitations of

the developed form factor expression.

Section 4.1 introduces the wetted area method used in the profile drag estimation of

aircraft during conceptual design. Section 4.2 derives an analytical expression of the form

factor using the power balance method. Section 4.3 presents the accuracy and the limitation

of the analytical expression through three examples, comparing it against other empirical

form factor correlations. Section 4.4 summarizes the chapter findings.

4.1 Wetted Area Method For Profile Drag Estimation

The drag of an isolated aerodynamic body can be broken into three components:

lor equivalently profile mechanical energy loss for isolated bodies
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1. Lift induced drag: drag force associated with trailing vorticity generated by a three

dimensional lifting body, and its corresponding transverse velocities in the Trefftz

Plane.

2. Wave drag: drag force due to changes in pressure distribution caused by formation of

shockwaves around the body.

3. Profile drag: drag force caused by viscous effects in the boundary layer, which includes

skin friction and pressure drag. This is related mainly to the axial velocity defect in

the Trefftz Plane.

Lift induced drag and wave drag can be captured using computationally inexpensive methods

such as Euler or panel methods, which could be employed during preliminary performance

calculations. To estimate the profile drag of an aerodynamic body with minimum computa-

tion the wetted area method based on form factor and flat plate skin friction drag coefficient

is used. The form factor is defined as:

Dp
Kf DFP'(4.1)

where Dp is the profile drag and

1
DFP =-Poo VSwetCfFp. (4.2)

2

Swet is the total wetted surface area of the body, and CfFP is the flat plate skin friction

coefficient, defined as

CfFP CfFP dSwet, (4.3)
Swet f

with cfFP being the local skin friction coefficient at the Reynolds number of the actual body.

If Kf is assumed known (from external information) the profile drag coefficient, CD,

DP/jpooV4Sref, can be estimated as

CD, C fFPKf S"'i, (4.4)

where Sref is the reference area.
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CfFP can be reliably obtained from experimental results or boundary layer theory [1, 2],

as presented in Section 3.4. The main challenge is the estimation of the form factor Kf,

which relates the drag of an aerodynamic body to that of a flat plate by capturing two

different effects:

1. Effect of local 1/2peUe2 . The skin friction drag of a body is higher than that of a flat

plate, because of locally higher edge velocity around the body, on average.

2. Effect of pressure drag: The pressure drag is non-zero around an aerodynamic body

with non-zero thickness.

The first effect can be captured using the edge velocity distribution around the body esti-

mated from an inviscid calculation, but there is no simple way to estimate the pressure drag.

The values of the form factor, therefore, are obtained from empirical correlations based on

experimental data, such as those presented in Chapter 2.

4.2 Analytical Expression of Form Factor

In this section, an analytical expression relating the component form factor to the boundary

layer edge quantities (density, velocity and Mach number) is derived by applying the power

balance method. The boundary layer edge quantities are inputs in airfoil design, the derived

expression can therefore be used in the profile drag estimation of newly designed airfoil.

Calculation of profile drag over a three dimensional geometry can also be simplified using

this expression, as the edge quantities can be calculated reliably using a source line model [14]

or any other inviscid flow calculation method.

As mentioned in Section 3.3, the profile drag of an isolated airfoil can be related to the

mechanical energy loss as:

D V = (4.5)

and the component form factor can also be expressed as:

Kf (4.6)

DFPVoo

For each distinct surface i of an aerodynamic body, the profile mechanical loss over the

surface i (I*s) can be calculated as derived in Section 3.2.3:
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=f0 [PeUe3c- D--V2U2 dStat0 . (4.7)

In Eq. 4.7, Stot is the surface area of the flat plate surface and wake combined. Combining

Eq. 4.6 and Eq. 4.7,

ff elc - D -VU, ~
Kf,. = PCUgCD DVUdS (4.8)

2 PooSweti CfFP

Using the definition

CfFP Q2 f CDFPdStot (4.9)

(cDFP is the local dissipation coefficient) and the derivation given in Appendix C, Eq. 4.8

can be written as

fwetJ peUg (1 + 1M2) dSwet0

Using Eq. 4.10, an analytical expression for component form factor is:

1
Kf n E(KfiSweti

i=1 Sweti 1

1 fwti peU3(1 +2M2)dSweti
En et pV3 (i + ~2 M2) r(4.11)
i=1 Swetii1 POO 001+ 20

Eq. 4.11 is a function of the edge density, the edge velocity, the edge Mach number and the

component geometry. All of these can be obtained from potential-flow solutions and do not

require empirical information.

Eq. 4.11, however, is derived based on the following assumptions for the flow around the

body:

1. The approximation of baroclinic power 2 as

fftot1 peUg (i + 2 1M2) rcD dStot,

2nv =fD -v7UldS.
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2. The assumption that the boundary layer characteristics, in particular the shape pa-

rameter H (or kinematic shape parameter Hk for compressible flow), are within the

range such that

cD ~cFP' (4.13)

The accuracy and limitation of Eq. 4.11 therefore depends on the validity of the above

assumptions which are investigated in detail in this study for various airfoil geometry and

operating conditions. It will be shown that:

1. assumption 1 breaks down when the boundary layer interacts with a shock with in-

coming Mach number higher than 1.15, and

2. assumption 2 breaks down when separation of boundary layer is observed, which can

be caused by adverse pressure gradient or boundary layer/shock interaction.

It is emphasized that the breakdown of assumptions 1 and 2 only occurs on extreme cases

which are not used in aircraft cruise condition. Eq. 4.11 is therefore applicable for use at

the conceptual design stage in estimating cruise performance.

4.3 Accuracy and Limitation of Form Factor Calculation Method

To assess the accuracy of Eq. 4.11, the form factors of various aerodynamic bodies (Kfac.

D PCFD ) have been calculated using MSES [8] (for 2D airfoils) and MTFLOW 3 [10] (for body
FPCFD

of revolution) and compared against the formula in Eq. 4.11 (Kfest ) and various empirical

correlations (Kf,) presented in Chapter 2.

The comparison of three form factors (Kfac, Kf,,,j and K ) is conducted for three

common applications:

1. Bodies of revolution of various fineness ratio (l/d), used in the estimation of profile

drag of an aircraft fuselage.

2. Low speed 2D airfoil at various angles of attack, used in the estimation of wing profile

drag of a low speed aircraft.

3. Transonic 2D airfoil at various flight Mach numbers, used in the estimation of wing

profile drag of a transonic aircraft.

3MTFLOW uses the same formulation as MSES, adapted for bodies of revolution.
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4.3.1 Body of Revolution

In this estimation of profile drag of an aircraft fuselage, or its equivalent body of revolution,

the area distribution was taken from the D8.5 aircraft design of the NASA N+3 project [14]

as in Figure 4-1. The following parameters were varied:

" Free stream Mach number (M,): M,,= 0.1 to simulate incompressible flow and

M,,= 0.85 to simulate transonic cruise condition for a commercial airliner (typical

cruise Mach between 0.74 and 0.85).

" Airframe fineness ratio (l/d): varied from 2.5 (40% thick body) to 12 (8.3% thick

body). D8.5 fuselage has a fineness ratio of 8.55.

The length Reynolds number (Rel) was fixed at 1.0 x 107 , with a boundary layer trip

prescribed at x/l = 0.10.

Figure 4-2 shows the form factor from MTFLOW results (blue) which is taken as a true

value and the estimated form factor from Eq. 4.11 (red), as a function of body fineness ratio

(l/d) at M,,= 0.1. The Hoerner correlation [20], which was most accurate among available

correlation, is also plotted. The Hoerner correlation (black) is given by

KfHoerner = 1 + 1.5 +7 . (4.14)

The band highlighted in light blue indicates the region of 2% error from the actual form

factor, defined as:

eK (Kfe= t - 1 x 100%. (4.15)

The form factor estimated using Eq. 4.11 is accurate to within 2% for l/d > 5, which is as

accurate as the correlation by Hoerner.

2> D8 Fuselage d

Figure 4-1: D8.5 fuselage section
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Figure 4-2: Form factor (Kf) vs. body fineness ratio (l/d), Mc = 0.1. The form factor

estimation given by Eq. 4.11 is accurate to within 2% for the body fineness ratio greater

than five, which is the case in typical fuselages.

Both the analytical model and Hoerner correlation have errors greater than 2% for

l/d < 5. The correlation by Hoerner overpredicts the form factor, while the analytical

model underpredicts it. To investigate the source of the estimation error, we analyze cases

with l/d = 5 (Point A in Figure 4-2) and l/d = 2.5 (Point B in Figure 4-2). Figure 4-3

shows the Cp contours around the bodies with l/d = 5 (upper) and l/d = 2.5 (lower). The

key difference between the two cases is the size of the wake downstream of the body. While

the boundary layer over the upper body stays attached over the length of the body, the

boundary layer of the thicker body separates and there is a large wake downstream of the

body. The inaccuracy of the estimation occurs because the boundary layer is separated and

the assumption that cD ~ cDFP is no longer accurate, causing the estimation to deviate

from the actual value. To support this argument, we investigate the evolution of the local

normalized loss generation dC<>/Ids, which represents how closely the profile mechanical loss

scales as peU + (+ 1M ). C is defined as,

(1+ =1Mr , (4.16)

[PeUf (i+ 1M2)c

where
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Figure 4-3: Cp contours of D8.5 fuselage with l/d = 5 (upper) and l/d = 2.5 (lower),
M, = 0.1. A significant change in the wake thickness is seen between the two bodies.

7 1 r- fT e 3 1 + -MC2 rds
PeU3 1+( jMe2)+ .fpeU1 (4.17)

2-ave C

If the dC */ds distribution of a body is the same as that for a flat plate, both assumptions

made in deriving Eq. 4.11 are valid. Figure 4-4 shows a comparison of boundary layer

properties between l/d = 5.0 (dashed purple lines) and l/d = 2.5 (solid red lines). The

uppermost plot shows the evolution of the boundary layer kinematic shape parameter (Hk4 )

along the body, the middle plot shows the evolution of the local normalized loss generation

dC4*/ds, and the lowermost plot shows the normalized edge velocity distribution. Figure 4-4

shows sharp increases in Hk and dC4 /ids downstream of x/c = 0.75 on the l/d = 2.5 body,

indicating separation has occurred as a result of the flow deceleration.

The CFD results at Mo 0.1 show the analytical expression for the form factor is

accurate to within 2% for bodies of fineness ratio greater than 5. For a body of revolution

4 Hk k Wok, Ok =f (-~)~ dy, 6;*k f (1 -[) dy
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Figure 4-4: Evolution of Hk, dCD*/ds and Ue/V00 over D8.5 fuselage, for l/d 5 (purple
dashed) and l/d = 2.5 (red solid), M,,= 0.1. dCD*/ds increases by 1 x 10-3 when Hk
increases by 4.
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operating at a higher Mach number (e.g. cruise Mach number of 0.85), the derived form

factor expression is less accurate, due to effects of compressibility. Figure 4-5 shows the form

factor from MTFLOW results (blue) and the estimated form factor (red) as a function of

body fineness ratio (l/d) at M,,= 0.85. For this Mach number, the form factor of Eq. 4.11

is accurate to within 2% for l/d > 6.25.

Following the same process as the low Mach number analysis, two body thicknesses

(l/d = 6.25, point A and l/d = 4.54, point B) were analyzed further to investigate the

source of the estimation error. Figure 4-6 shows the Cp contours around the l/d = 6.25

body (upper) and the 1/d = 4.54 body (lower). Unlike the low Mach number cases, there

is no significant difference in the downstream wake. The lower body, however, has a shock

near x/c = 0.75, which is not present on the upper body. The presence of this shock is the

primary cause of the estimation error.

Figure 4-7 shows a comparison of flow parameters between l/d = 6.25 body (dashed pur-

ple lines) and l/d = 4.54 body (solid red lines). The uppermost figure shows the boundary

layer kinematic shape parameter H, the center plot shows the local normalized loss gener-

ation dC */ds, and the lowermost plot show the edge Mach number Me. The main difference

between the results for the two bodies analyzed is the sharp peak in dO*/ids at the location

of the shock on the l/d = 4.54 body.

The cause of the peak in the normalized loss generation comes from the sudden increase

in baroclinic power as a result of the large pressure rise across the shock, which is not

captured in the approximation. Figure 4-8 illustrates this effect, showing the evolution

of profile mechanical loss and approximated mechanical loss over the l/d = 4.54 body at

M, = 0.85. The approximation error has a sharp increase at the shock.

We can draw the following conclusions from this study:

1. For a body of revolution operating in a flow with M2 < 1, Eq. 4.11 is accurate for

flows without separation, or more precisely, for the fuselage geometry studied, a body

with a fineness ratio larger than 5. This range covers typical aircraft fuselages, which

have l/d ~10.

2. For a body of revolution operating at Mo 0.85, the analytical model is affected

by the error in the estimation of baroclinic power, caused by the pressure gradient

generated by the shock. For a D8.5 fuselage body at Mo 0.85, the fineness ratio
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Figure 4-5: Form factor (Kf) vs. body fineness ratio (l/d), M,,= 0.85. The form factor
estimation is accurate to within 2% for l/d > 6.25, which is the case in typical fuselages.
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Figure 4-8: Evolution of mechanical energy loss, corrected dissipation and their difference
for the l/d = 4.54 body at Mac,= 0.85. The error between the mechanical energy loss and
the approximation error increases sharply at the location of the shock over the body.

of the body should be kept over 6.25 to avoid shock formation over the body surface.

The method should be applicable to a typical aircraft fuselage, which has l/d ~ 10.

In summary, the form factor estimation method developed is accurate for bodies of revolution

without flow separation or strong shocks as defined above. This is always the case for

fuselages at their design point, so the method is well-suited for fuselage drag estimation in

conceptual design analysis and optimization.

4.3.2 Low Speed Airfoil

Another application of the wetted area method is the estimation of profile drag of a two-

dimensional, low speed airfoil at various angles of attack. The profile drag of a typical5 2D

low speed airfoil GAW1, Figure 4-9, is assessed for angles of attack between a =-40 and

180. The freestream Mach number was Mac,= 0.15, the chord Reynolds number was fixed

at the design value, Rec = 6.3 x 106, and the boundary layer was tripped at s/c = 0.01.

5pe personal communication with Prof. Drela
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Figure 4-9: GAW1 airfoil section

Figure 4-10 shows the form factor calculated from MSES results (blue) and the estimation

(red) as a function of airfoil lift coefficient Cf. The figure also shows the empirical form factor

correlation from Raymer [34] (black)

(2 - M020) t t 4 1
KfR(aymer=1+ 2  +100 - 1(+ - [Ce, + (Cf C- 21) , (4.18)

1-M02 C C 4

and correlation from Hoerner [20] (dashed black)

KHoerner=1+ 2 ()+ (60 ) 1 + Ces, + (Cf- Cfdes)21) (4.19)

where Cfdes is the design lift coefficient of the airfoil. The band highlighted in light blue

indicates the region of 2% error from the MSES form factor. The estimation using Eq. 4.11

is accurate to within 2% for -0.5 < Cf < 1.0, as accurate as the two empirical correlations.

The error in the analytical expression (and the correlations) grows beyond 2% for CfQ>

1.0, as the airfoil operates closer to its stall condition.

To analyze the source of the estimation error in further detail, we compare the airfoil flow

field at a= 0' (point A in Figure 4-10) and at a = 10' (point B in Figure 4-10). Figure 4-11

shows Mach number contours at a= 0' (upper) and at a = 100 (lower). The key difference

between the two operating conditions is boundary layer separation on the suction surface at

the higher angle of attack. As with the body of revolution examined earlier, separation is

the primary cause of the error in form factor estimation.
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Figure 4-10: Form factor (Kf) vs. GAW-1 airfoil lift coefficient (Ce), M,,= 0.15. The form
factor estimation is accurate up to CQ = 1.0 for this airfoil.

Figure 4-12 shows the evolution of the boundary layer kinematic shape parameter Hk

(uppermost), the local normalized loss generation dC /cIs (center), and the normalized edge

velocity Ue/Voo (lower) for a = 0 (dashed lines) and a = 100 (solid line). The primary

source of losses at high angle of attack comes from the increased loss generation towards

the trailing edge of the suction surface, following the trend of the boundary layer kinematic

shape parameter. The increase in the suction side boundary layer kinematic shape parameter

is caused by the larger velocity gradient at higher angle of attack. The normalized loss

generation over the pressure surface is unaffected by the change in the angle of attack,

because the boundary layer sees only a weak adverse pressure gradient over the rear pressure

side of the airfoil.

In summary, the analytical form factor expression is as accurate as the empirical form

factors, and is within 2% for the GAW-1 airfoil with -0.5 < C < 1.0. The estimation

breaks down when the airfoil operates near the stall condition. In an aircraft conceptual

design stages, one is mainly concerned about the cruise performance of the airfoil, which

would most likely be operating away from the stall condition, and for such application, the

analytical expression is adequate.
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Figure 4-11: Mach contours of GAW1 airfoil at a = 00 (upper) and a = 100(lower). Bound-
ary layer separation occurs over the suction surface at high angle of attack.
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Figure 4-12: Evolution of Hk, dCD* /ds and Ue/Voc over GAW1 airfoil, for a = 0 (dashed)
and a = 100 (solid), suction surface (left), pressure surface (right). The trend of dCD* /ds
follows that of Hk.
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4.3.3 High Speed Airfoil

The wetted area method is also used to estimate the profile drag of a two-dimensional,

transonic airfoil RAE2822, shown in Figure 4-13. Analysis was conducted for freestream 6

Mach numbers between 0.3 and 0.79. As a reference, M1 ~ 0.70 is a typical perpendicular

Mach number seen on the swept wing of a commercial airliner. The airfoil angle of attack

was fixed at a = 30, with chord Reynolds number of Rec = 1.0 x 107 and the boundary

layer was tripped at s/c = 0.01.

Figure 4-14 shows the form factors calculated from MSES (blue) and from the analytical

expression (red) as a function of freestream Mach number. The figure also shows the form

factor calculated from the correlation of Shevell [37] (black),

(2 - M2) [t\ [t 4 I 1 2
KfShevell (1 +( () + 100 - 1+ - [CLdes + (CL -CLde) (4.20)

1 - M2 C) C) 4

and Nicolai [32] (dashed black),

KfNl (1 + (0'6 ()+ 100 () 4 )(1.34M1 18 ) 1 + c Lde +| (cL cLdes )2)

(4.21)

where (x/c)max is the location of the airfoil maximal thickness, which is at x/c = 0.38 for

RAE2822. The band highlighted in light blue indicates the region of 2% error from the actual

form factor. The form factor estimate of Eq. 4.11 is accurate to within 2% for freestream

Mach numbers up to 0.71.

The error increases markedly above M1 = 0.72. The sharp increase in error is caused
6From infinite swept-wing theory, airfoil profile drag depends almost entirely on the perpendicular-plane

Mach number M 1 = Mcc cos A, where A is the wing sweep angle. In this 2D airfoil section, the term
"freestream Mach" will refer to M 1 .

C

Figure 4-13: RAE2822 airfoil section
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Figure 4-14: Form factor (Kf) vs. freestream Mach number, a = 3'. The estimation error
increases rapidly for MI > 0.72, where a shock exists.

by the change in the shock strength over the airfoil suction surface as seen in comparison

of flow around the airfoil at two operating conditions, M_ = 0.72 (point A in Figure 4-14)

and M_ = 0.75 (point B in Figure 4-14).

Figure 4-15 shows the Mach number contours at M/f= 0.72 (upper) and at M= 0.74

(lower). The shock upstream Mach number is higher for M_ = 0.74 (M = 1.4 ahead of

the shock), than for M- = 0.72 (M = 1.2 ahead of the shock). As a result of this increase

in shock strength at M_ = 0.74, the boundary layer downstream of the shock thickens

noticeably compared to M_ = 0.72.

Figure 4-16 shows the evolution of the boundary layer kinematic shape parameter Hk

(uppermost), the local normalized loss generation dCo /cs (center), and edge Mach number

Me (lowermost) for M- = 0.72 (dashed lines) and M- = 0.74 (solid line). An increase in the

boundary layer kinematic shape parameter is seen downstream of the shock at M_ = 0.74,

together with the increase in the normalized loss generation in this region. For M_ = 0.72,

the loss generation downstream of the shock is affected less. The normalized loss generation

over the pressure surface is unaffected by the change in the freestream Mach number as no

shock exists.

To further investigate the effect of shock/boundary layer interaction on the accuracy of

the form factor estimation, eKf is plotted against the local maximum Mach number over
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Figure 4-15: Mach contours of RAE2822 airfoil at M1 = 0.72 (upper) and M1

(lower). Boundary layer thickens downstream of the shock at M1 = 0.74.
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Figure 4-16: Evolution of Hk, dCD/ds and Me over RAE2822 airfoil, for M 1  0.72
(dashed) and M 1 = 0.74 (solid), suction surface (left), pressure surface (right). A dramatic
change in the boundary layer property is triggered downstream of the shock at M 1 = 0.74.
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the suction surface of the airfoil in Figure 4-17, for a = 20 (green) and a = 30 (purple). As

shown, eKf increases rapidly for airfoils with Mmax > 1.15. The estimation should therefore

be limited to configurations with a peak Mach number over the airfoil surface less than

Mmax = 1.15. In a typical commercial airliner such as the Boeing 777, the perpendicular

Mach number seen by the outer wing is about 0.7, and current design practice is not to have

transonic airfoils operate with a suction surface peak Mach number greater than 1.15 7 . The

present analytical method is therefore applicable in conceptual design of transonic airfoils

used in commercial airliners.

10-

8-

6 - M 1.15

4
8 ac 2 deg.

2 -
a= 3 deg.

0

-2i i
0.8 0.9 1.0 1.1 1.2 1.3

Local Maximum Mach Number (Mma)

Figure 4-17: Error in form factor estimation vs. local maximum Mach number Mmax for
RAE2822 airfoil, at a= 20 (green) and a= 30 (purple). Magnitude of error exceeds 3% for

Mmax > 1.15.

4.3.4 Estimation of Form Factor Using Inviscid Calculations

The results presented in Section 4.3 focused on the accuracy of Eq. 4.11 assuming that the

boundary layer edge velocity distribution is known a priori, which holds when the boundary

layer edge velocity is given as design inputs. In many situations in aircraft conceptual design

stages, however, the boundary layer edge velocity is not known and must be estimated using

an inviscid calculation. This section presents the accuiracy of the form factor estimates

calculated based on the boundary layer edge velocity obtained from an inviscid calculation.

7per conversation with Prof. Drela
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Figure 4-18 shows the form factor from MTFLOW results (blue), the estimated form

factor using the boundary layer edge velocity from the viscous calculation (red) and the

form factor obtained using the boundary layer edge velocity estimated from an inviscid

calculation (green), as a function of body fineness ratio (l/d) at M,,= 0.1 (upper) and

M, = 0.85 (lower). Figure 4-19 shows the various form factors of GAW-1 airfoil as a

function of lift coefficient (C>) at M,,= 0.15 and Figure 4-20 shows those for the RAE2822

airfoil for various perpendicular Mach number (M 1L) at a = 3'. The main takaway from

Figures 4-18, 4-19 and 4-20 is that regardless of whether the form factor is calculated from

the actual boundary layer edge velocity or from estimates based on inviscid calculation, the

accuracy of the form factor obtained from Eq. 4.11 is not affected by more than 2% for the

region of interest (l/d > 5, Cf = -0.5 ~ 1.0 and M 1L < 0.71).

The fact that the accuracy of the form factor estimate is more accurate when calculated

from the edge velocity estimates based on an inviscid calculation, is a result of contributions

of different errors canceling. From the results in Sections 4.3.1, 4.3.1 and 4.3.1, the form

factor estimates using Eq. 4.11 underpredict the actual form factor under the following

conditions:

" when thickening / separation of boundary layer is observed: e.g., airfoil near stall

condition and bluff bodies; and

" when the presence of shock with incoming Mach number greater than 1.15 is observed

in the flow field,

where the loss generation inside the boundary layer is no longer similar to that over a flat

plate.

When the form factor is calculated using an inviscid calculation, part of this error is

canceled out by overprediction of the edge velocity from the elimination of the boundary

layer displacement. The magnitude of overprediction increases with the magnitude of the

bundary layer displacementiit, i.e1 . thetz e1 dge1 veloucity tenids to bez ove1 rpre1 dicte1 d mo1re fur

flow with boundary layer closer to separation. The effect of elimination of boundary layer

displacement is accentuated for flow with shocks, where the location and strength of the

shock is affected by the presence of boundary layer displacement.

Figure 4-21 shows the comparison of the edge velocity distribution calculated from a

viscous calculation (red) and that estimated from an inviscid calculation (green), for GAW-
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Figure 4-18: Form factor (Kf) vs. body fineness ratio (l/d), M,,= 0.1 (upper) and M,
0.85 (lower). The form factor estimated using the edge velocity obtained from inviscid
calculations is more accurate than that estimated using the actual edge velocity.
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Figure 4-19: Form factor (Kf) vs. GAW-1 airfoil lift coefficient (C), Mac,= 0.15. The form
factor estimated using the edge velocity obtained from inviscid calculations is more accurate
than that estimated using the actual edge velocity.
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Figure 4-20: Form factor (Kf) vs. freestream Mach number, a = 3'. The form factor
estimated using the edge velocity obtained from inviscid calculations is more accurate than
that estimated using the actual edge velocity.

95



2.5

2.0-

Inviscid
1.5 -

8 Viscous

1.0 -

0.5 -

0.0

1.4 - Inviscidmo 0.71

1.2 Vs-u

1.0-

0.8 -

0.6-

0.4
0.0 0.2 0.4 0.6 0.8 1.0

Streamwise Location (x/c)

Figure 4-21: Edge velocity distributions over GAW-1 (upper, a = 100) and RAE2822 (lower,
M 1 = 0.71) airfoils.
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1 airfoil at a = 100 and RAE2822 airfoil at M 1 = 0.71. The edge velocity is overpredicted

using the inviscid calculation in both cases. A large discrepancy is seen in the RAE2822

results, as the shock location is affected by the presence of the boundary layer displacement.

Summary over the ranges of interest, there is no drawback in estimating the form factor

with Eq. 4.11 using the edge velocity estimates from an inviscid calculation.

4.4 Summary

In this chapter, an analytical expression for the form factor used in the wetted area method

was developed (Eq. 4.11). The expression is a function of edge density, velocity, Mach

number and geometry. These quantities are either inputs for airfoil design, or obtained

using a source line model [14] or other inviscid flow calculation methods. Unlike empirical

form factor correlations, this form factor calculation method can be applied reliably to a

new geometry for which experimental data is not available.

The accuracy of this form factor correlation were quantified by applying the method

to three airfoil geometries where the wetted area method is commonly applied: a body of

revolution at low and transonic Mach number, a low speed 2D airfoil and a transonic, 2D

airfoil.

The results were compared against the form factors calculated from MSES and MT-

FLOW results. For all analyzed configurations, the developed form factor calculation method

was accurate to within 2% for:

1. D8 fuselage section with fineness ratio (l/d) greater than 5 at M,,= 0.1, and greater

than 6.25 at Mo,= 0.85

2. GAW1 airfoil with lift coefficient between -0.5 and 1.0

3. RAE2822 airfoil with freestream Mach number up to M 1 = 0.71 at a = 3

This result was as accurate as other empirical form factor correlations. The estimation error

is found to increase under the following conditions (quantified in Section 4.3):

* when thickening /separation of boundary layer is observed: e.g., airfoil near stall

condition and bluff bodies; and

* when the presence of shock with incoming Mach number greater than 1.15 is observed

in the flow field.
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This estimation method is applicable for preliminary performance calculation of transport

aircraft at the cruise condition, as aircraft do not operate beyond the limiting conditions

listed above at cruise: the aircraft fuselage typically have l/d ~ 10, low speed airfoils are

operated at CQ between 0.4 and 0.8 and transonic airfoils operate at M 1 ~ 0.7, with a shock

incoming Mach number less than 1.15.
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Chapter 5

Effect of Interference on Mechanical

Energy Loss

In this chapter we address the effect on airframe performance of interference effects, in

other words the change in the mechanical loss when components are operated in interacting

configurations. Interacting configurations are defined here as configurations which have

separate aerodynamic bodies located close enough to each other so that the flow around each

body, and hence the aerodynamic performance, is altered by the pressure field generated

by other bodies by more than 10% from non-interacting configuration. The performance

change due to interference effects is due to three sources: 1) change in profile mechanical

loss; 2) change in induced drag due to variation in lift (and circulation) distribution, and

3)change in shock loss because of alteration of shock wave configurations.

Mechanisms 2 and 3 are related to losses in the equivalent inviscid flow (D*EIF) intro-

duced in Chapter 3. These losses can be evaluated by simulating the entire configuration

using an inviscid calculation and thus could be conducted during conceptual or conceptual

design stages. Quantification of mechanism 1 using CFD in conceptual design, however, is

challenging as viscous CFD is too computationally expensive to be run during early design

and optimization and scaling laws are used to estimate the performance changes due to

viscous effects.

In this chapter, we demonstrate that the change in the profile mechanical loss due to

interference effects scales as peUg (i1+ 2 M2) as derived in Chapter 3, using results from

CFD analysis of three basic interacting configurations: 1.) fuselage with actuator disk, 2.)
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interfering airfoils and 3.) nacelle with actuator disk, to quantify the accuracy of the scaling

law and to identify its limitations. The scaling law is also applied to estimate the profile

mechanical loss of an interacting configuration based on the flow over a configuration with

the same components in isolation.

Section 5.1 introduces the scaling law for mechanical loss due to interference effects and

the parameters used to quantify its accuracy, explains the limitations of the scaling and de-

scribes the configurations analyzed to assess its accuracy. Section 5.2, 5.3, and 5.4 assess the

accuracy of the mechanical energy scaling for the fuselage and actuator disk (Section 5.2), the

interacting airfoils (Section 5.3), and the nacelle with actuator disk (Section 5.4). Section 5.5

introduces and assesses a method to estimate the profile mechanical loss of interacting con-

figuration from the performance of non-interacting components. Section 5.6 summarizes the

findings of this chapter.

5.1 Scaling of Interference Effects

One challenge in the performance estimation for an interacting configuration is the pres-

ence of the so-called "potential effect1 " i.e. the changes in pressure distributions caused by

component interaction. To illustrate the issue we show in figure 5-1, measurement of drag

for a pair of strut sections in tandem [20]. The drag of the front strut (shown in blue)

decreases as the two struts are brought together, because the static pressure between the

two struts increases as they are brought together, resulting in a forward force on the front

strut. Because of this pressure interaction, the individual force acting on each strut does

not give meaningful information about its viscous drag. The only meaningful quantity for

the configuration is the total drag, because the forces due to field effects mostly cancel out

between the two bodies. Even further for a configuration where an airframe and a propulsor

are interacting the total force over the entire configuration is not meaningful, because its

value is zero for an aircraft at cruise condition. In contrast, performance assessment using

the power balance method is quantified in terms of dissipation and kinetic energy defects,

which are not explicitly affected by the local change in pressure distribution.

Another challenge is that the local skin friction coefficient (cf) is affected by pressure

gradient, as mentioned in Chapter 3. Conventional estimates of drag due to interference

prssre"field effectas termed by Smith [39]
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Figure 5-1: Drag of a pair of strut sections in tandem. (Adapted from [20]) Negative drag
force acts on the front strut as the two struts are within 0.5 chord length away from each
other.

effects which scale the individual drag contributions with PeUQ, in other words with dynamic

pressure, are thus inaccurate. The discrepancy between the calculated drag from this scaling

and the actual drag is attributed to an additional "interference drag", which is calculated

from empirical correlations [20]. The local dissipation coefficient, cD, used in the power

balance method is less affected by the change in pressure gradient and is nearly unchanged

between non-interacting and interacting configurations. The mechanical loss therefore scales

with peU (1+ 21M) rto a much greater accuracy, as derived in Chapter 3.

As such, the power balance method offers an advantage in assessing the performance

of an interfering configuration. However, limitations exist in the use of the power balance

method, which need to be quantified. The following section introduces the parameters

used to quantify the accuracy of the scaling law, explains its limitations, and describes the

configurations analyzed in this study.

5.1.1 Scaling Parameters

In comparing the performance between the interacting and the non-interacting configura-

tions, we define the following quantities, the quantities with prime (') representing values

for the interacting configuration:
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" Loss variation coefficient (LVC) represents the difference in profile mechanical loss

between the non-interacting and interacting configurations

LVC P P x 100%. (5.1)
P

" Drag variation coefficient (DVC) represents the difference in "profile drag" between the

non-interacting and interacting configurations.

D' - D
DVC D P x 100%. (5.2)

Dp

The results in this chapter focus on configurations with large interference effect, i.e., config-

urations with LVC and DVC greater than 10%.

In determining whether the interference effect scales with PeU 1+ 1M2) r or with

PeU , we define the quantities below:

" The average mechanical loss coefficient CD is the mechanical loss of the configuration

normalized using the loss scaling obtained from Chapter 3.

(1+ 2 M~) TE

C [P ( +21 M2T]. ,(5.3)
[peQ (1 + fMc2 c

S -ave

where

__-_ r ffjf peU (1+ 2 M 2ds

[peUQ1+? 1M2)12. (5.4)
L 2 J -ave c

" The average drag coefficient Cd is an overall quantity analogous to Co , but based on

drag and normalized by [peU 2 ] ave c. It is defined as

D
Cd D (5.5)

[peU2] ave c'

where

[ peU ]lave f ec .d (5.6 )

This d is half of the usual drag coefficient definition, to allow direct comparison with

Co-.
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If C is the same between interacting and non-interacting configurations, it indicates that

the proposed scaling for the mechanical loss is appropriate. The same applies for Cd.

5.1.2 Limitations

The scaling of mechanical loss used in this analysis is derived from the boundary layer

mechanical energy equation described in Chapter 3, where two approximations were made:

1. The baroclinic power 2 is calculated assuming 6** RO* (adiabatic flow with small3

pressure gradient).

2. c' cD (normalized boundary layer dissipation does not vary between non-interacting

and interacting configurations).

Assumption 1 breaks down when the boundary layer goes through a large pressure rise,

such as the one caused by a shock or an actuator disk. Assumption 2 breaks down when

the boundary layer separates due to the interference between the aerodynamic components.

In the following sections, the accuracy of the mechanical loss scaling is evaluated using the

CFD results of the interacting configurations described in Section 5.1.3.

5.1.3 Analyzed Configurations

The BLI aircraft of interest are highly interacting configurations in which the fuselage,

propulsor and nacelle are tightly integrated. We assess the accuracy and the limitation

of the mechanical loss scaling using three examples that include key features of the BLI

configuration (shown in Figure 5-2):

1. Fuselage with actuator disk, to investigate changes in the fuselage profile mechanical

loss due to interaction with propulsors of various size and strength.

2. Interfering airfoils, to investigate changes in the profile loss due to the mutual inter-

action of airfoils.

3. Nacelle with actuator disk, to investigate changes in nacelle external and internal duct

mechanical loss caused by variation in the propulsor characteristics.

2 THv ff D -7Ul dS.
sto be quantified in Sections 5.2, 5.3 and 5.4
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Analyzed Interfering Config.
Fuselage & Actuator Disk

Nacelle & Actuator Disk

Interfering Airfoils

czzzzz~
Figure 5-2: Canonical examples for BLI performance evaluation

For each example, MSES calculations of non-interacting components and the interacting

configuration were conducted to quantify the magnitude of interference. In the analysis

presented in this chapter, we focus solely on the effect of interference to the profile mechanical

loss.

Although the examples in this section are two-dimensional for simplicity, the methodol-

ogy presented is applicable to three-dimensional flow, although some consideration needs to

be made to handle cross flow in the boundary layer.

5.2 Fuselage and Actuator Disk Configuration

Our goal is to quantify the change in surface mechanical loss (<b*f between BLI and non-

BLI configurations, and determine its scaling. We define a symmetric 2-D body, shown in

Figure 5-3, with the thickness distribution taken from the D8.5 fuselage design of the NASA

N+3 project [14]. The propulsor is modeled as a lossless actuator disk, with a prescribed

uniform increase in stagnation pressure. The parameters varied are highlighted in red in

Figure 5-3:

" Free stream Mach number (M,): D8.5 reference value Moo ref= 0.74.

" Propulsor stagnation pressure rise (ACPt = Apt/ (pto,- p,)): D8.5 reference ACpt

1.4.
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Propulsor

Airframe t/c
D/c

C

Figure 5-3: Airfoil with actuator disk configuration

" Airframe maximum thickness to chord ratio (t/c): D8.5 reference (t/c) ref= 11.7%.

For freestream Mach numbers different than the cruise value, a Prandtl-Glauert trans-

formation was used to give corresponding airframe thickness:

t 1,-0M ref t
(- M - . (5.7)
c Moo A 1 - MoA C)D8.5

" Propulsor diameter to airframe chord ratio (D/c): D8.5 reference (D/c) ref= 0.08.

The chord Reynolds number (Rec) was fixed at 1.2x 108, with boundary layer trips prescribed

at s/c = 0.01 from the leading edge stagnation point. The principal quantity of interest is

the airframe surface mechanical loss, <D*f, obtained by evaluating the airfoil trailing edge

kinetic energy defect KTE-

5.2.1 Definition of "Drag"

To compare the power balance method and the momentum balance method, we need to

define an equivalent performance metric using momentum. As mentioned the force on the

body is influenced by the "potential" effect so the actual force acting on the body is not

a suitable performance metric. The total force on the configuration is also not useful in

quantifying the drag of the body, as there is no rigorous method to separate thrust and drag

forces.

We will use a method developed by Sargeant [35] to define a performance metric for mo-

mentum balance. The momentum defect computed at the trailing edge of the airframe just

in front of the propulsor is allowed to return to freestream pressure through the hypothetical

process illustrated in Figure 5-4. We can find an approximate profile drag using the Squire

and Young relation [47]:
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Figure 5-4: Trailing edge momentum defect returned to freestream pressure

(Ue\ Hk
D' = poU20" =peU20e I , (5.8)

where Hk is the average kinematic shape factor during the expansion process, approximated

as an arithmetic mean between the kinematic shape factor at the trailing edge (HkTE) and

the kinematic shape factor far downstream of the airframe (Hk). The assumed expansion

process is not required in the power balance method, as elaborated in Chapter 6.

5.2.2 Interference Effect

Figure 5-5 shows the loss variation coefficient (LVC from Eq. 5.1) as a function of actuator

disk pressure rise (ACpt = Apt/ (proc - poc)) for Mc,= 0.74. Results are given for propulsor

diameter to fuselage chord ratios (D/c) of 0.08 (green) and 0.5 (purple). In Figure 5-5

the loss variation coefficient, LVC, of the D/c = 0.08 configuration is smaller than 1%,

because the region of influence of the propulsor is proportional to the actuator disk size [15]

and for a typical BLI configuration with actuator disk much smaller than the airfoil chord

length (D/c < 0.1), the variation of both loss and drag is negligible 4 . For the D/c = 0.5

configurations, on the other hand, the large propulsor accelerates the incoming flow over a

large region of the fuselage, causing the mechanical loss to increase. At ACpt = 1.4, the

increase in LVC is 25%. The rest of the analysis in this section will focus on the D/c = 0.5

configuration.

5.2.3 Scaling Accuracy

To assess the accuracy of the scaling law of the profile mechanical loss and the profile drag

against the boundary layer edge quantities, we evaluate the relative change of the average

mechanical loss (Ce2 , Eq. 5.3) and the average drag coefficient (Cd, Eq. 5.5):

4Based on this result, the evaluation of BLI performance presented in Chapter 6 is conducted assuming
that the fuselage surface mechanical loss is not affected by BLI.

106



25

20-

15- D/c 0.5.-

10-

5

0.0 0.2 0.4 0.6 0.8 1.0 1.2 1.4
ACpt

Figure 5-5: Loss variation coefficient (LVC, Eq. 5.1) vs. actuator disk pressure rise ACpt
Apt/ (pto - p.), for M,,= 0.74 for two different actuator disk diameters.

'- C/ (D

C* C x ( 100%, (5.9)
CeD

C'/-Cd
ACd C C x 100%. (5.10)

Cd

Figure 5-6 shows ACoD (red) and ACd (blue) as a function of actuator disk pressure

rise for M,,= 0.05 (uppermost), M,,= 0.60 (center) and M,,= 0.74 (lowermost). The

mechanical loss of the configuration scales accurately with peU (1+ - M2) r, as seen

from the value of ACoD within 1% for M,,= 0.05 and M,,= 0.60, and within 6% for

M0 = 0.74 at ACpt = 1.4. The profile drag does not scale with peU 2 as accurately, with a

variation of 19% at M,,= 0.74.

Source of Error

Although the magnitude of ACoT is small (<6%), it increases rapidly as the freestream

Mach number is increased from Mo 0.6 to Mo 0.74. For A Cyt 1.4, A Ce is 0.7%

at Mo 0.60, and 6% at Mo 0.74. This is because the assumption used to estimate

the baroclinic power, listed in Section 5.1.2, becomes inaccurate at Mo 0.74 where shock

have formed. Figure 5-7 presents the pressure coefficient (Cs), the mechanical loss terms and
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Figure 5-6: ACD (red) and ACd (blue) vs. ACpt for M,,= 0.05 (uppermost), M., 0.60

(center) and M,,= 0.74 (lowermost)
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Figure 5-7: Cp contours, mechanical loss and boundary layer edge Mach number distribution
of non-interacting (left) and interacting (right) configuration: propulsor D/c = 0.5, ACpt
1.4, Mc,= 0.74
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the boundary layer edge Mach number profile around the non-interacting and interacting

configuration at M,,= 0.74. Both configurations have a supersonic region near the trailing

edge, but there is a much stronger shock for the interacting configuration (right), due to the

flow acceleration caused by the propulsor. The shock generates a large pressure rise, which

violates the assumption made in the baroclinic power calculation. This is also highlighted

from the rapid change in the actual baroclinic power around the shock.

To support this argument, we compare the flow fields at M,,= 0.6 and M,,= 0.74 in

Figure 5-8, for ACpt = 1.4. The uppermost plot shows the boundary layer kinematic shape

parameter (Hk) along the airfoil. The middle plot shows the local normalized mechanical

loss dC */ds, which is an important quantity for the assessment of the accuracy of the loss

scaling. If the mechanical loss scaling using peU3 1+ M2) r were perfect, the distri-

bution of dC'>*/s would be the same between non-interacting and interacting configuration.

The lowermost plot shows the edge Mach number distribution.

For M,,= 0.6, there is little difference in the distribution of Hk and dO*/ds between non-

interacting and interacting configurations. For M,,= 0.74, a spike in the local normalized

mechanical loss occurs at x/c = 0.84, the location of the shock due to flow acceleration

created by the propulsor.

The cause of the peak in the normalized loss generation comes from the increase in the

baroclinic power across the shock which cannot be captured accurately from the 6** ~O*

approximation. This is illustrated in Figure 5-9, which shows the profile mechanical loss

and the approximated mechanical loss, for Mo,= 0.74 and ACpt = 1.4. The approximation

error between the mechanical loss and the corrected dissipation has a sharp increase at the

location of the shock in the interacting configuration. From Figure 5-6, the maximum value

of ACD* was 6% from a shock with incoming Mach number of 1.4; if the Mach number over

the fuselage is less than Me= 1.4, the approximation error in baroclinic power will be less

than 6%.
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Figure 5-8: Hk, dCD/ds and Me over D8.5 fuselage, for non-interacting and interacting
configuration (ACpt = 1.4). Left: M,,= 0.6, right: M,,= 0.74. Gray lines represent values
for the non-interacting configuration, and the red lines represent values for the interacting
configuration. The strong shock causes large changes in the interacting M,, = 0.74 case.
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Figure 5-9: Mechanical energy loss, approximated mechanical loss and approximation error
for interacting configuration, (ACpt = 1.4).

5.2.4 Summary

The following are the major findings from this analysis:

1. The interference effect is larger for larger propulsor (D/c). At M,,= 0.74 and propul-

sor ACpt = 1.4, the increase in the mechanical loss is less than 1% for D/c = 0.08 and

about 25% for D/c = 0.5.

2. The change in the profile mechanical loss due to the interference effect scales as

peU3 (+ 2M r The maximum variation of AC* , which is a measure of how

closely the mechanical loss scales as peU3 (1 + 2 1M2) r, is within 6% for the con-

figuration with D/c 0.5 and M,,= 0.74. The "drag" does not scale with peU 2 as

accurately, with a ACd of 19%.

3. The deviation of mechanical loss scaling from peU (1+ 1M2) r is due to the ap-

proximation error in baroclinic power, which assumes small pressure gradient and does

not apply when the boundary layer interacts with shocks with incoming Mach number

greater than 1.4. For the configurations analyzed, the error due to the approximation

of baroclinic power term is within 6%. A shock of this strength would not be used in a

design-point condition, however, so the error is of little concern in actual early design

and optimization applications.
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5.3 Interfering Airfoil Configuration

Changes in the profile mechanical loss between non-interacting and interacting airfoils are

assessed using the 2-D configuration shown in Figure 5-10. The parameters varied are

highlighted in red in the figure:

" Free stream Mach number (M,). Calculations are done at M,,= 0.1 to show features

of incompressible flow, and at M,,= 0.6 to assess the effect of compressibility. A

moderate Mach number was chosen in this analysis to avoid shock formation over the

airfoil in non-interacting configuration.

" The relative size of airfoil 2, (c2 /ci). Two values were examined: (c2 /ci) = 0.1 and

(c2/ci) =0.5.

" Vertical distance between airfoils: (h/ci). The smaller the distance, the larger the

interference effect. In the simulation the distance was varied from 1.2 to 0.06 for

(c 2 /ci) = 0.1 and from 1.2 to 0.12 for (c 2 /ci)= 0.5.

" Horizontal distance between airfoils: (d/ci). Two values were examined:

1. A mid-chord (MC) configuration with d/ci = 0, airfoil 2 located at mid chord of

airfoil 1 where the local velocity is high.

2. A trailing edge (TE) configuration with d/ci = 0.5, airfoil 2 located near the TE

stagnation point of airfoil 1.

Both airfoils had t/c = 12% (NACA0012). The airfoil 1 chord Reynolds number (Re 1 ) was

1.2 x 108 with boundary layer trip at s/c = 0.01 from the leading edge stagnation point.

Airfoil 2 r

d/c,

t1/c1 Air foil 1

Cl

Figure 5-10: Interfering airfoil configuration
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The quantity of interest in this example is the total profile mechanical loss of the entire

configuration, the sum of the surface and the wake mechanical losses of both airfoils,

* = * + *owake1) + (4s*urf 2 + (DwKake2 ) . (5.11)

An analogous quantity based on momentum is the total profile drag of the entire configura-

tion (does not include wave drag),

D = Di + DP2 . (5.12)

5.3.1 Mechanical Loss Scaling

Figure 5-11 shows the LVC as a function of the position of Airfoil 2 relative to Airfoil

1 for free stream Mach numbers of M, = 0.1 (solid line) and M O = 0.6 (dashed line).

The geometry notation is as in Figure 5-10. The results are shown for the upper airfoil

with c2/ci = 0.1(upper plot) and c2 /ci = 0.5 (lower plot), at d/ci = 0 (purple line) and

d/ci = 0.5 (green line). The region of pressure influence of each body scales with the

relative size of the bodies [15], and the interference effect is larger for c2/cI= 0.5 than for

c2 /ci = 0.1. The rapid decay in pressure influence of aerodynamic bodies with the distance

from the body [15] means that the magnitude of the interference effect has a sharp increase

as two airfoils are brought together.

The reason for the smaller interference effects of the TE configuration compared to

the MC configuration is explained by the flow feature differences. Figure 5-12 shows a

comparison of Mach contours between the MC and TE configurations, for M,= 0.6, c2 /ci =

0.5, and h/ci = 0.24. In the MC configuration, the location of maximum thickness of airfoil

1 anid 2 occurs at aipproximai~tely thetz samet~ axial location (z/ci ~0.45), caiusin1g at contractioni

between the airfoils, the formation of a normal shock, and boundary layer separation. In

the TE configuration, the maximum thickness of airfoil 2 occurs near the trailing edge of

airfoil 1 and the flow passage is less affected. No shock is formed, and no boundary layer

separation is observed. Although the magnitude of interaction varies with freestream Mach

number and relative size of airfoil 2, the effect is always larger for MC configurations.
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Figure 5-11: Loss variation coefficient (LVC) for various airfoil separations. c2/cI= 0.1
(upper), c2/ci = 0.5 (lower), for upper airfoil at mid-chord (MC, purple) and at trailing
edge (TE, green).
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Figure 5-12: Mach contours of MC configuration (upper) and TE configuration (lower),

c2/ci= 0.5, Mac,= 0.6. Stronger interference is seen in MC configuration in which there is
a shock between the two airfoils due to a contraction.
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5.3.2 Loss Scaling in Incompressible Flow

To visualize how the LVC scales with boundary layer edge quantities, the relative change

of average mechanical loss and drag coefficient (ACD* and ACd) were evaluated for MC

configurations at M,,= 0.1. MC configurations were chosen because we are interested in

cases with large interference effects. The boundary layer loss and drag are normalized by

the average of edge quantities over the airfoil surface. Figure 5-13 shows ACD* (solid line)

and ACd (dashed line) for c2 /ci = 0.1 (red) and c2 /ci = 0.5 (blue) configurations, as a

function of vertical distance between the two airfoils (h/ci).

Similar to the results in Section 5.2.3, the mechanical loss scales with peUg (1 + 2 M)

better than the drag scales with PeU 2 , as seen from the larger variation of average drag co-

efficient (ACd) than that of average loss coefficient (ACD*). A sudden increase in ACoD

is observed near h/ci = 0.1 for c2 /ci = 0.1 and h/ci = 0.2 for c2 /ci = 0.5, indicating the

mechanical loss no longer scales with peU (1+ 1M2) r. We show that the increase is

caused by the change in boundary layer properties between the non-interacting and inter-

acting configuration, by computations of the following four configurations:

30-
AC, ACd

- o---c 2 /c1 =0.1
25- B 2 0.5

BICI 0.

S20- 9

1015- b

| 0-

0a ----- _-------------

0.0 0.2 0.4 0.6 0.8 1.0 1.2
Vertical Separation (h/c1)

Figure 5-13: ACD and ACd for MC configuration at M, = 0.1

117



Configuration a: c2 /ci 0.1, h/ci 0.1. This configuration is the threshold case,

just before the sharp increase in ACD* is observed in the c2/cI= 0.1 configuration.

(ACt 1%)

Configuration A: c2 /ci 0.1, h/ci 0.07. For this c2 /ci 0.1 configuration the

PeU (1+ 1M2 r scaling is not appropriate. (ACD* = 21%)

Configuration b: c2 /ci 0.5, h/ci 0.2. This configuration is the threshold case,

just before the sharp increase in ACD* is observed in the c2/cI= 0.5 configuration.

(ACtD = 4%)

Configuration B: c2 /ci 0.5, h/ci 0.12. For this c2 /ci 0.5 configuration the

PeU (1+ 1M2 r scaling is not appropriate. (ACoD = 24%)

Source of Error

Figure 5-14 shows Mach number contours for configuration a (c2 /ci = 0.1, h/ci = 0.10)

and configuration A (c2/ci= 0.1, h/ci = 0.07), and Figure 5-15 shows Mach number

contours for configuration b (c 2 /ci = 0.5, h/ci = 0.20) and configuration B (c 2 /ci = 0.1,

h/ci = 0.12). The difference between the threshold (a, b) and extreme configurations (A,

B) is the boundary layer separation observed in both A and B configurations which is

generated by the strong adverse pressure gradient.

Figure 5-16 shows the boundary layer kinematic shape parameter Hk (uppermost), the

local normalized loss generation dC4 /cis (center), and the normalized edge velocity Ue/Voc

(lower) over the airfoil surfaces for the c2/cI= 0.1 configurations, Configuration a and A.

Gray solid lines, colored dashed lines and colored solid lines represent values for the non-

interacting configuration, configuration a and configuration A respectively. The primary

cause of the increase in the mechanical loss is the change in the boundary layer properties,

ais seen~1 in thet chiage~ in Hk, caiuse~d by thet flow d~celerationi seen~1 near z/ci =0.48. Thetz

loss generation follows the same trend as Hk, increasing sharply at the location of the flow

deceleration. Unlike airfoil 1 where the flow acceleration and deceleration occurs over a

short distance on the airfoil (~ 10% chord), airfoil 2, which is 10 times smaller than airfoil

1, sees a relatively mild flow deceleration over the entire airfoil. Hk and dCos/cis is therefore

less affected on airfoil 2 than on airfoil 1.
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Figure 5-14: Mach contours of c2/cI= 0.1 configurations at Moo,= 0.1. Configuration a
(upper, h/ci = 0.10) and A (lower, h/ci = 0.07)
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h c= 0.20 (config. b)

0.5
x/c

0.14

h 1c, 0.12 (config. B)
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x/c

Figure 5-15: Mach contours of c2/ci = 0.5 configurations at Mac,= 0.1. Configuration b
(upper, h/ci = 0.20) and B (lower, h/ci = 0.12)
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Figure 5-16: Hk, dC /ds and Ue/V 00 for M,= 0.1, c2 /ci
Airfoil 1 upper surface, right: Airfoil 2 lower surface
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Airfoil 2

Airfoil 1, Top Surface

h/c 1 = 0.12)

Airfoil 2, Bottom Surface

c103

h/cI =0.12
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isolated

0.0 0.2 0.4 0.6 0.8 1.0 0.25 0.35 0.45 0.55 0.65
Streamwise Location (x/c) Streamwise Location (x/c)

Figure 5-17: Hk, dCI /ds and Ue/V 00 for Mo = 0.1, C2/CI
Airfoil 1 upper surface, right: Airfoil 2 lower surface

0.5 configurations. Left:
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A similar trend can be seen in Figure 5-17, which shows Hk, dC, /Ids and Ue/V 00 over

the airfoil surfaces for the c2/cI= 0.5 configurations (configurations b and B). With the

larger airfoil 2, the velocity gradient is smaller than that in configurations a and A, so the

relative change in Hk is not as pronounced. However, both Hk and dC, /Ids are influenced

over a larger region than configurations a and A, with changes in loss generation over 40%

of the airfoil chord on both airfoil surfaces.

The results show that the error in mechanical loss scaling comes from the change in

the boundary layer properties between the non-interacting and interacting configurations.

Figure 5-18 shows ACD* plotted as a function of change in average boundary layer kinematic

shape parameter AHk =H H'-Hk, where

-n[jf Hkdsntop+ jf Hkdsnot
AHkE 1s-+. (5.13)

i=1 [,Snto, + snbot]

Hk is the boundary layer kinematic shape parameter averaged over all airfoil surfaces in

the interacting configuration and ACD* increases monotonically with AHk. To keep ACD*

smaller than 10%, AHk must be less than 0.04.

50-

40-
0

30-

*eC2/C =0.1 D
0

20-

10--- error --------------------

6 a c2 /c1 =0.5

0.00 0.04 0.08 _0.12 0.16 0.20
AHk

Figure 5-18: A Ce vs. Ank, Mo = 0.1
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5.3.3 Loss Scaling in Compressible Flow

Figure 5-19 shows the ACD* (solid line) and ACd (dashed line) for c2 /ci = 0.1 (red) and

C2/Ci= 0.5 (blue) configurations, as a function of vertical distance between the two airfoils

(h/ci) at M,,= 0.6. The results are similar to the incompressible results in the previous

section, with the mechanical loss scaling with peUg (1+ -21M2) r better than drag does

with peU. A sharp increase in AC-,D* is also seen as h/ci is reduced, but the increase

happens at a larger h/ci than for incompressible flow: For c2 /ci = 0.1, the increase in

ACeD starts at h/ci = 0.18 at Mo,= 0.6 as opposed to h/ci = 0.10 at M,,= 0.1. For

c2 /ci = 0.5, the increase starts at h/ci = 0.44 for M,,= 0.6, rather than h/ci 0.20 for

M, = 0.1. This is due to two reasons:

1. For the same geometric thickness, the effective aerodynamic thickness is larger at

higher Mach number due to compressibility.

2. Shock formation has a strong influence on the boundary layer properties.

The deviation of mechanical loss scaling from peU3 (i + 1+ M2) r is caused by breakdown

of the assumptions listed in Section 5.1.2 as demonstrated from results with the four con-

figurations below:

30-
A ,Ad

-o-a- c2 / C1 0.1
25 -

-o-- -a -C 2 /C=0.5

S20-

C

7 15 -
D

10 - 3

5-

0 CT-------I--------I------
0.0 0.2 0.4 0.6 0.8 1.0 1.2

Vertical Separation (h/c1)

Figure 5-19: AC- and ACd for MC configuration at Mo 0.6
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Configuration c: c2 /ci = 0.1, h/ci = 0.18. This is the threshold case, just before a sharp

increase in ACD* is observed in the c2/ci1= 0.1 configuration. (ACoD = 2%)

Configuration C: c2 /ci 0.1, h/ci 0.12. For this c2 /ci 0.1 configuration the

PeU (1+ 1M2 r scaling is not appropriate. (ACD* = 17%)

Configuration d: c2/ci= 0.5, h/ci = 0.44. This is the threshold case, just before a sharp

increase in ACD* is observed in the c2 /ci = 0.5 configuration. (ACoD = 2%)

Configuration D: c2 /ci 0.5, h/ci 0.36. For this c2 /ci 0.5 configuration the

PeU (1+ 1M2 r scaling is not appropriate. (ACD* = 16%)

Source of Error

Figure 5-20 shows the Mach number contours for configuration c (c2/ci = 0.1, h/ci = 0.18)

and configuration C (c2 /ci = 0.1, h/ci = 0.07), and Figure 5-21 shows the Mach number

contours for configuration d (c 2 /ci = 0.5, h/ci = 0.44) and configuration D (c2 /ci = 0.1,

h/ci = 0.36). Unlike the threshold cases (configuration c and d), with normal shocks only

over the lower surface of airfoil 2, the extreme cases (configuration C and D) have normal

shocks over the entire flow passage between the airfoils, causing the boundary layer to thicken

or separate, the primary source of error in the mechanical loss scaling.

Figure 5-22 shows the boundary layer kinematic shape parameter Hk (uppermost), the

local normalized loss generation dC4 /cis (center), and the edge Mach number Me (lower-

most) over the airfoil surfaces of the c2 /ci = 0.1 configurations. Gray solid lines, colored

dashed lines and colored solid lines represent values for the non-interacting configuration,

configuration c (threshold) and configuration C (extreme) respectively. For h/ci = 0.18

(configuration c), only the lower surface of airfoil 2 is affected by the shock, and there is

minimal effect on loss generation. In the extreme case (configuration C, h/ci = 0.12), the

edge velocity increases up to ~ 50% due to the interference. The boundary layer is marked

by the increaise in Hk downistreami of the nourmail shock. The locatl loss ge1neration follows

the same trend as Hk, almost doubling after the normal shock.

A peak in the normalized loss generation is also observed at the location of the shock

(z/ci1 0.5) over airfoil 1, similar to that in Figure 5-8. Because of the sudden change in

baroclinic power, however the integrated error in the mechanical loss due to the approxima-

tion of baroclinic power is less than 10% of the total error observed and it is the change in
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h/c1 0.18 (config. c)
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Figure 5-20: Mach contours of c2 /ci = 0.1 configurations at Mac,= 0.6. Configuration c.
(upper, h/ci = 0.18) and C (lower, h/ci = 0.12)
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Figure 5-21: Mach contours of c2/ci = 0.5 configurations at Mc,
(upper, h/ci = 0.44) and D (lower, h/ci = 0.35)

0.6. Configuration d.

127



Airfoil 1, Top Surface

Airfoil 2

separation

0

h/c 0.18 ci 0.12

0

h/ci = 0.12

0

Airfoil 2, Bottom Surface
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Figure 5-22: Hk, dCD /ds and Me for Mc=
1 upper surface. Right: Airfoil 2 lower surface
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Streamwise Location (x/c)

0.6, c2/ci = 0.1 configurations. Left: Airfoil

128

1

(A-



the boundary layer property which is the primary source of the loss generation. The trend

is similar for the c2/ci= 0.5 configurations, with large variation in Hk and dCo-/ds after the

normal shock as in Figure 5-23.

Although both configurations C and D and the BLI configurations (Moo, 0.74, D/c

0.5 and ACy = 1.4) mentioned in Section 5.2.2 have shocks in the flow field, ACCo , is smaller

in the BLI configuration (~ 4%) compared to configuration C (~ 15%) and configuration D

(~ 14%). Unlike the BLI configuration where the dominant source of error in the scaling law

came from the baroclinic power approximation, configuration C and D has a large change

in the boundary layer properties between the non-interacting and interacting configuration,

which increased the profile loss of the interacting configuration over an extended region. We

can explain this from the pressure distribution downstream of the shock structure between

the two configurations. In Configuration C and D, the boundary layer is subject to an

adverse pressure gradient (flow deceleration) downstream of the shock, which keeps the

boundary layer kinematic shape parameter Hk at a high value (> 1.4 increase in Hk). The

resulting change in the local dissipation coefficient is the primary cause of increase in ACoD.

In the BLI configuration, the presence of the actuator disk at the trailing edge alleviates

the adverse pressure gradient, limiting the variation of Hk between isolated and interacting

configuration. The increase in ACD2 is thus mostly due to the approximation error in the

baroclinic power.

Figure 5-24 shows ACD* plotted against the variation in average boundary layer kine-

matic shape parameter AHk. ACD* increases monotonically with AHk, and as in the

incompressible calculation results, to keep ACD* smaller than 10%, AHk must be less than

0.04.

5.3.4 Summary

The key findings of this section are:

1. The effect of interference is larger for the configuration where airfoil 2 is located near

the location of maximum thickness of airfoil 1.

2. The mechanical loss of the configuration scales with pe Ug (i + 2 1M2) r better than

the drag scales with peU 2 .

3. The scaling factor of peU (1 + 2 1M2) r is accurate to within 10% if the variation of
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Airfoil 2

Airfoil 1, Top Surface
Airfoil 1

114

h/c = 0.35
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h/c = 0.35114
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Figure 5-23: Hk, dC(J /ds and Me for Mc=
1 upper surface. Right: Airfoil 2 lower surface

0.6, C2/CI = 0.5 configurations. Left: Airfoil
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Figure 5-24: ACD vs. AHk, Mc = 0.6

the average BL kinematic shape parameter AHk is within 5% of the non-interfering

configuration.

4. In incompressible flow, the mechanical loss scaling with peU (1+ 1M2) r breaks

down when the boundary layer separates due to interference.

5. In compressible flow, shock formation from the interaction causes the mechanical loss

scaling to break down, as both the baroclinic power and the boundary layer properties

are altered by the shock in a way that is not accounted for.

Configurations in which the mechanical loss scaling broke down either had a strong normal

shock, or a severe separation. Such situations would not be used for aircraft design points

and for more realistic designs, the mechanical loss scaling will be applicable.

5.4 Nacelle and Actuator Disk Configuration

In this section we evaluate the change in the profile loss generated on the external surface

and in the internal duct of a two-dimensional nacelle-propulsor combination. The propulsor

is represented by an actuator disk. The nacelle and actuator disk configuration, shown in

Figure 5-25, uses a nacelle design taken from an example MTFLOW case [10], with modified

airfoil thickness (t/c =7.5%) and nozzle to actuator disk area ratio (Art/Adisk 0.91). The

131



actuator disk was at x/c = 0.4, and the disk to nozzle area ratio was adjusted until no

shock or severe duct losses were seen at an actuator disk strength of ACpt = 1.0. The

chord Reynolds number of the nacelle airfoil (Rec) was 1.2 x 107 with boundary layer trips

at s/c = 0.01 from the leading edge stagnation point. The freestream Mach number was

Mo = 0.6, the same as the velocity seen by the nacelle of the D8.5 aircraft. The actuator

disk stagnation pressure rise (ACox , Apt/ (Pto - xPo)), which ranged from ACpt = 0.0 to

ACy = 1.6.

The boundary layer losses of external and internal surfaces are treated separately for

this analysis. The nacelle external loss is defined as:

ext s = urfext. + wakeeXt. (5.14)

The nacelle duct loss is:

duct =surfnt. + wakeit. (5.15)

The performance metric based on momentum is defined as:

Dnac + Dct = (p.U$m),xt + (pOU$00) int. (5.16)

5.4.1 Nacelle Losses Scaling

Figure 5-26 shows the nacelle external (upper) and duct internal (lower) LVC as a function of

actuator disk pressure rise (ACpt). In calculating LVC, values for ACpt = 1.0 were chosen as

a reference, because the nacelle was designed for this actuator disk pressure rise. Variations

in LVC up to 100% are observed for nacelle external loss, while variations from -70% to

80% are seen in duct loss. The nacelle external loss increases as the actuator disk pressure

Ap,

Figure 5-25: Nacelle with actuator disk configuration
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Figure 5-26: LVC for nacelle (upper) and duct (lower) losses vs. ACpt, Mc =0.6
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Figure 5-27: Nacelle ACo* and ACd vs. ACPt

rise decreases because of acceleration around the nacelle lip, caused by flow spillage at low

actuator disk pressure rise. The duct loss increases monotonically with ACpt, because the

edge velocity in the duct increases with ACpt. The loss mechanisms of the nacelle external

surfaces and the duct surfaces are presented in subsequent sections.

5.4.2 External Loss

Figure 5-27 shows the nacelle external ACD* (red) and ACd (blue) as a function of actuator

disk stagnation pressure rise. The reference for calculating ACD* and ACd is the perfor-

mance of the configuration at ACpt = 1.0. The mechanical loss scaling with peUg (i + M2

has ACD exceeding 10% for ACpt < 0.1, and maximum deviation of the mechanical loss

scaling occurs at ACpt = 0.0 (Configuration A shown in Figure 5-27), from the shock gen-

erated at the nacelle lip due to spillage.

Figure 5-28 shows the boundary layer kinematic shape parameter Hk (uppermost), local

normalized loss generation dC<>-/cs (center), and edge Mach number Me (lower) over the

nacelle surface. There is a shock at z/c =0.07, causing the boundary layer kinematic shape

parameter and normalized loss generation to increase.
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Figure 5-28: Hk, dCD /ds and Me over nacelle surface for ACpt = 0.0. Gray lines represent
the distribution for ACpt = 1.0, and red lines the distribution for ACpt = 0.0.
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5.4.3 Duct Loss

Figure 5-29 shows the nacelle duct ACD* (red) and ACd (blue) as a function of actuator

disk stagnation pressure rise. As with the nacelle external loss, the duct loss scales with

peU (1+ 1M2 r more accurately than the drag does with peUQ. ACd varies monotoni-

cally between -30% to 40% but ACD* is within 10% for all ACpt < 1.4.

The deviation of the mechanical loss scaling from peU. (1+ 2M.) r comes from two

mechanisms: approximation of the baroclinic power, and boundary layer separation. At low

ACpt, error due to the approximation of the baroclinic power is dominant, while at high

ACpt, boundary layer separation has the major effect.

Figure 5-30 show Hk (uppermost), dC<>/cIs (center), and Me (lowermost) for the nacelle

duct, for ACpt = 0.0 (blue, configuration B shown in Figure 5-29), ACpt = 1.0 (purple,

reference) and ACpt = 1.6 (red, configuration C shown in Figure 5-29). The actuator disk

is located at x/c = 0.4, where there is a negative spike in the normalized loss generation for

the ACpt = 1.0 and ACpt = 1.6 configurations, caused by the change in the boundary layer

baroclinic power across the actuator disk, ACD* therefore decreases as ACpt is increased

from 0.0 to 1.0. The effect of ACpt on ACD* has a maximum variation of 7% between ACpt

of 0.0 and 1.0.
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Figure 5-29: Duct ACo- and ACd vs. ACpt
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Figure 5-30: Hk, dCD /ds and Ue/Voc over the duct surface. ACpt 0.0 (blue), ACpt 1.0
(purple), ACpt = 1.4 (red)
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Another feature in Figure 5-30 is the increase in the boundary layer kinematic shape

parameter just downstream of the actuator disk, along with the increase in loss generation.

The adverse pressure gradient generated by the actuator disk causes the boundary layer to

thicken, increasing the loss generated. For ACpt > 1.0, this effect dominates the contribution

of the baroclinic power, as demonstrated by the positive slope in ACD* for ACPt > 1.0. An

actual propulsor fan would perform additional work on the slower boundary layer fluid if

the fan did not stall locally, and thus mitigate the boundary layer thickening shown in

Figure 5-30.

5.4.4 Summary

Key findings of this section are:

1. For the configuration analyzed, the mechanical loss scales with peU (1+ 2 M2) r.

2. The increase in loss due to changes in boundary layer kinematic shape parameter has

a larger impact on the mechanical loss scaling than the effect on the baroclinic power.

3. The adverse pressure gradient generated by the actuator disk increases the boundary

layer kinematic shape parameter, and hence the mechanical loss generation.

4. Work addition from the actuator disk causes the mechanical loss to decrease. The

maximum magnitude of this effect is 7%, between ACpt = 0.0 and ACpt = 1.0.
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5.5 Interacting Configuration Performance Estimation

As shown in Section 5.2, 5.3 and 5.4, CD is essentially constant for the configurations of

interest here, so the boundary layer loss can be taken to scale with peUg (1+ 21M2) r.

The performance of interacting configurations can thus be estimated from non-interacting

component calculations using the process described in Figure 5-31.

Isolated Performance Calculation

Isolated Component A Isolated Component B

Fuselage Nacelle Propulsor Actuator disk

Airfoilu1P l

Airfoil2

Velocity Field Velocity Field

Co CD (airfoil only)

Integrated Performance Estimation

rIntegratedConfiguration

Figure 5-31: Performance estimation process of interacting configuration from non-
interacting component calculation

The profile mechanical loss of the interacting configuration can be calculated by multi-

plying CeD from an non-interacting configuration, by peU (1 + M) robtained from the

inviscid calculation of the interacting configuration. Assumptions made in this estimation

are the following:

* There is no change in shock structure between the non-interacting and interacting

configuration.

* The change in the average boundary layer kinematic shape parameter, A1Ik, is less

than 0.04 between the non-interacting and interacting configurations.

* The boundary layers are thin (no separation, Rec > 1 x 106), so the boundary layer

edge velocity can be approximated as the wall flow velocity in the inviscid calculation.
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This calculation method has been applied to three examples to quantify the accuracy of this

methodology. In assessing the accuracy of the calculation method, the calculation error was

defined:

e est. act. (5.17)
act.

where *' is the boundary layer mechanical loss of the configuration using the calculation

method described above, and V*'. is the boundary layer mechanical loss obtained directly

from CFD calculation of the interacting configuration, and serves as the reference.

Figure 5-32 summarizes the calculation accuracy of mechanical loss of interacting config-

urations, determined from non-interacting component losses and an overall inviscid calcula-

tion. The BLI configuration was assessed at M,,= 0.6 and D/c = 0.5. For the interfering

airfoils, the MC configuration with c2 /ci = 0.1 and M,,= 0.6 was assessed. Figure 5-32

shows that all calculation errors are within 5% of the actual loss, apart from the cases where

the PeU (1+ ' 1M2) r scaling breaks down due to strong shocks or boundary layer sep-

aration. This demonstrates the utility of this methodology in assessing the performance of

interacting configurations.

5.6 Summary

The analysis of the three basic examples leads to the following conclusions:

" The variation of the mechanical loss due to interference scales more accurately with

peU (1+ 1M2 than the drag does with PeU 2 .

" The limitations for the mechanical loss scaling arise from two assumptions that must

be fulfilled:

1. The flow must be adiabatic with pressure gradient small enough that the baro-

clinic power5 can be calculated assuming &** RO*. The error due to this

assumption is within 7%~ for the boundary layer interacting with a normal shock

with upstream Mach number smaller than 1.4.

Ilv =ffD - 7 Ul dS.
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Figure 5-32: Estimation accuracy for BLI (uppermost), interfering airfoil (center) and nacelle
configuration (lowermost)
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2. c'D ~cD for non-interacting and interacting configurations. The error due to

this can be kept within 10% if the variation of the averaged boundary layer kine-

matic shape parameters AHk between the interacting and the non-interacting

configurations are within 0.04.

The mechanical loss scaling breaks down only for situations where a strong normal shock or a

severe separation exist in the flow field. Such situations would not be used for aircraft design

points. For realistic designs, therefore, the mechanical loss scaling procedure is applicable,

and the methodology which is accurate to within 5% of the actual mechanical loss, has

utility in estimating the performance of interacting configurations during conceptual design.
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Chapter 6

Effect of BLI on HWB Fuel Efficiency

This chapter describes the effects of boundary layer ingestion (BLI) on the fuel burn perfor-

mance of a Hybrid Wing Body (HWB) aircraft designed as part of the NASA N+3 Phase

I project [14]. A performance estimation methodology for BLI configurations, based on the

power balance method, is developed and applied to the multidisciplinary design optimiza-

tion (MDO) of an HWB aircraft. The wide centerbody of the HWB can accommodate a

highly integrated, distributed propulsion system, and the design space offers the possibility

of performance improvements from BLI. Mechanically geared (planetary and beveled) and

electrical transmissions systems are considered with varied numbers of turbogenerators and

propulsors, and using either liquefied natural gas (LNG) or conventional jet fuel. The min-

imum fuel burn occurs with the largest BLI fraction, with a fuel burn reduction of 8% for

jet fuel and 11% for LNG relative to the non-BLI configurations.

Section 6.1 presents power balance based performance metrics for aircraft configurations

using BLI. Section 6.2 presents details of the design methodology for the HWB airframe:

the HWB aircraft design requirement, the global optimization framework for the aircraft

system design, the aerodynamic and propulsive performance model, the propulsion system

configuration design space and the propulsion system weight model. Section 6.3 presents

the results from the tradeoff analysis between BLI and HWB aircraft fuel burn. Section 6.4

summarizes the key findings.
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6.1 Boundary Layer Ingestion

In this thesis, the fuel burn metric, referred to as Payload Fuel Energy Intensity (PFEI) [18],

is defined as:

PFEI Wfhf (6.1)
WpR

In Eq. 6.1, hf is the fuel heating value, R the range flown, Wf the total fuel weight, and Wp

the weight of aircraft payload. PFEI can be expressed as a function of aircraft aerodynam-

ics, propulsor thermodynamics and propulsive performance using a modified Breguet range

equation:

hf WE WR Rg1 1 1 1(
PFEI = R 1 + + exp h-1 .- LI,(6.2)

R~ WP WP} \ hf th prop CL/CD

In Eq. 6.2, WR is the weight of fuel reserve carried during a particular mission. Eq. 6.2 can

also be written in terms of the power balance terms:

PFEI = (1+ WE + WR) exp (R-11i). (6.3)
R ( WP WP) (h5 TM prop CL/C,,*

For a fixed aircraft mission (fixed payload, range and fuel type), the following four non-

dimensional parameters in Eq. 6.2 and 6.3 affect PFEI:

1. Empty weight fraction, WE/wp. Lower WE/wp improves PFEI.

2. Propulsor thermal efficiency, ]th. Higher ThM improves PFEI.

3. Propulsor propulsive efficiency, 1lprop. Higher 1lUprop improves PFEI.

4. Aircraft aerodynamic performance, CL/CD or CL/C,*. Higher CL/CD or CL/C,* improves

PFEI.

The main benefit of BLI comes in the improvement of qprop and CL/C* (or CL/CD ) as we

will show in the following sections.
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6.1.1 Power and Force Accounting for a non-BLI Configuration

Figure 6-1 shows a schematic of the power and force terms for a non-BLI configuration at

cruise condition. At cruise:

T = Dp + Dj,

PK - jet p vortex.

(6.4)

(6.5)

In a non-BLI configuration, aircraft performance accounting can be conducted using either

the power balance or the momentum balance method, as there is a one-to-one match between

the terms in the two methods. As defined in Chapter 3, the following relationships exist

between mechanical energy losses and drag forces:

DVoo =vortex, (6.6)

and

DpVoo = @* . (6.7)

For a non-BLI configuration, therefore,

CL CL (6.8)

CD (CD*

The definition of drag coefficient (CD) and mechanical loss coefficient (CD*) are respectively:

Propulsor
Airframe TVT =Z j t

D 7 ]T -----
D0,Vc= C' D Vc= C',,, T_________

vortex

DD

Figure 6-1: Power and force accounting for a non-BLI configuration. A one-to-one match
exists between terms in the momentum and power balance methods.
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Figure 6-2: Control volume for thrust and propulsive power calculation. All boundaries are

placed at ambient pressure.

CD D (6.9)
1/2pV

2
S'

C/2pV 3 S (6.10)
1/2pV03S*

For a BLI configuration, where thrust and drag cannot be separated, CD is ambiguous. CD*,

on the other hand, can be obtained unambiguously. This important advantage of the power

balance method is elaborated further in Section 6.1.2.

A similar relation can also be obtained between PK -et and T. Using the control

volume in Figure 6-2, the thrust generated by the propulsor is

T =(Vet - Vx) dl. (6.11)

The quantities PK (net propulsor mechanical power) and Vjet (propulsor jet dissipation)

are defined as:

PK = (Vy _ -V2 ) dn, (6.12)

et(V4jet - 'o)2 dnh. (6.13)

Thus,

PK - et J(VetVx - V ) dr = TVx
0

. (6.14)

The propulsive efficiency r/lprop is:
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Non-BLI Configuration -
T

--- - - - -------- - ---- - - -- --

BLI Configuration
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I I

Figure 6-3: Non-BLI (upper) and BLI (lower) performance accounting using momentum
balance. As described in Section 5.2, a hypothetical process in introduced to calculate the

momentum defect ingested by the propulsor.

TVoo
,/prop PK

jet

PK
(6.15)

From Eq. 6.6, 6.7 and 6.14, for a non-BLI configuration, performance accounting using

power and momentum balance is equivalent.

6.1.2 Challenge in Performance Accounting for a BLI Configuration

Figure 6-3 compares the momentum method applied to non-BLI and BLI configurations.

Quantities with prime (/) represent quantities for a BLI configuration 1 . For a non-BLI

configuration (upper Figure 6-3), the thrust generated by the propulsor is matched to the

total drag generated by the airframe. In a BLI configuration, however, the pressure field

interaction between airframe and the propulsion system affects the force acting on both 2

In the power balance method, however, the accumulated mechanical energy loss is not

explicitly affected by a local pressure variations whose interaction region is small compared

to the overall length. Figure 6-4 shows the difference between a non-BLI and a BLI con-

figuration based on the power balance method. Quantities with subscript "int." represent

'For a small propulsor (D/c < 1), Di~ D can be assumed.
2 Details presented in Chapter 5
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p, ext.

Figure 6-4: Non-BLI (upper) and BLI (lower) performance accounting using power balance.
Unlike the momentum balance method, there is no need to approximate the value of profile
loss via a hypothetical expansion to ambient pressure.

boundary layer quantities in the stream tube ingested by the propulsor, subscript "ext."

represent non-ingested boundary layer quantities. All quantities in the BLI configuration

can be obtained without introducing further approximations or assumptions and the hypo-

thetical expansion in Figure 6-3 is not needed. * is the profile mechanical loss of the

stream tube that is not affected by the BLI propulsor, and is the same for both non-BLI

and BLI configurations 3 (area shown in red in Figure 6-4). V*n represents the profile me-

chanical loss of the non-BLI configuration, in the stream tube that would be ingested by the

propulsor (area shown in purple on the upper part of Figure 6-4). V, is the boundary

layer mechanical loss of the ingested stream tube generated upstream of the BLI propulsor

(area shown in purple on the lower part of Figure 6-4).

6.1.3 Quantification of BLI Benefit Using the Power Balance Method

In this section, we describe the source of BLI power savings using the power balance method.

We define a metric which quantifies the overall power savings from BLI (r/BLI, BLI efficiency)

as

3From Chapter 5, for a small propulsor D/c < 1 %*L, ext.~*', ext. Local distribution of %*L, st. UP
to propulsor is approximately equal to @*B'L, et. for the same reason.
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WBLI D o. (6.16)

This relates the mechanical power output of the propulsor P to the propulsive power

required to propel an aircraft without BLI. The expression for TBLI is equivalent to the

definition of propulsive efficiency defined by Smith [39] and Sargeant [35]. Eq. 6.16 can be

split into terms related to airframe power and those related to propulsor power as

C( * C * C (G '

TIBLI = - C 1 -jet
Q* K Q* K=3LI CBLI 1 i 1>t)(6.17)

=C prop-

Eq. 6.17 is derived by substituting P A- l <=*' to Eq. 6.16. CBLI 0 /c;4 is the ratio

of required propulsive power between a non-BLI and a BLI aircraft, and 'op a1 -j*e/P'

is the propulsive efficiency of the BLI propulsor.

We now derive how the amount of BLI affects CBLI and r'rop. In doing this, we define

a few useful quantities:

Pint (6.18)
Pext.

D*'
Pint. ,(6.19)

Pint.

# is the ratio of the profile mechanical loss (sum of surface and wake losses) between the

boundary layer streamtube that is ingested by the propulsor, and the loss in the boundary

layer stream tube which is not ingested by the propulsor. #j= 0 represents a design without

BLI, and # = 1 is the design where all the boundary layer fluid is ingested by the propulsor.

p is the mechanical loss of the ingested boundary layer stream tube upstream of the

propulsor, normalized by the profile mechanical loss of that stream tube without BLI and

is a measure of the axial location of the BLI propulsor. p =0 indicates the propulsor is

located at the leading edge, and cp= 1 indicates that the propulsor is located infinitely

downstream of the airframe, where the wake has mixed out to freestream conditions. A

4~o; p C4 ; +C42; +C4. , C 2 ; +C42; +C 4 2.
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reasonable design choice would be to position the propulsor such that the propulsor jet does

not interfere with the airframe5 . In a such design, cp becomes a ratio between the surface

boundary layer loss V,*r, and the profile boundary layer loss @*:

suf _ surf
TE P *D +V (6.20)

P surf wake

which is governed by the airframe aerodynamics. For an aircraft fuselage without separation

PTE ~0.91 6.

Substituting Eq. 6.18 and 6.19 into the definition of CBLI, we obtain

V* + V
PCvortex

CBLI [1 /3(1 -p)] * + *r(6.21)

Since 1 - # (1 -p) < 0 for non-zero BLI, CBLI > 1 . In 2D, Vortex 0, and Eq. 6.21

simplifies to

1
CBLI 1 3 (6.22)

For a typical transport aircraft (Boeing 737 for example), the vortex loss (induced drag)

is approximately 40% of the total aircraft mechanical energy loss [14], and the maximum

achievable CBLI is approximately 1.06 for O = TE = 0.91 and /3 1. For a 2D body the

maximum CBLI is approx. 1.1 for p = TE = 0.91 and #/= 1.

Using Eq. 6.18 and 6.19, the net propulsor mechanical power of a BLI configuration (P)

can be expressed as:

P> JJ1(V? - V2 ) dri +/# . (6.23)

The second term in Eq. 6.23 comes from the reduction of incoming kinetic energy due to BLI.

Combining Eq. 6.23 with the definition of qprop, we obtain an expression for the propulsive

efficiency of a BLI configuration:

if Voo (Vt jet-Voo)dli +#9 (.24

5The body boundary layer loss generated by the jet passing over an airframe surface is much greater than
the body boundary layer loss generated in the freestream

6From Chapter 3
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Since ff Voo (Vet -Voo) dn < if (V> v-V d , rrop < 1. For the same Viet and Voo,

r4Prop > Tprop and as #Ib increases relative to if h (V7 t V df, 9brop increases.

The power savings due to BLI comes from two effects. One is a reduction of airframe

propulsive power due to the reduction of wake dissipation. The second is the improvement

of propulsive efficiency due to ingestion of lower kinetic energy flow, which allows the engine

to produce propulsive power with lower expenditure of kinetic energy in the exhaust jet than

in a non-BLI configuration.

6.1.4 BLI Example

To illustrate the effect of BLI, we can work through the power savings for a 2D example (Fig-

ure 6-5), with incompressible flow, no pressure interaction between airframe and propulsor,

uniform wake and jet velocity profile, constant pressure rise (A ct P, 1ut~j) across the

propulsor and no net thrust for the entire configuration.

The independent variables are: the fraction of wake ingested by the propulsor, 3, and

the propulsor pressure rise, ACpt- WTE is fixed at 0.91 independent of the propulsor config-

uration.

Figure 6-6 shows the variation of BLI efficiency TBLI as a function of BLI (#) and

propulsor pressure rise (ACpt); the detailed calculations are shown in Appendix E. The

maximum BLI efficiency (TBLI =1.11) is achieved at 100% BLI, when the propulsor captures

the entire wake, and accelerates it to the freestream velocity (Design B, # = 1.0, ACpt =

0.64). Design A (# = 0.45, ACpt = 1.2) corresponds to a design where propulsor does not

ingest the entire wake, as the size of the propulsor is limited by the total thrust requirement.

With a high pressure rise propulsor (ACpt > 0.64 in this example) the propulsor is smaller

than the wake of the airframe. Design C (#p= 1.0, ACpt = 0.2) corresponds to a design

where the propulsor pressure rise is lower than the wake stagnation pressure defect. Some

thrust therefore needs to be made up by the propulsor acting outside the wake.

Designi D (#= 0.0, A Cyt 1.2) anid F (#= 0.0, ACpt 0.2) are noni-BLI conifigurationis.

The lower power consumption of design F compared to design D is due to the reduction of

jet dissipation. Design E is a design where the BLI efficiency is unity, i.e. the power

consumption of the propulsor is equal to the isolated propulsive power of the airframe. This

occurs when CBLI X T(prop =1, i.e., when the inefficiency in the propulsor from the jet excess

kinetic energy is made up exactly by the reduction of the wake dissipation due to BLI.
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Figure 6-5: Simple 2D BLI problem. Airframe wake and propulsor jet are assumed to be
uniform.<D* represent the total mechanical loss of the isolated airframe.

Figure 6-7 shows the reduction of airframe loss from the reduction in wake dissipation

(CBLI), and the improvement in propulsive efficiency (rprop) from the reduction of jet dis-

sipation, as functions of BLI fraction (#) and propulsor stagnation pressure rise (ACot).

CBLI increases linearly with # for a design with ACpt > 0.64 (designs A, B, D and E) where

the propulsor has a larger stagnation pressure rise than the wake stagnation pressure defect.

For design B, CBLI has a maximum value of 1.10, which is 1/pTE. For an aircraft with

smaller PTE (larger wake loss), CBLI is larger. For designs with pressure rise smaller than

0.64 (design C and F), the propulsor pressure rise cannot fill the wake completely, and a

non-zero wake loss exists even at 100% BLI, resulting in a CBLI smaller than for designs

with ACpt > 0.64. In the limit of ACpt- - 0, CBLI= 1, meaning that the propulsive power

required to propel the airframe is the same as in non-BLI configuration.

T/prop = 1 can be achieved in two different ways. One is ACpt- - 0, where the propulsor

accelerates an infinite amount of air to an infinitesimal velocity. A second is Design B, where

the propuilsor increases the wake velocity to the freestream value.

Table 6.1 summarizes the properties of Design B (/3= 1, ACpt =0.64) which has

maximum BLI efficiency, design A (/3= 0.45, ACpt 1.2) and design D (#= 0, ACpt

1.2), which has a non-dimensional propulsor pressure rise roughly representative of a geared

turbofan. Compared to the non-BLI design (Design D), an improvement of 4% in CBLI

and an 13% in Tiprop can be achieved by placing the propulsor in the wake (Design A). The
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Figure 6-6: Contour of total BLI efficiency (TBLI) as a function of BLI (#) and propulsor
pressure rise (ACpt), for an aircraft with cp

the best-possible situation.
0.89 and negligible induced drag. Case B is
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negligible induced drag. Cases A-F are the same as in Figure 6-6.
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overall improvement in propulsor power consumption is 17%. For a maximum efficiency

design (Design B), an improvement in 10% in CBLI and 19% in Tprop can be achieved, an

overall improvement of 29% compared to a non-BLI design (Design D).

For aircraft configuration employing BLI, this result suggests that the propulsor should

be designed around an optimal ACpt which depends on the amount of BLI and Y5TE. For

a non-BLI configuration, such optimum do not exist since propulsive efficiency increases

monotonically as ACpt- - 0. Additional considerations such as nacelle drag and engine

weight must be included for a more realistic analysis.

Table 6.1: Parameters of various BLI configurations
Parameter Design B Design A Design D

Boundary layer ingestion 3 100% 45% 0%
Propulsor pressure rise ACpt 0.64 1.2 1.2

BLI efficiency TBLI 1.10 0-98 0.81
BLI airframe power coefficient CBLI 1.10 1.04 1.00

Propulsive efficiency qprop 1.00 0.94 0.81

Normalized propulsor mass flow, r/rB 1.0 0.45 0.37
Normalized propulsor area, A/AB 1.0 0.45 0.31

6.2 HWB Conceptual Design

From Section 6.1, we see the use of BLI allows both reduction of airframe power consumption

through reduction of the wake loss (improved CBLI), and increase in the propulsive efficiency

through the reduction of jet dissipation (improved qprop), but the implementation of BLI also

has additional secondary effects on aircraft performance, which need to be accounted for.

One of these is additional duct loss in the inlet duct system (reduced inlet pressure recovery).

For example, in some designs, a serpentine duct is required to divert the boundary layer into

the engine, and can increase the duct inlet losses. A second is reduction of fan efficiency due

to ingestion of non-uniform flow. A third is performance change due to change in engine

installation, for example the nacelle wetted area. A fourth is performance change due to

change in the propulsion system and total fuel weight. BLI affects the weight of both the

propulsion system and the fuel carried, affecting the structural weight and the balance of

the aircraft.

To capture these tradeoff, the HWB configuration has been designed in an optimization
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process built up from a combination of first principles and empirical data to incorporate the

mission, airframe, operations, and propulsion system. The following sections present the

global optimization framework of the aircraft system design, the aerodynamic and propulsive

performance calculation methodology, the propulsion system configuration design space, and

the weight model for the propulsion system.

6.2.1 Airframe Design Requirements

The HWB aircraft is designed around the performance goals set by NASA as part of the

N+3 Phase I program [14]. The aircraft requirements summarized in Table 6.2 were chosen

to meet the Long-Haul International mission selected by the MIT N+3 team, a mission

currently flown by Boeing 777-200LR.

Table 6.2: Aircraft design requirements for the HWB design [14]
Long-Haul International

Reference Boeing 777-200LR
Capacity 350 passengers

Design Range 7,600 nm
Cruise Speed > Mach 0.80

Runway Length 9,000 ft balanced field
Span Constraint 65 m

Compliance FAA 7 and JAA8 safety standards, NextGen compatibility
Technology Technology available for entering service by 2035

6.2.2 Airframe Design and Aircraft System Level Optimization

The HWB airframe is a derivative of that created during the Silent Aircraft Initiative

(SAI) [19], which was further explored in NASA sponsored N+2 research at MIT [31, 45].

The airframe was scaled and optimized to accommodate the change in mission and technol-

ogy from the N+3 requirements using a HWB aircraft design methodology HWBOpt [28, 29].

HWBOpt utilizes a modular design framework executed from Matlab. Developed from

methodology utilized during the SAI [19], it consists of an aircraft system design loop

wrapped in a global optimization routine as in Figure 6-8. The objective function was

aircraft fuel burn, calculated as PFEI. The optimized design variables define the airframe

planform, engine cycle and initial flight altitude, with cruise Mach number fixed at 0.83.

The lack of a priori knowledge of the target design space favored the use of a stochas-
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Figure 6-8: Design and optimization methodology

tic approach. The optimization was based on a two-tier hybrid heuristic/deterministic ap-

proach [28, 29], which combined the first tier multi-objective genetic algorithm (MOGA) and

the second tier sequential quadratic programming (SQP) [28]. Constraints on the design in-

cluded static stability and passenger comfort based on cabin angle during cruise. Beyond

fuel volume restrictions, additional geometric constraints were imposed due to operational

restrictions on aircraft span based on the ICAO9 Annex 14 code E airports regulations [21],

and balanced field takeoff length requirements.

To analyze the tradeoff of BLI and aircraft performance, the aircraft was optimized for

various propulsion system configurations to be described in Section 6.2.5. The aircraft is

designed for conventional fuel (JetA) and also liquefied natural gas (LNG). LNG enables the

use of an electric transmission system by allowing for a reduction of the cryocooler weight

required for the superconducting materials [14], giving a broader propulsion configuration

design space.

The inputs to the design analysis include technologies, HWB airframe configuration,

mission and scenario. For each input vector, the design process begins by lofting of the

91nternational Civil Aviation Organization
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planform into a three-dimensional airframe that envelops the cabin 10. An initial guess

for the aircraft fuel weight is made and used along with initial aerodynamic analysis to

size the propulsion system and estimate the fuel burn at cruise conditions as discussed

in Section 6.2.4. The cruise analysis also requires adjustment of the wing twist to trim the

aircraft at the start of cruise without control surface deflection or thrust vectoring. From the

cruise fuel burn calculation, a new aircraft fuel weight is calculated, which is fed back to the

next aircraft design loop until a converged statically stable design is achieved. The obtained

aircraft design is then fed into an off-design analysis that involves stall speed estimation for

takeoff and approach performance and is used to assess the aircraft field length.

6.2.3 Aerodynamic Performance

Figure 6-9 describes the power terms present in an HWB aircraft. In each design iteration,

the following power balance equation is evaluated:

(P>0  - F;) - t = D*>' + @*vortex + D*/'ave + 'jacelle, (6.25)

where all primed (/) quantities are values for the BLI configuration. The terms on the

left hand side are evaluated using the propulsion system performance calculation described

in Section 6.2.4. The terms on the right hand side are evaluated using the aerodynamic

performance calculation described in this section. The aerodynamic performance of the

HWB aircraft is computed fromil:

airframe = (1 - (1' )* + vortex + (*ave + ri'acelle (6.26)

In Eq. 6.26, all airframe mechanical energy loss terms are based on isolated airframes, except

for D*/'cee- *o is calculated from the induced drag (Di) of the isolated aircraft using

an inviscid two-dimensional panel method, AVL 12 , as

**vortex = i~c (6.27)

The boundary layer and shock loss of the airframe (G,*, and @*vave) are calculated sep-

1 0The cabin was designed by geometrically scaling the design from the SAX-40 aircraft [19] to accommodate
350 passengers. [29]

"1modified following the analysis from Section 6.1.2
"2AVL, http://web.mit.edu/drela/Public/web/avl/
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Figure 6-9: Various power terms present in a HWB BLI aircraft

arately for the centerbody and the outer wing. The HWB aircraft is a scaled version of

the SAX-40F, so the boundary layer mechanical energy loss over the centerbody is obtained

from a three-dimensional Navier-Stokes solution performed by Boeing using CFL3Dv613. To

capture Reynolds number effects, the mechanical loss of SAX-40F is adjusted based on the

size of the designed aircraft using the correlation in Chapter 4:

ln (0.1359Rec
*[=*H HWB- (6.28)

PHWB PSAI ln (0.1359RecSAX)

where RecHWB is the chord Reynolds number of the designed HWB, and RecSAX is the

SAX-40F chord Reynolds number. For the outer wing, the surface, wake and shock dis-

sipation were calculated based on the airfoil section Mach number and angle of attack

using a two-dimensional CFD program, MSES 1 4 . The amount of boundary layer ingested,

parametrized by # and p, is calculated based on the kinetic energy thickness distribution

of the upper surface boundary layer of the centerbody, provided by the 3-D Navier-Stokes

solution, and on the propulsion system configuration. The mechanical power PK and the jet

1 3 CFL3D Version 6, NASA Langley Research Center, http://cfl3d.larc.nasa.gov/Cfl3dv6/cfl3dv6.html
1 4 A look-up table was created from this data for use during the design optimization process.
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dissipation (V ) are calculated using the engine cycle model described in Section 6.2.4.

The nacelle dissipation (<*'acelle) is calculated from the mechanical energy loss of a flat plate

with the same Reynolds number and wetted area as the nacelle [19].

6.2.4 Propulsion System Performance

The propulsion system performance calculations was found from cycle analysis, with engine

flows assumed to be a mixture of perfect gases with tabulated data for specific heat as a

function of temperature [14, 17]. The engine powered by Jet A featured a Brayton cycle

with improvements in turbine metal temperature and component efficiencies from current

state-of-the-art engines. The turbine metal temperature was 1500K, with a film cooling

effectiveness of 0.4 and a turbine Stanton number of 0.065. The component efficiencies were

increased by 1 percentage point from current state-of-the-art compressors for the low and

high-pressure compressor and low-pressure turbine, and 1.5 percentage points for the high-

pressure turbine [14, 17]. The burner pressure loss was set at 0.955 [14]. To capture the effect

of core size on engine performance, the polytropic efficiency of the high-pressure compressor

(HPC) was scaled based on compressor exit corrected flow to account for Reynolds number

and tip clearance effects1 5 . The number of turbogenerators on the aircraft was limited to 9,

to avoid the HPC exit corrected flow falling below 1 lbm/s [14]. For the engine using LNG

as a fuel, a 2.2% improvement in normalized core work and a 4% improvement in normalized

core work was assumed [14]. It was assumed that all of the turbogenerators were ingesting

clean flow, i.e. all boundary layer ingested by the propulsion system were diverted to the

fan bypass duct.

To capture the effect of BLI on fan performance, fan efficiency was kept at a current

technology level; this assumes that technology advancement would be able to produce a

distortion-tolerant fan having current efficiency levels [42]. In this study, the fan face Mach

number was fixed at M = 0.65. Although a tradeoff exists between fan face Mach number

axnd fani efficienicy fur BLI propulsion system, axs described in the work by Plas~ [33], it waxs

not considered in this study. Other effects of BLI such as aero-mechanical vibration of the

fan blades and reduction of stability margin due to stagnation pressure distortion were also

not considered.

"5The HPC polytropic efficiency is calculated as TOpoy, HPC =min {0.93, 0.93 -0.01 (4 -lNcorr, HPC)},

where Ncr is the HPC exit corrected flow in ibm/s. For Ncor ;> 4 ibm/s, Tipoly, HPC =0.93, for Ncorr < 4,
Tipoly, HPC deCreases by 1% for every ibm s reduCtion from 4 ibm/s.
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Figure 6-10: Propulsion system design process

Figure 6-10 illustrates how the propulsion system design process relates to Figure 6-8. For

a given airframe clion ton, the propulsion system is sized to meet the cruise propulsive

power requirement. An iterative process was used to match the ingested kinetic energy

defect assumed by the engine cycle calculation and the actual kinetic energy defect that can

physically be captured by the propulsion system designed from the cycle calculation.

The propulsion performance calculation outputs specific fuel consumption and mechan-

ica pwe podcton(Pr ad etlos <b) fed into the aircraft cruise aerodynamic

performance calculation to determine the size of the propulsion system and the total fuel

consumption. Propulsion system sizing was only conducted at the cruise condition. Off-

design calculations were conducted using the commercial software package Gasturb for the

final aircraft design to check that the propulsion system met operational requirements.

6.2.5 Propulsion System Configurations and Weight Estimation

To increase the BLI fraction, the propulsion system must be distributed over the fuselage.

Distribution can be achieved by employing multiple small engines, or through the use of a

transmission system to allow more flexible positioning of turbogenerators relative to propul-

sors. The former leads to a reduction of engine core size, which decreases the efficiency of
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3 Fans, 3 Cores 6 Fans, 2 Cores 12 Fans, 3 Cores

4 Fans, 4 Cores 9 Fans, 3 Cores 20 Fans, 3 Cores

Figure 6-11: Example propulsion system configurations superimposed on the HWB planform

engine components. The latter leads to the introduction of transmission systems, (e.g., gears

and electric transmission systems), which gives rise to additional complexity and weight.

Different propulsion system configurations were thus considered in the global optimization.

The propulsion system configuration parameters are the number of cores, the number

of fans, and the transmission system type, (i.e., direct drive, planetary gears, bevel gears or

electrical transmission). Figure 6-11 depicts some of the propulsion systems examined with

their corresponding transmission systems. The list of all propulsion system configurations

examined is tabulated in Table 6.4.

The weight of a bare engine was calculated based on the fan diameter and the cruise

propulsive power scaled from the Granta-3401 engine [5] of the SAX-40 aircraft. The weight

of the nacelle and the exhaust duct was computed based on an empirical correlation from

Raymer [34] that considers fan diameter, duct length to diameter ratio, and the inlet geom-

etry. The weight of the heat exchanger used in the LNG configurations was calculated based

on the fuel flow into the engine, 0.8kg of weight per (kg/hr) of fuel mass flow rate [26].

Different correlations were used to assess different transmission system weights. The

planetary gear weight was based on the NASA GRC WATE++ model correlation [41].

This correlation relates the weight of the transmission system with the fan mass flow and
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core shaft power output at takeoff conditions. The bevel gear weight was based on the

transmission system of Granta 3401 using the torque load as the scaling parameter. The

bevel gear system included gears and transmission shafts, as well as the oil system [5]. The

electric transmission system weight, which included the high temperature super conducting

(HTSC) generator and motor, cryocooler, and the inverter was calculated using a correlation

based on core shaft power and torque to define the weight of each component in the electric

transmission system [14].

The electric transmission system was used only on aircraft configurations with LNG,

as this propulsion system is most advantageous when coupled with cryogenic fuel, since it

allows for a reduction of the cryocooler weight required for the superconducting materials.

The weight of engine supports was scaled from that of the Granta-3401 based on the total

propulsion system weight. The efficiency of the electric transmission system was calculated

from an in-house model of the HTSC generator, motor and cryocooler developed during

the N+3 program [14]. Table 6.3 summarizes the performance and characteristics of the

transmission systems considered.

Table 6.3: Efficiency and characteristics of the transmission systems considered
Planetary gears Bevel Gears Electric

Transmission efficiency 99.5% 95.5% [5] 98% [14]
Bevel gears HTSC motor

Major components Planetary gears Transmission shafts HTSC generator
Oil System Oil System Cryocooler

Inverter

System used with Jet A and LNG Jet A and LNG LNG

6.3 Tradeoffs in Propulsion System Configuration and Fuel

Type

The HWBOpt framework was used to explore fuel burn (PFEI) changes for a wide range

of propulsion system configurations and two different fuel types (Jet A and LNG). For

each combination of propulsion system configuration and fuel type, the HWB design was

optimized to minimize PFEI, while meeting all design constraints. The PFEI examination

was performed for the trades embedded in Eq. 6.29, the Breguet range equation modified

from Eq. 6.3 to express PFEI in terms of the propulsive power specific fuel consumption
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Table 6.4: List of propulsion system configuration evaluated. The letter denotes the trans-
mission system, while the numbers denote the number of fans and cores.

Direct/Planetary Gear Bevel Gears Electric

#of #of #of #of #of #of
Config. Fans Cores Config. Fans Cores Config. Fans Cores

D03 3 3 B04/2 4 2 E12/3 12 3
D04 4 4 B06/2 6 2 E17/3 17 3
D05 5 5 B09/3 9 3 E22/3 22 3
D06 6 6 B12/4 12 4 - - -

D07 7 7 B15/5 15 5 - - -

D08 8 8 B18/6 18 6 - - -

D09 9 9 B21/7 21 7 - - -

(PSFC= 1/=hf thrprop),

hff WE WR \ 1
PFEI= 1 + + )exp R g PSFC 1 -1 (6.29)

R ( WP Wp)CL/c,

The propulsion system choice affects three terms in Eq. 6.29: propulsive power specific fuel

consumption (PSFC), the ratio of empty to payload weight (WE/wp), and the ratio of lift

and airframe mechanical energy loss coefficients (CL/Cl). The fuel type determines hf and

affects PSFC and the ratio of empty to payload weight indirectly.

For each type of transmission system, different numbers of turbogenerators (cores) and

propulsors (fans) were investigated. The maximum number of turobogenerators was set by

the minimum HPC exit corrected flow. For the configuration using the bevel gear trans-

mission system, the number of propulsors was selected to avoid asymmetric positioning of

turbogenerators and propulsors. For the configuration using the electric transmission sys-

tem, performance results were calculated for three turbogenerators with different numbers

of propulsors.

6.3.1 Propulsion System Configuration and BLI

Figure 6-12 summa1rizes the PFEI fur the propulsio system configurations. DZshd lines

indicate designs with Jet A fuel (H3J designs) while solid lines indicate LNG (H3L de-

signs). Blue, red, and green lines represent direct/planetary gear, bevel gear, and electric

transmission systems, respectively.

Two baseline designs, termed the H3J-Base and H3L-Base, were created with two pod-

ded, planetary gear-drive turbofan engines. These are configurations without BLI. The
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Figure 6-12: PFEI of HWB designs with various propulsion systems

calculated PFEI performance of these two designs is 2.93kJ/kg-km for the H3J-Base and

2.85kJ/kg-km for the H3LB. The general PFEI trends of the jet fuel and LNG designs are

similar, with additional BLI resulting in reduced PFEI. The PFEI-optimal H3J design, the

H3J-B21/7, had a PFEI of 2.7OkJ/kg-km, an improvement of 8% from the H3J-Base. The

PFEI-optimal H3L design, (H3L-E22/3) achieved a PFEI of 2.54kJ/kg-km, an 11% reduc-

tion from the H3L-Base. A minimum PFEI value was not reached because designs with

additional cores and fans were not explored.

To illustrate the trends in PFEI with increasing boundary layer ingestion, PSFC, CL/C

and the empty weight (WE/wp) were assessed separately using the H3L designs. The varia-

tions of these three parameters are shown in Figure 6-13. PSFC depends on the amount of

BLI and the turbogenerator core size. An increase in BLI decreases PSFC, as shown in the

overall decreasing trend of PSFC with BLI for all transmission system types in Figure 6-13

(uppermost). PSFC decreases with increasing BLI, as propulsive efficiency increases with

the kinetic energy defect ingested by the propulsor.

The gray dashed lines in Figure 6-13 (uppermost) indicate propulsion configurations

with the same number of turbogenerators. Larger number of turbogenerators means smaller

turbogenerator core size. In Figure 6-13 (uppermost), the gray dashed lines shift upward

as the number of turbogenerators is increased, because the reduction of turbogenerator
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Figure 6-13: PSFC (uppermost), CL/C, (center) and WE/WP (lowermost) of H3L designs.
Note that for the non boundary layer ingesting case, CL/C, = CL/CD

166

D03

1.54-
27.0 -

26.5 -

26.0 -

25.5 -

25.0-

24.5

1.68

1.66

1.64

1.62

1.60

1.58

1.56

1.54

1.52
60 65



core size increases PSFC. This is directly related to the polytropic efficiency of the HPC,

which decreases 16 as the size of the turbogenerator is reduced. The introduction of electric

transmission allows the propulsion system to ingest more boundary layer, without increasing

the number of turbogenerators, thus giving the best PSFC among all types of transmission

systems examined.

CT/C,. is affected by changes in span loading due to changes in aircraft balance; nacelle

dissipation due to the nacelle size; and the airframe wake dissipation which is determined by

the amount of BLI. The result is that CL/c, increases with increased BLI (see Figure 6-13

(center)). This, like the PSFC trend, indicates an improvement in PFEI with increased BLI.

For a given transmission system, improvements in CL/c, from increased BLI result from a

decrease in nacelle dissipation as the number of fans is increased and from the reduction of

wake dissipation which scales linearly with the amount of boundary layer ingested. Because

the nacelle length to diameter ratio (L/D) was fixed, increasing the number of fans results in

shorter nacelles, reducing the overhang of the nacelle beyond the airframe and the nacelle

wetted area. The change in transmission system also impacts CL/c, through span loading.

The change in span loading occurs mainly from the change in aircraft CG location, which

results from a change in the propulsion system weight and the amount of fuel carried by

the aircraft. For example, although both D09 and B09/3 ingest approximately the same

amount of boundary layer, D09 has a lower CL/C, than B09/3 (79 for the D09 versus 82

for the B09/3). While the propulsion system weight of the two configurations are similar

(43,1771bs for D09, 43,675lbs for B09/3), the higher PSFC of the D09 propulsion system

requires the aircraft to carry more fuel, which degrades its span loading efficiency.

There is also a change in aerodynamic performance between the beveled gears and the

electric configuration due to the change in propulsion system weight. For example, the

E12/3 design has a heavier propulsion system than the B12/4 design (51,7601bs compared

to 41,500lbs). Because it is added in an area that does not negatively impact the aircraft

balance, the added propulsion system weight improves the ratio of lift to parasitic drag,

increasing the aerodynamic efficiency of the aircraft. The result is higher aerodynamic

performance for the E12/3 design.

The empty weight of the aircraft is affected directly by propulsion system weight. As in

Figure 6-13 (lowermost), the choice of transmission system impacts the ratio of operating

16from Reynolds number and tip clearance increase
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Figure 6-14: Weight breakdowns of H3L propulsion system

empty weight to payload weight. The electric transmission system is heavier than the

beveled gear transmission system. For a given BLI fraction, the weight of the direct drive

propulsion system is the lightest, followed by bevel gears, while the electric transmission

system is the heaviest. However, the empty weight fraction of the direct drive and beveled

gear configurations are essentially equal. This is a coincidence arising from opposing factors;

the direct drive propulsion system is lighter, yielding a lower empty weight fraction, while

its higher PSFC increases the amount of required fuel, increasing the empty weight fraction.

The estimate for weight variation is further seen in Figure 6-14, which shows the weight

breakdown of the propulsion system. The weight of the electric transmission system accounts

for almost 20% of the total propulsion system weight. The essential weight of the electric

transmission system might be optimistic as it does not include the power transmission wires

or a redundant cooling system, which could be required to ensure safe operation of the HTSC

generator and motors.

6.3.2 HWB Aircraft Design Summary

Figure 6-15 shows four different HWB designs. The H3J-Base configuration is the baseline,

lowest technological risk design, without BLI. A total fuel burn reduction of 50% relative to

the baseline Boeing 777-200LR aircraft is suggested from this baseline configuration.

The H3J-B04/2 configuration, with two engine clusters, each consisting of two fans driven
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Figure 6-15: Three view schematic of H3J-Base (upper left), H3J-B04/2 (upper right), H3L-
B21/7 (lower left) and H3L-E22/3 (lower right) with details for the cabin, cargo, engines,
undercarriage, and internal spars.

by one turbogenerator, takes one step further in the use of advanced technology, featuring a

beveled gear transmission system to increase the amount of BLI using only two cores. This

configuration has a PFEI reduction of 52% from the baseline aircraft. The largest risk of

this configuration is the beveled gear transmission system.

The H3L-B21/7 configuration, which uses seven engine clusters, each consisting of one

turbogenerator driving three fans with a beveled gear transmission system, is the lowest

PFEI design using a mechanical transmission system. This has a PFEI reduction of 57%

compared to the reference aircraft, but it is more complex. This design relies on the use

of LNG, which has risk associated with airport infrastructure and aircraft thermal manage-

ment. The use of seven turbogenerators introduces further risk due to the high efficiency
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Table 6.5: H-Series Aircraft Parameters
H3J-Base H3J-B04/2 H3L-B21/7 H3L-E22/3

PFEI and Key Terms from Modified Breguet Range Equation

PFEI (kJ/kg-km) 2.93 2.87 2.56 2.54
PFEI improvement (%) 49.5% 51.7% 56.9% 57.2%

H (MJ/kg) 43.2 43.2 50.0 50.0
PSFC (g/kW-hr) 0.182 0.184 0.156 0.154
CL/C, 24.2 24.9 26.0 26.5

J, fuselage 0.0% 40.6% 58.8% 59.3%
WE/WTOW 0.448 0.450 0.467 0.479
WE/Wp 1.65 1.63 1.54 1.61

Geometric Parameters

Span (m) 65.0 65.0 65.0 65.0
Planform area (m^2) 946.9 949.5 944.6 944.6
Fuselage length (m) 45.1 45.1 45.1 45.1

Aspect ratio, b2/S 4.5 4.5 4.5 4.5
Mid chord sweep (degree) 31.4 30.9 31.5 31.5

small cores (HPC exit corrected mass flow 1.31bm/s, polytropic efficiency 90%) that would

be required and the possibility of distorted flow entering the center turbogenerator.

The configuration using the electric transmission system, the H3L-E22/3 design, has the

lowest PFEI (2.54kJ/kg-km) among all the designs, with a PFEI reduction 57% relative to

the B777-200LR. As discussed, this design has considerable risk.

Table 6.5 lists the aircraft parameters of the four designs examined. As one goes from

left-to-right from the H3J-Base to the H3L-E22/3, the designs increase in technological risk.

The aerodynamic performance of the aircraft (CL/Cl) and the PSFC improve, primarily

due to the increased BLI fraction. The empty weight fraction increases due to the added

complexity associated with the transmission system and the type of fuel being used. The

ultimate choice is a tradeoff between risk, cost and performance.

6.4 Summary

The impact of propulsion system configuration and fuel type on the fuel burn performance of

an HWB aircraft was evaluated using the design methodology HWBOpt. The wide center-

body of the HWB can accommodate a highly integrated, distributed propulsion system, and

the large design space offers the possibility of performance improvements from the extensive

use of BLI. Furthermore, the large internal volume of a HWB aircraft can accommodate low
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density, high specific energy fuels like LNG. Weight and performance models of mechani-

cally geared (planetary and beveled) and electrical transmissions systems were developed,

and various propulsion system configurations with different numbers of turbogenerators and

propulsors were assessed. The performance assessment of the integrated airframe and propul-

sion system was carried out using a power balance method. A maximum PFEI reduction of

57% was found relative to a Boeing 777-200LR.

The primary tradeoffs in the propulsion system design of the HWB aircraft exist between

the amount of BLI and the complexity and weight of the propulsion system configuration.

BLI improves the aircraft aerodynamics and propulsion system through a reduction of wake

dissipation and the ingestion of lower kinetic energy flow. Distribution of the propulsion

system adds weight to the aircraft, which increases the empty weight fraction of the aircraft.

Increased propulsion system weight also introduces secondary impacts on the aerodynamic

performance of the aircraft through a shift in the center of gravity, which can improve

aerodynamic efficiency. Increasing the number of turbogenerators leads to a reduction of

HPC polytropic efficiency, which reduces engine PSFC.

Designs with increased BLI give better PFEI, but the incremental performance gains

diminish as BLI is increased. For an equal amount of BLI, the use of an electric transmission

system yielded a PFEI improvement of less than 1% relative to designs using a beveled gear

transmission system with multiple turbogenerators. At the maximum BLI span coverage

considered here, both the H3L-E22/3 aircraft and the H3L-B21/7 aircraft concept had 57%

reduction in PFEI.

The HWB designs analyzed have PFEI improvement, relative to the reference aircraft,

between 50% (low-risk, direct drive design) and 57% (high risk, LNG-electric design). A

preliminary assessment of relative preference among these configurations has been provided,

but the ultimate choice of the propulsion system should come from a broader consideration

of tradeoffs among fuel burn, cost, environmental performance, and relative risk. Given

the technology challenge and risk associated with distributing the propulsor over the entire

fuselage, it appears that the performance gain of BLI is marginal for the HWB configuration

studied. BLI will have a much bigger impact when applied to a tube-and-wing configura-

tion, where large amount of BLI can be achieved without a distributed propulsion system

configuration.
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Chapter 7

Summary, Conclusions and

Suggestions for Further Research

7.1 Summary and Conclusions

The capability to rapidly estimate the aerodynamic performance of an aircraft configuration

is critical in conceptual design, as the performance is evaluated thousands of times dur-

ing the optimization studies. Such studies currently use methods based on a momentum

balance, with drag of the airframe matched against the thrust generated by the propulsor.

For configurations in which the airframe and the propulsion system are tightly integrated,

however, the pressure field interactions between the propulsor and the fuselage, as well as

the ingestion of boundary layers, makes the concept of thrust and drag less well defined, and

insert possible arbitrariness into the accounting of thrust and drag. For these configurations,

the power balance method has been shown to be more useful for performance estimation,

because the mechanical energy loss is cumulative, not affected explicitly by pressure forces,

and allows clear bookkeeping of loss generation from different components.

In the power balance method, the mechanical energy production and the power con-

sumption of the aircraft are balanced. This allows:

* Evaluating the aerodynamic body performance using a global quantity which is only

weakly affected by the local pressure field. In an adiabatic flow with no strong1 shocks,

the dependence of the local pressure field can be eliminated.

'Shock upstream Mach number less than 1.2
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" Quantifying the increase in drag or dissipation due to potential-flow interactions be-

tween components, which historically has been viewed as some uncertain "interference"

drag.

" Expressing the boundary layer mechanical energy loss using an explicit function of

edge velocity and dissipation coefficient.

" Calculating aerodynamic performance using the dissipation coefficient instead of the

skin friction coefficient. The former varies much less than the latter in pressure gradi-

ents and therefore gives more accurate estimates of the performance.

The thesis demonstrated the major benefits of the power balance method for three different

applications: 1) derivation of analytical expression of profile drag estimates for conceptual

design applications, 2) aerodynamic performance estimation for three basic integrated con-

figurations, and 3) performance quantification of a hybrid wing body (HWB) with BLI

propulsion system.

7.1.1 Improved Estimates for Profile Drag Using the Power Balance Method

In conceptual aircraft design, profile drag is estimated from the wetted area method, where

a flat plate skin friction coefficient is scaled by a form factor specific to an airfoil or body

geometry. The value of the form factor relies on empirical data, and is not applicable to a

new geometry without such data. Using the power balance method, an analytical expression

for the form factor was derived, allowing calculation of the form factor without empiricism.

The accuracy of the derived analytical form factor formula was quantified using three

examples: bodies of revolution, low speed 2D airfoil, and transonic 2D airfoil. For all

configurations analyzed, the form factor model was shown to be as accurate as the empirical

form factor correlations. The accuracy was within 2% for:

1. D8 fuselage section with fineness ratio (l/d) greater than 5 at Mo 0.1, and greater

than 6.25 at Mo 0.85.

2. GAW1 airfoil with lift coefficient between -0.5 and 1.0 at Mo 0.15.

3. RAE2822 airfoil with freestream Mach number up to Mo 0.71 at a =3 .
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Aircraft operating at cruise typically are within the range of parameters examined in cases 1,

2, and 3 listed above. The analytical expression from the power balance method is therefore

applicable for use at the preliminary design stage in estimating cruise performance.

7.1.2 Effect of Interference on Boundary Layer Loss

Traditional estimates of the total drag due to interference effects, e.g. [20], scale the individ-

ual drag contributions with local peU Q. Discrepancies between the estimated and actual drag

are attributed to "interference drag", which is estimated from correlations. To determine the

effect of interference on the boundary layer, the mechanical energy loss was evaluated numer-

ically, using MSES, for three integrated configurations: a fuselage with actuator disk, two

interfering airfoils, and a nacelle with actuator disk. The results show that the effect of inter-

ference on boundary layer mechanical energy loss scales as PeUg (i + 2M 2) in line with

the scaling developed from the boundary layer mechanical energy equation. The scaling is

accurate to within 10% for configurations satisfying AHk < 0.04, where AHk (H -Hk),

Hk is the average boundary layer kinematic shape parameter of the configuration, and quan-

tities with prime represent those from the integrated configuration. The loss scaling breaks

down when the boundary layer separates, but this is not a serious limitation since separated

flow is not present in an assumed design-point operating condition.

7.1.3 Effect of BLI on HWB Fuel Efficiency

The power balance method was applied to conduct a Multidisciplinary Design Optimization

(MDO) of an BLI HWB aircraft. The study included a number of different propulsion system

configurations. Each system had a different amount of BLI, a different number of propulsors

and turbogenerators, and a different choice of transmission system: coaxial planetary gear,

beveled gear or electrical transmission systems.

For the propulsion system configurations studied, the aircraft fuel burn decreased mono-

toniically with increaising amiiounts of BLI. The designi with BLI onl the enitire HWB ceniter

body gives an improvement of 11% from a non-BLI aircraft. It appears, however, that the

performance gain from BLI is problematic given the amount of technology challenge and risk

associated with distributing the propulsor over the entire fuselage. BLI can have a larger

impact when applied to tube-and-wing configuration, where it can be achieved without a

distributed propulsion system.
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7.2 Suggestions for Further Research

This section presents suggestions for further research on the topics presented in this thesis.

It is emphasized that these suggestions are only a part of many possible applications of the

power balance method.

The form factor correlation presented in Chapter 4 has errors whose major cause is

the change in boundary layer properties due to separation. One could improve the form

factor correlation by developing a secondary correction factor to account for the change in

the boundary layer properties. For example, one could relate the velocity gradient over the

airfoil surface to adjust the mechanical loss production. One could also develop a correlation

between the mechanical loss production and the strength of the normal shock interacting

with the boundary layer.

The drag correlations were only assessed for two-dimensional and axisymmetric flow.

Analysis of a fully three dimensional flow should be conducted to assess the effect of cross

flow and other three dimensional flow features.

No simulations were conducted for freestream Mach number close to unity and an analysis

could be carried out to define how boundary layer loss scales in supersonic flow.

The analysis of integrated configurations has been conducted for two-dimensional ge-

ometries and this should be extended to three dimensional flow. An interesting geometry to

investigate would be one with intersections, such as wing/fuselage or strut/wing junctions.

Intersections of this type appear in many aircraft configurations, for which performance

estimation is currently done through empirical correlations.

Another suggested field of study is the investigation of the applicability of the power

balance method to flow fields in which heat transfer has a substantial effect in the flow, such

as ramjets.
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Appendix A

Integral Defect Equations

The derivation of the mass, momentum and mechanical energy boundary layer defect equa-

tions is presented here.

A. 1 Nomenclature

A.1.1 Definition of Local Coordinate System

Wx,

Ay

Yw

X ~

3D BL profile in local cartesian basis

Figure A-1: Definition of local cartesian coordinate system
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wall transpiration wall transpiration XZ

Figure A-2: Real viscous flow and equivalent inviscid flow over curved (left) and flat (right)
shear layer

A.1.2 Gradient and Divergence Relations and Identities

VO= D +k(A.1)
Ox Dy Dz

V + k (A.2)

fYe
V-fdy y

V - (aB)

V -(-B)

A.2 Integral Defect and

Density defect:

_Yej- fi +fzk dy + [fy]Ye
Uww

[(fxi + fzk)- Vye]Y

Va-B+aV-B

(V.-=) B+ (cv.V) -B

Thickness Definitions

m Peop = y (pi - p) dy
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Mass defect:

x-momentum

z-momentum(
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defect:
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defect:
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Pzx PeUvxx

Pzz =PeUOzz = e(wi

Scalar kinetic energy defect:

1
k = peUSE

2

pU) dy/Ye
Yw

- pu) dy

(A.7)

(A.8)

pw) dy

jYeyw(ui
u) pU dy

u) pu dy

u) pw dy

(A.9)

( A. 10)

(A.11)

(A. 12)

(A. 13)j Yeyw(wi
w) pq dy

j(wi w) pu dy

w) pw dy

pU2 ) dy

(A.14)

(A. 15)

(A. 16)/:- (pU2
2 fy,
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Kinetic energy defect:

1 =
K peUe

3O*
2peU (o*2 + O*k

1
K 2Pee

Potential mixing dissipation:

3 1 1 u3

p =qU0k peUj (6k +

Ez ifpe UCo*= Ye
2 2

'Yw

Density flux defect:

D = peUe6** peUe + **k)

D2 peUeQ** j ( -
Ye

Dz =peUeo**l w( pi -

Ye

Volume flux defect:

Q Ue*= Ue (6*ss+ zfk) (Ui - U) dy
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1
2

U 2) pUdy (A.17)

U2) pudy

U 2) pwdy
Ye (U 2

2 y,

(A. 18)

(A. 19)

U)2 pU dy (A.20)

(A.21)

(A.22)

2 fJY w

U) 2 pu dy

U) 2 pw dy

Yepi

Yw

p) u dy

p) w dy

p)U dy (A.23)

(A.24)

(A.25)

(A.26)

Kx = peU3 6* = Y- (U2
2 ex 2 71



Ye
Q= Ueo, j=e(ui - u) dy (A.27)

Yw

Qz= UeoX, =e(wi - w) dy (A.28)
Yw

Dissipation integral:

dYeyT) (y +zY dy. (A.29)(=, .u y,-, B ' Ty + BZy

A.3 Approximations

A.3.1 Thin Shear Layer Approximations

0) )e~ e,(A.30)

Vpi Vp, (A.31)

= 'r Orx Oz-
VT- r-t+ fk. (A.32)

dy dy dy

A.3.2 Other assumptions

" No body forces

" No heat addition

A.4 Defect Integral Equations

A.4.1 Mass Relations

Mass conservation:

+PV () =0. (A.33)
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Taking the defect integral:

SYe(pt + V - (piu -pu) =0dy.

Using identity in Eq. A.3,

am

At + e - M - (pv - pv),R 0.

A.4.2 Momentum Relations

: + (puu)

apwat: +V.-(puw)
at

V (pi) + V (7(-. 1)

V (pk) + v-r- k).

Forming the defect integral,

S: Yet(pjujp) + V -(pinuin -puu)

z : Y (piwipw) + V (piiWj- puw)

which leads to:

aMx
z: at- + V- (Px + UeM) - (piviui- pvu)

aMz
z : tz + v- (Pz +WeM) -(piviw - pvw)

Form [Eq. A.40]-ue[Eq. A.35] and [Eq. A.41]-weEq. A.35]:

aMx am
xza: - Ue + v- Px + M -Vue (pv (uiat at

aMz am
z:at- wea + V- Pzx + M -VWe (pv (Wi

- -(T -I- ) dy ,

-V - (T kf d,

w

w

Txw w

TZW.

Txw w

TZW.
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(A.34)

(A.35)

(A.36)

(A.37)

(A.38)

(A.39)

(A.40)

(A.41)

(A.42)

(A.43)



A.4.3 Mechanical Energy Relations

The mechanical energy relation can be obtained by calculating the dot product between the

momentum equation and u, and simplify lu2 | ~,U2

S(p1/2q 2 ) 1

at S =2- p

Forming the defect integral:

/e { a (/ (piUp2 pU2)) + (v P iu U - puU2)

at+V-K ++(+ U2M) - (pivi U- pvU2))

Form [Eq. A.46]- U2[Eq. A.35] and substitute VPe-

(A.44)

= [ui.Vpi u.Vp] u* ('V.-'T)}dy,

(A.45)

-Mk-VPe+D+(U<-)w. (A.46)

PeVjUe2 and M -peQ =D

8kE 1UC m-1 CD U +V.K+D.V-U =D+(U-2).
at 2 et 2

Vector identity in Eq. A.5 was used to simplify the equation.

A.4.4 Summary

Differential version of the boundary layer defect equations derived in this section:

Mass conservation:

at + V - M - (pivi - pv) = 0.

x- and z-momentum conservation:

aM
at

aMz
at

am +VP + M -Vue (pv (ue u)),,Ue at

am
wea+V9-Pz + M -we -( pv(we -w )),

Tx ,

Tzw.

(A.47)

(A.48)

(A.49)

(A.50)
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Mechanical energy:

Ok 1UC2 m 1
k K2D+V-K+D-V U =D+(u-T). (A.51)

Dt 2 ODt 2
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Appendix B

Numerical Calculation of Flat Plate

Turbulent Boundary Layer Profile

This section describes the boundary layer calculation used to calculate the flat plate skin

friction and dissipation. A fourth order Runge-Kutta iteration is used at discreet points

along the surface, marching forward to calculate the evolution of the boundary layer over a

constant edge velocity, assuming incompressible, fully turbulent flow. The boundary layer

velocity distribution at each discreet point (referred through index i) is calculated using

the combination of Spalding turbulent wall layer profile and Coles turbulent outer layer

profile [2], coupled with the G-beta locus of Clauser [1] as closure relations.

B.1 Integral Boundary Layer Formulation

B.1.1 Governing Equations

The boundary layer profile is governed by the integral boundary layer momentum equations

for incompressible flow,

dO Cf( (H + 2) (Bi)
d< 2 H

where # is the Clauser pressure gradient paramter,

a *dp 2 0 due(B)

Tw dl C5ue d{
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For a flat plate, the edge velocity gradient is zero (#= 0) and yields

dO Cf (B.3)
d< 2

B.1.2 Turbulent Boundary Layer Velocity Profile

The boundary layer profile at each point is calculated from a combination of Spalding tur-

bulent wall layer profile and Coles turbulent outer layer profile [2], which expresses the

boundary layer velocity profile in terms of skin friction coefficient (Cf) and the boundary

layer thickness Reynolds number (Re6) as

U (Re6 , Cf) =U= C I[ ln (Re C0f/2 + (B + AB) + AW(r) , (B.4)Ue 2 [K~~6

where , and B are two log law constants, obtained by fitting the Spalding wall layer profile,

and are given as K = 0.40 and B = 5.5. AB is a correction factor to account for wall

roughness, given by

1
A B =-In (1 + 0.3k+). (B .5)

k+ is the normalized effective roughness height, defined as

k+ k (B.6)

A is the wake amplitude parameter, obtained as

1 1 (
A=(B+ AB)- - ln (Re3  Cf/2 . (B.7)

VCf /2

W(r) is the Coles wake function,

W(r) =sin2 ( .i, (B.8)

All boundary layer quantities such as Eq. B.4 6*,0*, H and H* are calculated by numer-

ically integrating the velocity profile from Eq. B.4 from r = 0 to r = 1:
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j U) dr, (B.9)
0

0 A (1 U) Udr (B.10)
0

0* U2) U d (B.11)
0

H A (B.12)

H* (B.13)
-A

The dissipation coefficient is obtained as

2Co = H*f 1 - # . (B. 14)
2 H

To obtain the boundary layer velocity profile for each discrete point, a newton iteration

is required to calculate U(Re 6, Cf) for a specified momentum thickness 0, which requires

two closure relations. The first relation is trivial, which relates the thickness of the boundary

layer (Re6) to the momentum thickness (0),

Re6 = . (B.15)
0

The second relation relates the distribution of the skin friction coefficient Cf with the edge

velocity distribution and the boundary layer shape parameter, using the G-beta locus from

Clauser:

C2 HH-1=1 A2 [1 + 13] ,(B.16)
C5/2 H )

where A and B are constants obtained from experimental results, A = 6.7 and B = 0.75.

Eq. B.16 simplifies to

Cf2 HH1) A2  (B.17)

for a flat plate where # = 0.
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By combining Eq. B.4 with the two closure relations in Eq. B.15 and B.17, the flat plate

boundary layer velocity profile U can be calculated as a function of the boundary layer

momentum thickness 0 as described in the following section.

B.2 Calculation Procedure

To obtain the flat plate boundary layer profile Uj at each discreet point i, Uj must be

calculated from O using a Newton iteration. The equation for the boundary layer profile

(Eq. B.4) is be closed by two equations (Eq. B.15 and Eq. B.17). Equations B.15 and B.17

can be rearranged in residual form,

R1 = Reo,- Re6 Oi, (B.18)

7R2 =-Hi- 2  A2Ch .(B.19)
(Hi )2

Solution of Eq. B.18 and B.19 is solved by Newton iteration. A good initial guess for Re6,

and Cf1 are the values at the previous station Re6,_, and Cf1 -. The values are updated via

Newton iteration of the 2 x 2 system.

RF __) .i i "Ziz ( c-6j6 1 - C6Re , C) 0 Re , Cf 1 Re -[ 1 KRe , C

( Re6 1, Cf ) (Re , C ) ] R 2 (Rei Cf )
(B.20)

Re6 11 = Re6 + Res, (B.21)

Cf+1= Cf+C , (B.22)

where j is the number of Newton iterations.

Using the calculation of the velocity profile at each discreet point, the momentum thick-

ness distribution over the flat plate is obtained by of the boundary layer is integrated numer-

ically from the governing equation Eq. B.3 using a initial momentum thickness Re00  150.

The numerical integration is done using a fourth order Runge-Kutta method:
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1
Bj+ 0= 6 + 1 (ki + 2k2 + 2k3 + k4 ) (B.23)

where

d6
ki = (0i) A(, (B.24)

k2= dO i+1ki) A, (B.25)

k3 = 0i+1k 2 ) A(,(B.26)

dO
k4 = (O+ k3 ) A(. (B.27)

and

d6
d( 0 ) Cf(0), (B.28)

where Cf is an implicit function of 0 calculated from the velocity profile U obtained using

the Newton iteration described above.
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Appendix C

Derivation of Analytical Form Factor

Expression

This section presents the derivation of the analytical form factor formula using the power

balance method in Eq. 4.11.

C.1 Derivation of Form Factor Using Power Balance

The form factor is defined as:

Dp
Kf ,(C.1)

DFP

where Dp is the profile drag and

L1
DFP Poo SwetCfFP (C.2)

Swet is the total wetted surface area of the body, and CfFP is the flat plate skin friction

coefficient, defined as

CfFP 'L JCfFP dSwet, (C'3)
Swet f

with cfFP being the local skin friction coefficient at the Reynolds number of the actual

body. As mentioned in Section 3.3, the profile drag of an isolated airfoil can be related to

the mechanical energy loss as:
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(C.4)

and the component form factor can also be expressed as:

*
Kf DFPV. (C.5)

DFPVoo

For each distinct surface i of an aerodynamic body, the profile mechanical loss over the

surface i (*) can be calculated as derived in Section 3.2.3:

A ] PeC CD- D -V-U dStat,. (C.6)
tot, 2e

In Eq. C.6, Stat is the surface area of the flat plate surface and wake combined. Applying

the approximation for the "baroclinic power" to Eq. C.6 yields

ff peU3 (1 + YMc2)cDdStot,

(1 + 1M0)2

This approximation holds for adiabatic flow with small flow acceleration, de c- < 1 and

near-unity Prandtl number, Pr 1. Substituting Eq. C.7 to Eq. C.5,

ff peUg( 1 +1M2 cDdStotj
Kf,(+ 1M2)S(C.8)

2 PooV +2 Sweti CF P

ff peUg 31+ 1M2) cDdSwet, + ff peU3 (1 + 1M2)cDdSwake

(i 1Mt. (C.9)
2 POO 0',(1 + 2 Mo" Swet CF,

Define kp such that

J peU (1+ 2M )cdSwake= kJJpeU (1+ 2lM )cdSwet, (C.10)

Using kA, Eq. C.9 can be re-written as

(1 + kq)iffpeUg (1i+ L1Me2)ce dSwet (li

KfpoV (1 + 1M 2)SwetCFP

192

D,-vo = @*,



We now assume that the boundary layer characteristics, in particular the shape parameter

H (or kinematic shape parameter Hk for compressible flow), are within the range such that

cD ac(FP (C.12)

and

k 0~k (FP(C'13)

Substituting Eq. C.12, C.12 to Eq. C.11, we obtain

(1 +krFP)ffpeU (1+ 1M )CvFP dSwet(
Kf, ~3(1. r(C. 14)

KPoo 2MVoo1 + 2M)SwetCfF P,

Since CDFP is a weak function of the streamwise arc length s,

JPeU(1 +2  M cF PdSwetl JJPeU 1 + M,2 dSwet,

X S1 CDFPdSweti, (C.15)
Sweti

then Eq. C.11 can be expressed as

ff PeU'3 (1 + 2 M) rcD dSwet, x (1 + k OFP) Swe fCDFP dSweti
Kfr + Met . (C.16)

SoVoso(1 + M S2. 5FP

Finally, using the identity

CfFP- (1+kFP) JJCDFP dSweti (C'17)

with Eq. C.16, we obtain

ifetj peUg (i + Q1M) dSwetj

K pooVos (i + Q1M2) 5 wet1  02

which ultimately gives:
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1
Kf ~' 1 SE KfiSwet1

i=1 Sweti

1 " ffweteU (1 + 2Me)dSwet

1 Sweti i =1 p V( ( + MC19)
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Appendix D

Validation of MSES CFD Program

This section shows the validation of the MSES CFD program used throught the analysis of

this work. MSES is a compressible, two-dimensional airfoil analysis tool which employes a

viscous, inviscid interaction method.

D.1 GAW-1 Airfoil

MSES results were compared against experimental data of 2D low speed airfoil GAW-1 [27].

Table D.1 shows the test condition.

Table D.1: GAW-1 Airfoil Test Condition [27]
Parameter Value

Freestream Mach number Mo if 0.15
Chord Reynolds Number Rec 6.3 x 106

Suction side trip xtr, 0.08c
Pressure side trip xtr, 0.1c

Angle of attack a -40 ~210

Figure D-1 shows the comparison of drag polars (left) and lift coefficient vs. airfoil angle

of attack (right) between experimental data from [27] and results from MSES simulated

at the same operating conditions. While MSES predicts lift coefficient accurately up to

near-stall condition, the profile drag is underpredicted compared to experimental data.

The discrepancy between the experimental data and MSES could be due to multiple

reasons. Firstly, the experimental data was gathered on low aspect ratio airfoil (AR =1.5)

with circular endplates at the wingtip, and did not have any sidewall boundary layer control.
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2.5 -

MSES results
2.0--

MSES results '

o 1.0-

experimental data

0.5--

0.0- I -

-0 .5i iii1
0.0 0.01 0.02 0.03 0.04 0.05 -5 0 5 10 15 20 25

Drag Coefficient Angle of Attack (degree)

Figure D-1: Comparison of MSES and experimental [27] drag polar (left) and CQ vs. a
(right) of GAW-1 Airfoil at Mac,= 0.15, Re = 6.3 x 106.

The flow contraction due to blockage generated on the endplates could have affected the data.

Furthermore, MSES does not model unsteady wake shedding from the blunt trailing edge

which increases the wake dissipation of the airfoil.

Although discrepancy were seen between the MSES result and the experimental data,

the general trend of the drag polar and the lift coefficient are properly captured.

D.2 RAE2822 Airfoil

Drela and Giles [11] present detailed validation of MSES on the RAE2822 airfoil by com-

paring the CFD results to experimental data by Cook et al. [3]. In the work, Drela presents

the results on "case 10" of the series of transsonic tunnel experiments, which corresponds to

a freestream Mach number of 0.75, and a lift coefficient of 0.743. This case involves limited

shock induced separation immediately behind the strong suction surface shock wave, which

was visualized in the experiment using the oil flow technique. The work showed good agree-

ment in pressure distribution and drag coefficient between experimental data and MSES

calculation, as illustrated in Figure D-2.
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-2.0 RAE 2822 Exp't
MACH = 0.750
RE - 6.200D x 10
ARLF = 2.734 319

-1.5 C L - 0.7N3 1 0.743
CD -0.02284 0.0242
CMl -L.0941 -0,16

.. ceL /0 32.54

1.LO

Figure D-2: Comparison of MSES and experimental pressure distribution of RAE2822 Airfoil
at M., = 0.75 [11]

D.3 Summary

Although some discrepancy is seen between experimental and MSES results, MSES captures

well the physical trend of the airfoil performance. Further, the analysis presented in this

thesis focused explicitly on the scaling and trends of airfoil profile mechanical losses, which

does not require MSES to exactly predict the airfoil profile drag.
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Appendix E

Calculation of rIBLI for a Simple 2D

BLI Problem

This section describes detailed derivation of the BLI efficiency TBLI as a function of BLI

(W) and propulsor pressure rise (ACpt), for the simple 2D example (Figure E-1) presented

in Chapter 6. This example assumes incompressible flow, no pressure interaction between

airframe and propulsor, uniform wake and jet velocity profile, constant stagnation pressure

rise (AC =LPt, out-Pt, inacross the propulsor regardless of the incoming flow velocity, and

no net thrust for the entire configuration.

---- - ----Airframe

body loss 'po Propulsor
r.--.-.---- .- .-- .-.---- .-.-- .-.---- .-.-- .-.----.-

'K0  ingested wake loss

jet, ext. PIIV /
... jet, int.

- wake 
Lake

uningested wake loss
- -NVC (1-p)(1-)

Figure E-1: Simple 2D BLI problem. Airframe wake and propulsor jet are assumed to be
uniform.<D* represent the total mechanical loss of the isolated airframe.
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Fixed parameters:

* Ratio between the surface boundary layer loss @D* and the profile boundary layer

loss 1* (Non-BLI configuration):

L surf surf (El)
(PTE -.-*)

P Surf wake

Variable parameters:

" Amount of BLI, #

" Propulsor stagnation pressure rise,

ACpt.p (E.2)
1/2pooV.

E.1 Preliminary Considerations

This section lists a few relations used extensively in the derivation.

" The non-BLI airfoil profile mechanical loss,

* = DV =Twake (Voo - Vwake) Voo, (E.3)

where rnwake is the mass flow of the airfoil wake.

Thwake = PooVwakeAwake- (E.4)

" The non-BLI airfoil wake mechanical loss,

1
-ake 2 - wake (Voo Vwake) 2 . (E.5)

* The wake velocity can be expressed as

Vwake =(2CPTE -1) Voo, (E.6)

by combining Eq. E.3 and E.5 with the definition of E.
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* The propulsor jet velocities can be expressed as

Vj = ' 1 + ACptVw, ( E.7 )

for the jet velocity of the propulsor acting inside the airframe wake, and

Vie = 41+ ACptVo, (E.8)

for the jet velocity of the propulsor acting outside the wake. Both expressions in

Eq. E.7 and E.8 are derived using Eq. E.2.

E.2 Derivation

The objective of this section is to derive an expression for the BLI efficiency (']BLI). Since

TBLI can be expressed as

TBLI = CBLIEprop .9)

we need to derive the expression for CBLI and 'gro.

E.2.1 Derivation of CBLI

CBLI is the ratio of required propulsive power between a non-BLI and a BLI aircraft, defined

as

CBLI - (E.10)
p

If V1 + ACpt > VOO/Vkes, the propulsor pressure rise is high enough to accelerate the wake

velocity beyond freestream velocity. In such case, the airframe wake dissipation of the

ingested streamtube is eliminated, and the expression for CBLI is

1
C 1LI 1 (1 - 9TE)(Ei

If 41+ ACpt < VO/Vsake, on the other hand, the propulsor pressure rise cannot accelerate

the wake to freestream velocity, and the airframe wake dissipation cannot be fully eliminated:
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1
CBI1 -/#3(1 -(pTE) Rw

where R, is the wake recovery parameter,

[ lL+ACt -1Rw = O/,,k

1( l+A C-t i)(i 2(12

For 1 l + ACPt < Voo/Vkake, R < 1.

E.2.2 Derivation of Qro',p

Trop is the propulsive efficiency of the BLI propulsor, and is defined as

D*'

/pop p1  j- e (E.15)

Since no net thrust is generated for the entire configuration (propulsor and airframe com-

bined), the following relation must hold:

F> ~ 1
e*'t p C*'v *.1

je p CBLI1
(E.16)

The propulsor net mechanical power is

F> 1V2
Pk = -#hwake waeApt + - ext~iAp, (E.17)

where hext is the mass flow through the propulsor outside the wake.

For 1 + ACpt > voo/vake, the propulsor jet loss is

1 212
Djet =2 / 3 wake (/1 + ACtVwake +-Vo -|- hextV0 (1 + ACt

and the airframe profile mechanical loss is

D*' = [1 - # (1 - OTE)]-C

)2
1, (E.18)

(E.19)
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For l + ACpt < VOO/Vwake, the propulsor jet loss is

jet 2 ext0( 1+ACpt

and the airframe profile mechanical loss is

()*I = [1 -13(1 -(TE) Rw 1 (E.21)

Solving Eq. E.16, the ratio of propulsor mass flow outside the wake to the wake mass

flow (Rm) can be obtained:

R~ A Text
Rm ~ aek~wake

1 -[1+( 1+ACpt + 1)] (2pTE

( 0i+Acpt -1)

This expression holds for both 1 + ACpt > VO/Vwake and 1 + ACpt < VOO/Va.ke.

Combing Eq. E.15, Eq. E.16 and Eq. E.22 we obtain an expression for the propulsive

efficiency for this example. For 1 + ACpt > VOO/Vwake,

,prop 1
/1( 1+ACpt(2pTE-1) 1)2 +Rm(1+ACpt

[/ (2CPTE - 1)2 + R,] ACpt

1)2

For 1 + ACpt < Vx/Vkake,

,prop

(E.23)

(E.24)Rm( 1 +ACyr 1)21 [t

S(2 T E - 1)2 + Rn] ACpt

E.2.3 Summary

The expression for CBLI and ',,op was derived for the simple 2D example presented in

Chapter 6.

CBLI is expressed as:

1
CBI1 -/#3(1 - PTE) Rw

(E.25)

where R, is the wake recovery parameter,
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1 if V1 + ACpt > Vx/Vke
RW =2. ( E.26)

[(1+ACp- -1) ((1 - TE ,if1+ACpt<Vm/Vwake (

T/'rop is expressed as:

,( {1+ACt(2TE - 1)- 1) 2 +Rm 1 t+AC - 1)2
prop(2E - 1)2 + R ]ACPt(E.27)

for V1 + ACt > VxO/vak, and

Ry -1 l+ ACyr-1
rop =1 - R1)2(E.28)

[3 (2 YTE - 1)2 + Rm] AC>E

for 1 + A CPt < VOO/Vwake. Rm is the ratio of propulsor mass flow outside the wake to the

wake mass flow,

Rm = 1 [1 +/3 ( 1 + ACpt + 1)] (2pTE - 1).(E.29)
(V1+ A Cet - 1)

The total BLI efficiency is calculated as

TBLI = CBLITIprop -(E30)

which, combining Eq. E.25, Eq. E.27 and Eq. E.28, reduces to:

T/BLI 4(1-TE)(E.31)
[/(2PTE -1)2 + Rn]ACpt
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