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Abstract

The Terrestrial Planet Finder (TPF) is a space-based, infrared interferometer designed to
directly detect extra-solar planets. TPF consists of four apertures which collect light and relay it to
a single combiner bench to be interfered. A major design trade for the TPF is the choice between
a structurally connected interferometer (SCI) and a separated spacecraft interferometer (SSI)
architecture. Three metrics are applied to the architectural comparison in order to present an
understanding of the trade-offs involved,

The primary metric is the wet mass for which reference designs are developed and the relevant
mass drivers are examined, Additionally, the sensitivity of the wet mass values to different
assumptions in the reference designs are discussed. The adaptability metric takes into account the
flexibility of the system to changes in the functional requirements. Finally, the capability is mea-
sured by the level of performance provided by the two architectures in meeting four constraints:
isolation, rate, integrity, and availability.

Additionally, the reference designs are vaiidated against three industry contractor models for
the Terrestrial Planet Finder in order to gain a more complete understanding of the uncertainties
involved in the architectural comparison. The conclusion of this study is that a separated space-
craft interferometer is likely to be less massive than a structurally connected interferometer. On
the other hand, the SSI is more sensitive to modifications in the functional requirements, while the
capability considerations are split between the architectures. The indication, though, is that a sep-
arated spacecraft architecture merits serious attention as a possible design choice for the Terres-

trial Planet Finder mission.
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Chapter 1

Introduction

1.1 Motivation

Astronomical and astrophysical research is increasingly concentrating on the question of the cre-
ation of the universe and the existence of life on other planets. The announcement that researchers
had found potential evidence of an extra-solar planet orbiting the star 51 Pegasi, followed by sev-
eral later announcements of planets being detected, brought that puzzle to the forefront of the
public’s attention in 1996. Drawing together scientists and engineers from a broad spectrum of
disciplines, NASA began the Origins Program with the express purpose of answering some of the

fundamental unknowns concerning the origins of the universe and the existence of life, namely:
* How do galaxies form?
* How do stars form?
* How do planetary systems form?
* Are there other life-sustaining planets around other stars?
* How did life begin on Earth?

« Is there other life out there?!

1. <URL:http://origins.stsci.edu/origins/under/understanding.htmi>. Accessed 28 April 1998,
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These questions have prompted NASA to initiate several space-based astronomical missions
within the Origins Program aimed at studying different spectral frequencies and stellar targets,

Astrophysical research can be performed through either direct or indirect detection. Direct
detection of distant targets, where the target can actually be seen, requires large optical areas for
collecting light and, in the case of a ground-based telescope, is very sensitive to degradation from
both refraction and absorption by water and other molecules in the earth’s atmosphere. Indirect
observation depends on effects that the target has on other objects, such as gravitational lensing,
orbital variations, and electromagnetic interactions, and provides data which is normally less
accurate and more uncertain than direct evidence.

Space-based observatories can eliminate the atmospheric distortions from ground-based
observations, but the inherent limitations on payload size imposed by launch vehicles restrict
aperture diameters. However, rather than using a large, single-mirror telescope, astronomical mis-
sions are beginning to turn to multiple aperture interferometers. The advantage of interferometers
lies in the fact that multiple mirrors separated by large baselines tend to act like a single mirror
with an aperture diameter equal to the separation baseline. The angular resolution and precisicn of
the instrument can be improved merely by increasing the baseline distance, provided the mirrors
are positioned correctly.

Interferometers are ideal for the scientific objectives of the Origins Program because of their
high angular resolution and small optics, and so several of the Origins missions involve space-
based interferometers. The discrete nature of the optical architecture allows for various interfer-
ometer concepts, among them a structurally connected, monolithic architecture and a separated
spacecraft architecture. A structurally connected interferometer (SCI) passively maintains the

coarse collector positions by mounting them on a long truss assembly. A separated spacecraft

18



(b)

Figure 1.1: Potential Terrestrial Planet Finder Architectures
a) Structurally Connected; b) Separated Spacecraft

interferometer (SSI) is composed of several individual spacecraft flying in formation and forming
a virtually supported baseline.

The Terrestrial Planet Finder (TPF) is the capstone project for NASA’s Origins Program and
was proposed by a group put together by NASA charged with formulating a plan for the future
Exploration of Neighboring Planetary Systems (ExNPS). As a reference design, the EXNPS report
[7] offered a 75 m baseline Michelson interferometer using four collectors mounted on a truss, in
a double Bracewell pair configuration. However, the ExXNPS participants also recognized that a
multiple spacecraft architecture might be more cost-efficient and better equipped for the TPF mis-
sion than a structurally connected architecture [ExXNPS, 1996, p. 6-3]. Conceptual designs for
both possible architectures from the Origins TPF library' are shown in Figure 1.1,

Because of this architectural question, the purpose of this study is to examine design issues
and system trades between a structurally connected architecture and a separated spacecraft archi-

tecture, specifically with regard to the Terrestrial Planet Finder, and to determine which one more

1. <URL:http://origins.jpl.nasa.gov/missions/build.htmi>. Accessed 13 May 1998,
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effectively achieves the scientific objectives of the mission.

1.2 Overview of the Terrestrial Planet Finder

In August of 1996, a team at the Jet Propulsion Laboratory released a study detailing a plan to
search for and study extra-solar planets: A Road Map for the Exploration of Neighboring Plane-
tary Systems [7]. The major recommendation to come out of the study was for the development of
a large-scale, space-based, infrared interferometer. Such an instrument would provide greater
clarity and performance than any ground-based telescope due to the lack of atmospheric distor-
tion, and would allow the high angular resolution needed to distinguish Earth-like planets from
their parent stars without the prohibitive size of a single-aperture telescope. The Terrestrial Planet
Finder was born from the EXNPS report and represents the first generation in missions designed to

directly detect extra-solar planets.

1.2.1 Mission Requirements

The fundamental objective of the ExXNPS program is “the detection and characterization of terres-
trial planets in the habitable zone around the nearest ~1,000 stars, or roughly to a minimum dis-
tance of ~13 pc” [ExNPS, 1996, p. 5-1]. The Terrestrial Planet Finder will focus on the direct
detection of any Earth-like planets within the sphere of a 13 pc radius of space surrounding our
Solar System. Once the light from the planet is isolated, it is spectrally spread to reveal absorption
bands indicative of key planetary constituents necessary for life. To accomplish this objective,
several requirements were listed in the EXNPS report which must be met by the Terrestrial Planet

Finder design:

* The interferometer must be able to isolate a planet from its parent star, for any stellar system

20



out to the maximum distance of 13 pc from the Earth, which translates into a minimum
angular resolution of approximately 0.038 arcsec for a planet orbiting at a radius of 0.5 AU
In addition, the potential presence of an exo-zodiacal dust cloud requires a higher resolution,

up to 0.01 arcsec for a cloud similar to that in our Solar System.

 The light from the parent star must be suppressed in order to detect the signal from the
planet. The magnitude ratio between the intensities of the Sun and the Earth varies from
roughly one billion to one in the visible spectrum to one million to one in the infrared.
Therefore, the level of suppression provided by the interferometer must be at least 10, with
an additional order of magnitude to allow for intensity distribution patterns unlike those of

the Sun and the Earth.

* The field-of-view must cover the habitable zone of the parent star, which extends from as
close as 0.5 AU from a K2 class out to as far as 3.0 AU from an FO class star, which sets the

field of view to roughly 2 arcsec in diameter.

* Spectroscopic objectives are to be conducted in the 7-17 um wavelength band (thermal infra-
red) of the spectrum since the magnitude of the electromagnetic intensity ratio is most favor-
able and molecular absorption bands for water, carbon dioxide, ozone, and methane are

present in the this spectral band.

» In addition, the target goals are to image up to approximately 1000 stars during the nominal
five year lifetime. The proposed operation profile begins with a general survey of nearly all
the target stars with full spectroscopic images obtained later in the mission of any promising
candidates, allowing the instrument to not only detect a terrestrial planet, but also to deter-

mine the viability of life on that planet based upon the detected absorption bands.
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1.2.2 Interferometric Requirements

The scientific objectives of the mission translate into very clear instrument requirements neces-

sary to carry out the program goals, such as:

* A spatial resolution of 0.038 arcsec implies an optical baseline of between 50 and 90 meters

for resolving features in the infrared band of wavelengths of 7-17 um.

* The suppression threshold of 109 dictates the optical configuration of the interferometer

such that four collector mirrors are required, operating as a two superposed pairs,

* For the fringe detector to successfully measure the interference fringes, both the phasing and
the pointing of the interferometer must be adequately controlled. The phasing condition is
such that the interfering wavefronts must have equal phases to within A/6000, or roughly 1.5
nm, while the pointing is such that the beam amplitudes in the beamsplitter must match to

one part in 10°.

« In order to synthesize the images, the signals from the planet must be modulated through the
movement of the collector optics. While a structurally connected architecture can easily
rotate, separated spacecraft must maneuver individually to provide the necessary coverage

of the image plane.

1.2.3 Design Trade Space

Set to launch in 2010, TPF is still in the earliest stages of design and development. Several design

trades remain which are crucial in continuing the program development.

* The most important question in the conceptual studies being done involves the architectural

configuration of the instrument, At such a long baseline, a trade-off exists between connect-
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ing the four collector mirrors using a structure and placing the mirrors on four independent,

free-flying spacecraft.

» The orbit selection is still uncertain, as well, Both 1.0 AU and 5.2 AU orbit radii are being
considered. The 1.0 AU orbit offers a close proximity to earth for launch and operation, but
the local zodiacal noise as well as the thermal flux levels from the Sun are much higher,
which makes placing TPF (which must operate at a temperature of approximately 30 K) in a

5.2 AU orbit more attractive.

* The actual layout and sizing of the mirrors is not yet determined. A 1-2--2-1 configuration,
in which the numbers refer to the ratio of the mirror diameters, places the four collectors and
the combiner at regular intervals. On the other hand, a 1-3-3-1 layout places equal lengths
only between the collectors, with the combiner halfway between the inner pair. Each has its

own advantages related to photon collection.

The primary objective in this study is to examine the trade between a structurally connected
interferometer (SCI) architecture and a separated spacecraft interferometer (SSI) architecture. As
a secondary consideration, the two architectures are examined in both orbits, 1.0 AU and 5.2 AU.
The optical configuration is initially assumed to be a 1-3-3-1 array, with the alternative 1-2--2-1

configuration discussed in a later section.

1.3 Previous Work

Most of the component mass estimates used in this work are taken from other current interferom-
eter designs. A review by the Jet Propulsion Laboratory (JPL) [15] covered the aspects of a stellar

interferometer which became the Space Interferometry Mission (SIM), a proposed 10 m baseline,
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Michelson interferometer using seven siderostats consisting of three collector pairs and a spare,
SIM is due to be launched in early 2005. The New Millennium Interferometer (NMI) {21], which
is a candidate for the third mission in the Deep Space initiative of the New Millennium program,
is a separated spacecraft array technology demonstration flight, scheduled for launch in 2001.
Other sources of information were the Multiple Spacecraft Interferometric Constellation
(MUSIC) [23] and the Next Generation Space Telescope (NGST) [31] proposals. MUSIC is an
ambitious separated spacecraft interferometer using sixteen collector elements put forward by
JPL, while NGST is a monolithic telescope seeking to expand on the scope of the Hubble Space
Telescope. The European Space Agency has also selected an Infrared Space Interferometer as a
candidate mission for their Horizons 2000 program, with the proposed Darwin project [19]. Dar-
win is a two-dimensional, five aperture separated spacecraft design with the collectors in a hexag-
onal configuration. The hexagon formation is 50-100 m in diameter, and the instrument will be

placed in a 5.2 AU orbit.

However, nearly all of these interferometer concepts and projects have made an a priori
assumption concerning the architecture, whether structurally connected or multiple spacecraft.
Surka [32] conducted a general study of the two architectures and developed a method for deter-
mining the more optimal one, based on several variables in the design and the operating environ-
ment. The primary focus of his work was calculating the baseline at which an SCI became more
mass efficient than an SSI as a function of the mission lifetime, The primary result was that for a
nominal 15-yr mission in a 1.0 AU orbit, a separated spacecraft architecture became less massive
than a structurally connected architecture only for baselines greater than 400 m, However, the
interferometer configuration assumed by Surka, a simple, single collector pair, and the component

mass estimates and operational parameters used in his study are different for the Terrestrial Planet
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Finder mission, and thus his conclusion does not necessarily imply that TPF should be a structur-
ally connected architecture. Nonetheless, his analysis provided an important beginning frame-

work for this study.

The technology needed for optical nulling has been the subject of much study in recent years,
as well. In a series of papers prepared during the EXNPS study, different aspects of the Planet
Finder mission were examined. The first paper, by Woolf [35], focused on the science behind the
nulling and presented an optical configuration with four collectors in a double Bracewell pairing,.
Also, the study included larger arrays consisting of eight or more collectors and compared the
advantages of full, interspersed arrays against paired arrays where each pair is staggered by a A/4
phase spacing. The second publication by Woolf and Angel [36] was a comprehensive overview
of techniques for the direct detection of planets beyond the solar system. The focal plane instru-
mentation and affects of slight errors in the signal on the central null were the subject of the third
paper in the series, by Woolf, Angel, and Burge [37]. The fourth [38] was a cursory look at the
engineering aspects of the Planet Finder mission, such as mirror sizes, propulsion and power
requirements, and architecture design. Much of the optical design in the current study draws from

this series of papers.

1.4 Principles of Stellar Interferometry

An understanding of the theory behind an interferometer used for astrophysical observations is
useful for an operational comparison of potential architectures. One of the first proposals for
direct detection of planets through nulling interferometry was by Bracewell [8], in 1978. A
detailed review of the history of optical interferometry, as well as an explanation of interferomet-

ric principles, is given by Shao and Colavita [29].
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Figure 1.2: A Stellar Michelson Interferometer
In order to obtain the increasingly higher resolution needed for astrophysical observation

using a monolithic telescope, the aperture size of the observing mirror has to likewise grow

because of the relation

A

where Ogy,  is the angular resolution of the filled aperture telescope, A is the wavelength of the
light, and D is the aperture diameter. Beyond a certain point, the large diameter mirror becomes
prohibitive in both size and cost. Fortunately, by taking advantage of the interference patterns of
light, an interferometer with small diameter apertures can provide the same level of performance,

in terms of the angular resolution, as a single, large-diameter mirror, as given by

(1.2)

o>

G')fringes =

where g, is the resolution, as defined by the fringe spacing, and B is the effective baseline.
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An interferometer functions by combining the light from two mirrors in such a way that the two
waves interfere with each other, creating fringe patterns which reveal information about the

source of the light.

The Terrestrial Planet Finder is a type of pupil plane interferometer, commonly called a Mich-
elson interferometer, in which the signals from the apertures are overlapped in the pupil plane.
The basic elements of a Michelson interferometer are shown in Figure 1.2, Two apertures, sepa-
rated by the distance, L, collect the incoming light using small mirrors, or siderostats, and redirect
it to an optical combiner. The angular separation of the point source from the median angle of the
interferometer is given by the angle, 0, with the effective baseline, B, being the projection of the
separation baseline on the plane normal to the incident radiation. Within the combiner, the light is
passed through a series of steering mirrors, optical delay lines, and beamsplitters, and then inter-
fered to create fringe patterns on a detector. The actual position of the signal source can be deter-
mined by deconvolving the signal and reconstructing the image through an inverse Fourier
transform.

In order to reach the high angular resolution, the wavefronts of the two incoming beams of
light must have a phase difference of less than a fraction of a wavelength, A/6000 for TPF, where
A is the wavelength of the light being observed. Optical delay lines (ODL) are responsihle for cor-
recting optical path length differences (OPD) up to a centimeter in magnitude so that the two

wavetrains coincide.

1.4.1 Nulling Interferometry

Direct detection of a planet requires the emitted light from the planet to be isolated from the light

from its parent star. The ratio between the intensities of the star and the planet is a function of the

27



Interterence Fringe Patiern (baseling paralel (o x-axis)

Intensity va. Radial Position
ey v Ty

10’ ' 10
Radial Angle, a (mas)

(a) (b)

-025 -0.2 -015 -01 005 0 005 03 015 02 026

Figure 1.3: Fringe Pattern From a Four-Element Bracewell Interferometer
a) Transmission Field; b) Radial Transmission Magnitude

wavelength and varies from over one billion to one to nearly one million to one over the electro-
magnetic spectrum for a sun-like star and an earth-like planet. The infrared band of the spectrum
is more favorable to detection than visible light with intensity ratios on the order of 10% to one.
The concept of a nulling interferometer, which effectively blocks the light around the central line
of sight in order to suppress the parent star, was initially advanced by Bracewell in 1978 [8]. Fun-
damentally, the light from one arm of the interferometer is given a phase delay of & radians, which
causes the light from an on-axis source to deconstructively interfere and disappear from the detec-
tor. Any off-axis source, such as a planet, produces signals which constructively interfere and
appear as a signal modulated by the rotation of the interferometer.

A simple, two-element Bracewell pair does not provide a central null with adequate width or
depth for the Planet Finder mission. In the infrared band, a suppression level of at least 106 is
required to make the light from the star and the planet of the same magnitude, while 10”7 would

provide a clearer signal. The level of light suppression from a single Bracewell nulling pair is
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effectively only 1073 over a narrow central band. As a modification to the original Bracewell inter-
ferometer, Angel [1] suggested increasing the number of collectors to four, micorporating two
pairs of Bracewell elements to deepen the central null. Later, varying the diameter and spacing of
the collector pairs was used by Angel and Woolf [2] to induce a broader null. A four element
Bracewell design with equal spacing between collectors and a diameter ratio of one to three
between the outer and inner pairs produces the fringe pattern shown in Figure 1.3. The minimum
suppression level is taken to be 10°% such that the planet has an intensity greater than or equal to
the parent star. The graphic on the left is the transmitted intensity field of the interferometer, with
the baseline parallel to the horizontal axis of the figure, where the white bands represent the con-
structive fringes. The graph on the right is a logarithmic plot of the transmitted intensity from the
center to the edge of the field-of-view. The central null, as delimited by a 107 transmission inten-
sity threshold, is roughly four milliarcseconds wide and several intensity peaks are within one arc-

second of the origin, which is the habitable zone for many of the intended stellar targets.

The operation of the interferometer is not unlike holding a picture of a solar system behind a
picket fence with the star behind the central dark fringe (Figure 1.3a) and rotating the fence about
an axis through the central fringe; the light from a planet will alternately be blocked and transmit-
ted as the bands (pickets) pass in front of it, producing a signal like that shown in Figure 1.4. The
wide peaks are where the planet is located inside (between pickets) and is moving parallel to a
transmission band, while the narrow peaks are the result of the planet passing perpendicular to the
transmission fringes. Measurements are taken at several wavelengths in the infrared spectrum and
an image of the target system is reconstructed in a process similar to those used in radio astron-
omy. The actual equations involved are discussed in Chapter 3 when the signals are optimized for

spacecraft propellant usage.
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1.5 Study Objectives

The primary objective of this study is to both qua\itat‘we\y and quant’rtat’wely compare tWo poten-
tial architectures for the Terrestrial Planet Finder, 2 structurally connected 'mterferometer and a
separated spacecraft interferometer. Following 2 general analytic framework for comparing dis-
tributed satellite systems proposed by Shaw e/ al (30}, three metrics arc defined and applied in the
comparison. The first fetric in the approach taken by Shaw is the cost peT performzmce. However,
due to the infancy of the TPF program, any estimates of the program cost at this point would be
highly uncertain. Since the cost of most space programs scales as the jaunched mass the primary
metric in this study 18 the total system wet mass, made up of the estimated dry mass of the inter-
ferometer plus the total propellant required for the duration of the mission, excluding the launch
yehicle and orbital insertion phase. Also, the performance of the two architectures i assumed 10

be equal since they will be meeting the same scientific requirements.

The second metric is the adaptability of the architecture, which isa measure of the sensitivity
of the design to changes in the functional requ'\rements. judging the flexibility of the design in

accommodat'mg growth and modifications in the functional requirements is an jmportant consid-

30



Table 1.1: Application of Comparison Metrics

Metric

Definition

TPF Application

Cost Per
Function

Cost to provide common level of
performance among systems

Total mass of system architecture,
including optics and propellant

Adaptability

Sensitivity of the design to
modifications in the functional
requirements

Sensitivity of the design to
modifications in the functional
requirements

Capability

Resolution

Rate

Integrity

Availability

Ability and efficiency of the sys-
tem at performing its design role

Angular resolution of the interfer-
ometer in isolating the planet

Time to detect and disseminate
information

Error control and noise rejection
of the system

Reliability and probability of
being operational during lifetime

Ability and efficiency of the sys-
tem at performing its design role

Acquiring and isolating the planet
signal from the parent star

Mean time to construct an accurate
image of the target system

Image sensitivity to zodiacal noise
and environmental disturbances

Failure compensation modes for
combiner or collector failure

eration in evaluating the two architectures. Cost overruns, program delays, and even outright can-

cellation can result from poor adaptability.

Thirdly, the ability and the efficiency of the system at performing its design role over the mis-
sion lifetime is captured in the capability metric. As Shaw defines it, the capability is a measure of
how well the system meets four types of constraints: isolation, rate, integrity, and availability. The
isolation corresponds to the angular resolution of the interferometer as it impacts the isolation of
the planet apart from the parent star. The rate performance is a measure of the imaging time and
target detection of the instrument. The error control and noise rejection of the system is the infeg-
rity constraint, while the availability gauges how the first three constraints vary over the lifetime

of the mission due to component degradation or failure. In this study, the rate constraint of the
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interferometer is taken to be solely dependent on the optical hardware and thus, no distinguishing
factors exist between the two architectures.

These three metrics, wet mass, adaptability, and capability, define the analysis coverage given
in Table 1.1. Also, since the values used in the wet mass comparison are only early estimates, an
attempt is made to characterize the uncertainties in the models through a comparison with other
current industry studies.

In summary, the primary objectives of this study are:

(i) to reduce a general distributed satellite systems analysis framework to a more specific
level by relating three specific metrics, the wet mass, adaptability, and capability, to the
Terrestrial Planet Finder mission concept,

(ii) to apply those metrics to a comparison of structurally connected and separated space-
craft interferometers in order to judge the relative merits of each architecture,

(iii) to validate that comparison by including preliminary designs from industry contractors

and gauging the variation in mass estimates and operational profiles,

(iv) to provide a general presentation of the issues in selecting an architecture for the Terres-

trial Planet Finder as a guideline for future, more detailed research.

1.6 Approach and Outline

The primary metric in this study is the wet mass of the system, which is introduced in Chapter 2.
Reference designs are built up from system components whose masses are estimated from other
current and proposed space-based astronomy missions. Both the structurally connected interfer-
ometer (SCI) and the separated spacecraft interferometer (SSI) are assumed to be composed of

similar components; the components which exist in one architecture, but not the other, form the
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basis for the actual architectural comparison.

Several key assumptions were made in this study in order to simplify the mass comparison.
The most important one is in the modeling of the system components. The breakdown of the sub-
systems is a very simple one, and many have been grouped together as one component. The
assumption is that errors in the components masses are somewhat averaged out in the final total,
which is verified later in the comparisons with contractor models. Secondly, the assumption is
made that a fair comparison of the cost of the architectures can be simplified to the wet mass com-
parison without performing an explicit analysis of the projected cost. This assumption is a typical
one in the aerospace industry for decisions made early in the design process.

Chapter 3 examines the actual assumptions made in the development of the two reference
designs by considering possible modifications to several of the reference components. Since the
deployment mechanism is the largest mass component in the reference SCI design, its design is
crucial to the wet mass comparison. Correspondingly, potential improvements in the propulsion
system for the separated spacecraft are examined, as well. The chapter concludes by discussing
the possible optimization of the trajectories followed by the collector spacecraft and an analysis of
the ramifications on the image quality.

The adaptubility metric is presented in Chapter 4. Possible modifications in the functional
requirements such as the optical configuration, separation baseline, mission duration, imaging
process, and mission objectives are studied to determine their effects on the architectural compar-

ison.

Chapter 5 covers the capability metric and is broken down into four areas which examine the
constraints given above, the resolution, rate, integrity, and availability. Except for the rate require-

ment, the other three have different impacts on the two architectures which are each considered in
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turn.

In Chapter 6, three initial contractor models obtained from TRW, Inc., Ball Aerospace &
Technologies Corp., and Lockheed Martin Corp. are used to validate the final mass estimates and
reference designs used in the comparison. The mass budgets from their designs are consolidated
into the same subsystem components as the reference designs so that a direct system comparison
can be made. Also, although all three companies focused on a structurally connected architecture,
the assumptions made in their designs can be used to extrapolate other possible SSI designs. This
comparison establishes an estimate of the uncertainty in the designs as well as an indication of
whether or not this uncertainty is large enough to impact the selection between the two architec-
tures.

Finally, Chapter 7 concludes with a summary of each of the three metrics and the areas in
which the two architectures excel. The relative merits of each architecture are presented and a
final conclusion is made. In the end, the objective is to present a more complete discussion of the
trade-offs between a structurally connected architecture and a separated spacecraft architecture

with regard to the Terrestrial Planet Finder mission.
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Chapter 2

Wet Mass Comparison

Based on the requirements drawn from the ExXNPS report [7] and presented in Chapter 1, refer-
ence designs for both the structurally connected (SCI) and the separated spacecraft (SSI) architec-
tures for the Terrestrial Planet Finder (TPF) are developed in this chapter. Components of these
designs are drawn from several other astronomy missions and form the foundation for the primary
comparison in this study, that of the wet mass. The wet mass is defined to encompass the mass of
the telescope over its operational lifetime. Therefore, the maneuvering propellant required by the
separated spacecraft for rotating the fringe pattern on the sky is included in the mass estimate,
while the launch vehicle shrouding mass and orbital transfer propellant, tanks, and thrusters are
not. Altoécther, four complete mass estimates are made, an SCI and an SSIin both a 1.0 AU and a
5.2 AU orbit,

This chapter begins with a rationalization for choosing such a standard for comparison and
properly defines it. Section 2.2 introduces the reference designs for each architecture, beginning
with the functional requirements for the Terrestrial Planet Finder and the assumptions made con-
cerning its operational profile. Then, each of the components included in the reference designs are

presented along with their mass estimates. Finally, Section 2,3 presents the total system masses
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for both orbits and highlights the mass drivers of each architecture. The differences in wet mass

are then summarized, along with potential implications on the architectural selection.

2.1 Metric Definition

The primary metric in this comparative study is taken to be the total mass of the interferometer
once placed into its final orbit. The rationale behind this choice of definition lies in the fact that
for most space payloads, the cost scales proportionally with the total mass put into orbit. Accord-
ingly, the cost metric for this comparison of interferometer architectures is defined as the total wet
mass required to perform the functional requirements of the program, including, but not limited
to, structural mass, guidance, navigation, and control elements, optical instruments, and propel-
lant. This wet mass is the sum of the dry mass, which depends on the actual architectural design,
and the propellant mass, which depends on the operational profile of the mission. However, nei-
ther launch nor orbital transfer elements are included. Both architectures provide the same level of
performance, as dictated by NASA, of imaging the requisite number of star systems during the
mission lifetime.

One potential drawback to using a strict mass metric is identified by Surka [32] as being the
correlation between spacecraft complexity and its cost, Separated spacecraft interferometers have
not yet been flown, and the cost of building and testing new control hardware and instrumentation
may not conform to the accepted mass-to-cost relationship. For example, increasing the truss
mass may cost substantially less than improving the formation flying capabilities of the free-fly-
ers, though at a similar mass penalty, However, adding mass for the increased complexity of an

SS1 is an insubstantial solution not explored in this study.
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2.2 Initial Reference Designs

Using the requirements placed on the Terrestrial Planet Finder, assumptions are made which allow
for a preliminary estimate of the mass of the system components which make up each architec-
ture. Certain of the components are invariant over architecture and orbit, while othier components
require actual design. The mass estimates are based on other current and future astronomical mis-
sions. The Space Interferometry Mission (SIM) [15] [34] is well along in its design phase and has
current mass estimates available, The New Millennium Interferometer (NMI), a candidate design
for DS-3 [21], is a separated spacecraft interferometer currently under review by NASA, Other
sources of information were the Multiple Spacecraft Interferometric Constellation (MUSIC) [23]

and the Next Generation Space Telescope (NGST) (31] proposals.

2.2.1 Assumptions

An assumption inherent in the approach is that the designs may be broken down into components
which are independently designed. The total configuration can then be constructed using these
components as building blocks. While this approach may not be entirely realistic, it provides a
framework which serves to highlight the issues which drive the total system mass and simplifies
the modifications required for different orbital radii and optical configurations. By recognizing
that certain system components are likely to be similar in both architectures, the final discussion
can concentrate on the components which are unique between them.

Other assumptions are made concerning the functional design of each instrument. First, for
the structurally connected interferometer, the truss is assumed to be deployed using a threaded
canister design currently in use by AEC-Able Engineering [12]. Two deployment canisters are

needed, one for each half of the boom assembly. In the case of the separated spacecraft interfer-

37



Table 2.1: Reference Design Assumptions

Parameter Value
Separation Baseline 75 m ]
Propulsion System Pulsed Plasma Thrusters

(ISP = 1000 sec)

Deployment Mechanism Two Threaded Canisters

Optical Configuration 1-3-3-1
Primary Mirror Diameter 6.0 m (1.0 AU)
1.5m (5.2 AU)
Rotation Period 2hr
Mission Lifetime Syr

ometer architecture, the propulsion system assumed in the design is a pulsed plasma thruster
(PPT), which provides a high specific impulse with a fine degree of thrust control and accuracy.
High levels of thrust are not needed and the use of teflon as a propellant is very mass efficient.
Also, some assumptions are made about the scientific operation of the interferometer. The size
of the optics is dictated by the orbit and various models of the local zodiacal cloud. The values
used initially in this study are taken from the first reports by members of the ExXNPS team [6]. The
inner mirror diameter is assumed to be 6.0 m for an interferometer in a 1.0 AU orbit and 1.5 m for
a 5.2 AU orbit. The mirrors are in a 1-3-3-1 configuration, meaning the ratio of the diameters of
the inner pair to the outer pair is three to one. Therefore, the smaller, outer mirrors have 2.0 m
diameters at 1.0 AU and 0.5 m diameters at 5.2 AU. The rotation rate allowed by the imaging
equipment is still uncertain and so certain inferences are made, based on other characteristics of
the mission, resulting in the assumption of a two hour rotation period. The lifetime of the mission
is also an assumption subject to future modification with a value used in this study of five years.

The assumptions are all summarized in Table 2.1.
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Figure 2.1: Reference Structurally Connected Interferometer Model
2.2.2 Global SCI Architecture

Six major components are included in the design for the structurally connected interferometer,
shown in Figure 2.1, The largest component is the truss assembly itself on which all the sub-
systems are mounted, Two separate truss sections are assumed, one for each side of the interfer-
ometer. In the center of the spacecraft are the optical combiner and the main spacecraft bus, which
contains the propulsion, power, communications, and thermal subsystems. Four collector compo-
nents are spaced along the truss and contain the hardware needed to direct the mirrors and reflect
the light to the combiner. The actual optical systems which collect the light are housed within
these collectors and correspond to the primary mirrors. The final component of the SCI design is
the deployment mechanism containing the canisters needed to deploy the truss in its final orbit.

One canister is added for each side of the boom assembly. The breakdown is listed in Table 2.2,

Table 2.2: SCI Component Listing

Component Quantity
Optical Combiner — |
Collector 4
Optical System 4
Spacecraft Bus 1
Truss Assembly 2
Deployment Canisters 2
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Figure 2.2: Reference Separated Spacecraft Interferometer Model

The SCI design rotates freely in space using momentum wheels to control the torque on the
spacecraft, providing the maneuvering needed for image synthesis. While propellant will be
needed for periodically desaturating the momentum wheels and re-orienting the telescope, the
amount of mass required has been found to be small relative to the other components and is

ignored in the SCI mass calculation,

2.2.3 Global SSI Architecture

The separated spacecraft design uses similar components, but requires five independently free fly-
ing spacecraft, as shown in Figure 2.2. Accordingly, the SSI requires five spacecraft buses. In this
study, because the separated spacecraft buses must contain propulsion, power, communication,
and thermal systems just as the SCI bus does, each of the SSI buses are assumed to be equal in
mass to the SCI bus. In addition, one combiner and four collectors are needed, with corresponding
optical subsystems. A large portion of the SSI wet mass lies in the propellant mass needed for
maneuvering the four collector spacecraft around the combiner. For simplicity, the total propellant
mass for the entire constellation is considered to be one component, rather than separately listing
the mass for each spacecraft. Only the propellant needed for maneuvering is calculated in this
study; slewing to reorient the line-of-sight of the instrument was found to be negligible relative to

the maneuvering. The component list is shown in Table 2.3.
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Table 2.3: SSI Component Listing

Component Quantity
Optical Com=biner — 1
Collector 4
Optical Subsystem 4
Spacecraft Bus 5
Maneuvering Propellant 1

2.2.4 System Components

Taken together, all of the components listed above comprise every subsystem and function of the
interferometer. Under the assumption that each can be independently designed, the component
masses are estimated or calculated as explained in the following sections.

Optical Combiner - The combiner component of the interferometer lies in the center of the linear
configuration and combines the light from each collecting mirror. The Terrestrial Planet Finder
has two pairs of Bracewell interferometers which are independently combined and then the out-
puts of the two pairs are themselves combined. The path taken by the light rays is shown in Figure
2.3. The optical delay lines contain mirrors which shift in order to fractionally delay the light,
thereby maintaining the wavefront coherence. All three beam combiners sit in the center of the
interferometer configuration, along with the optical delay lines. Also, the combiner contains the
fringe detector and the other instruments used for planet detection. The total mass estimated for
the combiner module is the same for both the SCI and the SSI architectures and is assumed to be

150 kg, equal to the DS-3 design [21].

Collector - The collector module is composed of the hardware necessary for reflecting the col-
lected starlight in towards the combiner. The instruments are also responsible for keeping the col-

lecting optics locked in position once the target star is located. Again based on the system
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Figure 2.3: Schematic of a Four-Collector Bracewell Interferometer

breakdown for DS-3, the collector mass is estimated to be 25 kg in both architectures.

Optical System - The actual mirrors used to collect the light from the star system are a separate
component because their mass can be calculated using current estimates for optical areal densi-
ties. The latest designs for the Next Generation Space Telescope [9] call for a mirror design with a
mass of approximately 750 kg for a diameter of 8 m, which implies an areal density of about 15
kg/mz. The optical requirements for TPF dictate inner mirror diameters of 6 m and 1.5 m for the
1.0 AU and 5.2 AU orbits, respectively. The current configuration for TPF also calls for a 1-3-3-1
array in which the outer mirrors would have a diameter one-third of the inner ones. Using an opti-

cal areal density, p,pyics Of 15 kg/m?, the optical system masses can be calculated as

2
moptics = papricsuR (2.1

where R is the mirror radius. The values used in this study are shown in Table 2.4. The mass ol the

optics is assumed to be independent of the interferometer architecture,

Spacecraft Bus - The bus of the spacecraft is largely a generic component responsible for the
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Table 2.4: Calculation of the Optical System Mass

1.0 AU Orbit 5.2 AU Orbit
Parameter Inner Outer Inner Outer
Pair Pair pair Pair
Diameter 6.0 m 20m 1.5m 0.5m
Mirror Mass 425 kg 47 kg 26.5 kg 3kg
Quantity 2 2 2 2
Total Optics Mass 944 kg 59 kg

non-optical operations of the interferometer, It handles all communications, either inter-spacecraft
or earth downlink, and includes the necessary antennas and transceivers, It is also charged with
maintaining the global position of the spacecraft relative to its orbit or to other spacecraft, for
which thrusters and propellant storage units are included. In addition, the power system needed
for the operation of the pulséd plasma thrusters is included in the spacecraft bus. All these systems
are summarily grouped into the spacecraft bus component. Based on present designs for DS-3 and
SIM, the mass of the spacecraft bus is estimated to be 100 kg. The spacecraft bus does not include
any propellant.
Truss Assembly - The truss is the primary component of the structurally connected interferome-
ter architecture. It connects the four collectors with the combiner and provides rigidity for the
spacecraft. The truss also allows the SCI to passively maintain the fixed relative positions of the
mirrors while rotating by carrying the constant centripetal load.

The truss is assumed to be composed of cubic bays, each with four longerons, four diagonal
struts, and a square batten frame. For the most part, the analysis of the truss design and mass cal-

culation follows that of Surka [32].The three variables which completely describe the truss are its
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length, L, its aspect ratio, AR, and its areal density, v, defined as

_L
AR = (2.2)
A
V = — (23)
h2

where h is the truss height, equal to its width, and A is the cross-sectional area, Both the aspect
ratio and the areal density are non-dimensional quantities.

In the original work by Surka, the aspect ratio and the areal density were artificially limited to
set boundaries for the study, with a range for the aspect ratio of 1-1000 and of 0.001-1 for the
areal density. The only practical restraint placed on the truss design was the thickness of the truss
struts. Not surprisingly, the minimum mass design always drove the aspect ratio to its maximum
and the areal density near to its minimum. However, in this study, the aspect ratio is limited to a
value of 100 which is more characteristic of current truss models, examples of which are shown in
Table 2.5. The Structural Assembly Demonstration Experiment (SADE) was an experiment
designed to demonstrate the on-orbit assembly and deployment of a space structure from the
Space Shuttle [26]. The Middeck 0-gravity Dynamics Experiment (MODE) was a project by the
MIT Space Systems Lab which studied the structural dynamics of a deployable truss in micro-
gravity [5]. The Interferometric Stellar Imaging System is a JPL proposal for which MIT submit-
ted a design [24]. Two other trusses which provided estimates for the aspect ratios were the sec-
ond Interferometry Program Experiment (IPEX) and the Shuttle Radio Topography Mission
(SRTM) [27], both of which use AEC-Able Engineering deployable trusses. The parameter values
for the final two trusses were given by AEC-Able Engineering [12] as justification for the deploy-

ment mechanism empirical mass formula,
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Table 2.5: Current Truss Model Parameters

Cross- Aspect Areal
Truss Model Length Height Sectional RP . .

Area atio Density
SADE 978 cm 140 cm 22.6 cm? 7 0.0012
MODE 183 cm 20 cm 0.775 cm? 9 0.0018
ISIS 25m 30 cm 7.0 cm? 83 0.0078
IPEX-II 30 m 30.5cm 1.34 cm? 98 0.0015
SRTM 60 m 77 cm -- 78 -
SCI Model 75 m 75 cm 5.6 cm? 100 0.001

The total mass of the truss can be calculated by expressing the mass per bay in terms of the
three parameters above and then multiplying the result by the number of bays. The truss bay
cross-section layout is shown in Figure 2.4, Each bay has four struts in the frame, four longitudi-

nal struts, four diagonal struts, plus a diagonal through the center which gives

Mgy = (8+542)pLA (2.4)

where my,, is the mass of the truss bay, p is the material density, and L; and A, are the length and

cross-sectional area of the individual struts. The strut length is defined by the aspect ratio.

L =

L
P = (2.5)

Although Surka further defined and calculated the strut area, the strut thickness, and the wall
thickness, the small areal density implies a solid strut cross-section and so the value of the strut

cross-sectional area can simply be expressed as a fraction of the total cross-sectional area,

|

A = —A 2.6
T(4+442) o0
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Figure 2.4: Truss Bay Cross-Section
Combining these formulas with Equations 2.2 and 2.3 provides a simplification of the mass per

unit bay as

(8+542) L2 5
_ )ovEl 7
Mgy @+ 43) Vo (2.7)

Because the bays are cubic, the number of bays is merely the length divided by the aspect ratio

which gives the final mass of the truss as

L3
Miruss = fPDA? (2.8)

where f is the volumetric constant, equal to approximately 1.56 for a rectangular truss such as the
one shown, and p is the material density. In addition, the area moment of inertia is needed for the

performance analysis in Appendix A and is calculated using the radius of gyration of the truss, r,,
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Table 2.6: Calculation of the Total Truss Mass

Parameter Value
Material Density 1744 kg/m?
Areal Density 0.001
Section Length 37.5m
Section Aspect Ratio 50
Section Mass 57.4 kg
Quantity 2
Total Truss Mass 114.8 kg

which is assumed to be equal to half of its width, giving
A2 v(L)8
= 5% =3() (2.9)

The material density was one of the trades examined in the original work. Graphite/epoxy,
with a density of 1744 kg/m3, was clearly the best material choice for space trusses and is
assumed to be the material used in constructing TPF, The boom is assumed to be divided into two
37.5 m long sections, one for each side of the instrument. Table 2.6 lists the parameters which
lead to the calculation of the total mass of the metered truss and gives the result of 115 kg.
Deployment Mechanism - Because the interferometer must fit within a reasonable volume in
order to be launched, the SCI does not extend the booms to their full length until the final orbital
position is reached. Current designs offer a variety of techniques for the deployment mechanism,
but the 75 m length of the truss makes most of them prohibitively massive or complex.

AEC-Able Engineering utilizes a technique for their truss designs which extends the boom
through the use of a threaded canister. Based on information obtained from AEC-Able [12], an

empirical formula was used to calculate the mass of the deployment mechanism. For each section
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Table 2.7: Calculation of the Deployment Mechanism Mass

Parameter Value
Section Length 37.5m
Section Aspect Ratio 50
Section Mass 499 kg
Quantity 2
Total Deployment Mass 998 kg

of a metered truss, the estimated mass for its deployment was calculated as

Meplay = 490[(1.3%)2 ¥ (5%4)] (2.10)
where [ is the length of each boom and AR is its aspect ratio. This formula is based on the design
experience of AEC-Able and fits well to current truss designs, primarily the Shuttle Radar Topog-
raphy Mission (SRTM) [27], which uses a 60 m truss developed from the truss design to be used
on the International Space Station.

The assumption was made that one truss section would deploy on either side of the combiner.
The outer collectors are permanently fixed to the ends of their respective trusses and the inner col-
lectors grasp their respective intermediate bays as they deploy. Accordingly, the total configura-
tion contains two deployment canisters, with each section length equal to half of the total
baseline. Table 2.7 summarizes the deploymeni mechanism mass parameters. The potential neces-
sity of having four deployment canisters because of the complexity of the grasping function, as

well as other possible deployment techniques, is discussed in Chapter 3.

Propellant - The total propellant mass estimate for the separated spacecraft interferometer
includes propellant for the four collector spacecraft to maneuver about the combiner. The propel-

lant needed for repointing maneuvers was calculated to be negligible relative to the amount
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required for rotation, since the collector spacecraft continuously maneuver to modulate the signal
from the star. The non-stop thrusting requires a significant amount of propellant to be carried
onboard the collector spacecraft. The thrusting needed for orbital transfer is ignored.

Assuming that each spacecraft constantly fires its thrusters as it moves in a circular rotation
about the combiner spacecraft, the amount of AV per spacecraft required for one full rotation is

the centripetal acceleration multiplied by the rotation period,
AV, = RT (2.11)

where o is the angular velocity, R; is the distance from the combiner spacecraft, and T, is the
rotation period. Simplifying by the definition of the rotation rate gives
4n’R,
AV = ! (2.12)

i, rot
Tror

The total AV required over the mission lifetime per spacecraft is then

47t2R

i
AV, tife = —3 Tiife (2.13)

rot

where T, represents the total lifetime.

Once the velocity requirement is calculated, the propellent mass ratio can be found using a

modified form of the rocket equation,

m AV,
—prop [exp[l—hfe)— l] (2.14)
My sp8

where m,,,, and my,, represent the propellent and dry mass of the spacecraft, respectively, /g, the
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Table 2.8: Calculation of the Total Propellant Mass

1.0 AU Orbit 5.2 AU Orbit
Parameter

Inner Pair | Outer Pair | Inner Pair | Outer Pair
Rotation Time 2 hr 2 hr 2 hr 2 hr
Rotation Radius 125 m 37.5m 125 m 37.5m
Specific Impulse 1000 s 1000 s 1000 s 1000 s
Mission Lifetime S5yr S5yr S5yr Syr
Lifetime AV 1.5 km/s 4.5 km/s 1.5 km/s 4.5 km/s
Dry Mass 550 kg 172 kg 151.5 kg 128 kg
Propellant Mass 91 kg 100 kg 25 kg 74.5 kg
Quantity 2 2 2 2
Total Propellant Mass 382 kg 199 kg

specific impulse of the micro-propulsion system, and g the gravitational constant at the earth’s
surface. The propellant mass is found by using the total dry mass of each spacecraft to calculate
its propellant mass and then summing the four values. The values used for the propellant calcula-
tion are shown in Table 2.8 for both the inner and the outer pair of spacecraft and for both orbits.
The rotation time of the interferometer can be inferred from several factors. First, as pointed
out by Woolf [37], approximately 1000 separate data points must be taken in order to accurately
measure the fringe of a target planet. With an integration time per point of four seconds, the
instrument must not rotate faster than once every 67 minutes. As a lower limit, Woolf suggests
that the decision of whether or not to make further analysis of the target system should be made
within several hours. The initial assumption made in this study is a rotation rate of once every (wo

hours, which is the value advanced by the Jet Propulsion Laboratory for current TPF studies.

The choice of propellant follows from the analysis done originally by Surka. Because the

required thrust levels are not high, a fuel with a high specific impulse is desired. Pulsed plasma
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thrusters provide a specific impulse of roughly 1000 sec and their low power requirements make
them ideal for deep space missions. In addition, a PPT system can deliver small discrete impulse
bits which makes the precision thrusting for optical alignment possible [25]. A pulsed plasma
thruster is capable of thrust up to a maximum of several millinewtons. A bank of PPTs can be
used if higher thrust values are required for maneuvering. Also, PPTs are simple propulsion sys-

tems, not needing tanks, pressurization, or cryogenic storage.

2.3 Conclusions

As stated in the introduction, a modified cost comparison can be made by comparing the total wet
mass of each of the architectures. For most space applications, the financial cost of the missions
scales with the launched mass. Since the two architectures are assumed to have the same perfor-
mance, the final cost per function metric simplifies to a comparison of the total wet mass. Because
the optical subsystem and propellant components have different values for the two possible orbits,

two different comparisons must be made.

The wet mass comparison can be reduced by noting that the block elements which are invari-
ant over architecture can be effectively cancelled between the designs, leaving only the unique
components to form the real comparison. For these modules for Planet Finder, the basic compari-
son is between the truss and deployment mechanism for the SCI and the propellant mass plus the
added spacecraft buses for the SSI. When the propellant mass is significantly less than the esti-
mated mass for the truss and deployment canisters, the SSI is the more mass-efficient architecture.
Conversely, if the propellant requirement grows to the point that the sum of its mass and the mass
of the buses surpasses the truss and deployment mass, the SCI becomes the more optimal design.

As an example, since the truss and deployment masses of the SCI are independent of mission life-
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Table 2.9: Architectural Wet Mass Summary For 1.0 AU Orbit

Structurally Connected Separated Spacecraft
Component Interferometer Interferometer

Quantity | Total Mass | Quantity | Total Mass
Optical Combiner | 150 kg 1 150 kg
Collector 4 100 kg 4 100 kg
Optical System 4 944 kg 4 944 kg
Spacecraft Bus 1 100 kg 5 500 kg
Truss Assembly | 115 kg -~ --
Deployment Mechanism 2 998 kg - --
Propellant -- -- | 382 kg
Total Wet Mass - 2407 kg -- 2076 kg

time, longer mission lifetimes will require more propellant for the SSI, eventually making the SCI

the more mass efficient architectural design.

2.3.1 Wet Mass Results For 1.0 AU Orbit Radius

The breakdown and calculation of the wet mass for interferometers in a 1.0 AU solar orbit is
shown in Table 2.9. In this case, the mass of the truss and the deployment mechanism is over
twice as massive as the spacecraft buses and the propellant for five years of operation, and so the
separated spacecraft configuration is more mass efficient and can meet the operational require-
ments with a smaller wet mass. The deployment mechanism is clearly the mass driver for the SCI
design, accounting for nearly 42% of the total. This extreme ratio indicates that a new, more mass
efficient technique for extending the truss could drastically reduce the deployment mass, but the
deployment mass must be reduced by a third in order to make the reference SCI design competi-
tive. Other options for the deployment mechanism, other than the threaded canister design, are

discussed in Chapter 3. Also, the empirical formula used in this study is based on present truss
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Table 2.10: Architectural Wet Mass Summary For 5.2 AU Orbit

Structurally Connected Separated Spacecraft
Component Interferometer Interferometer

Quantity | Total Mass | Quantity | Total Mass
Optical Combiner 1 150 kg 1 150 kg
Collector 4 100 kg 4 100 kg
Optical System 4 59 kg 4 59 kg
Spacecraft Bus 1 100 kg 5 500 kg
Truss Assembly 1 115 kg -- -
Deployment Mechanism 2 998 kg -- --
Propellant - -- 1 199 kg
Total Wet Mass - 1522 kg - 1008 kg

design masses which are likely to fall within the next few years.

Each of the outer two spacecraft in the SSI configuration must carry roughly 100 kg of propel-
lant, with the inner pair requiring slightly less, 90 kg. The total propellant mass is just over 18% of
the total SSI wet mass, with the optical subsystem making up just under half of the total mass, at
45%. For this reference case, the separated spacecraft architecture is just over 330 kg, or 16%, less

massive than the structurally connected architecture.

2.3.2 Wet Mass Results For 5.2 AU Orbit Radius

At an orbit further from the sun, the optical subsystems are smaller due to the lower level of back-
ground noise and zodiacal interference. The decrease in spacecraft dry mass lowers the propellent
requirement as well. The total breakdown is shown in Table 2.10.

The mass of the SCI falls by about 885 kg for the larger orbit because of the smaller optical

subsystem masses. The truss and deployment mechanism remain the same, with the relative mass
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percentage of the deployment canisters rising to 65.6%, which is extremely high. In order for the
wet mass of the structurally connected design to be comparable to the SSI, the deployment mass

must be on the order of 500 kg, or about half of its present estimate.

The separated spacecraft design becomes even more mass efficient in this case because of the
reduced dry mass. The spacecraft bus make up about half of the total mass, which, bearing in
mind the inclusive definition of the component, is realistic for present designs. The propellant
mass at a 5.2 AU orbit makes up about 20% of the total wet mass of the SSI. On the whole, for the
reference designs in a 5.2 AU orbit, the structurally connected interferometer architecture mass is
over 500 kg higher than the separated spacecraft interferometer architecture mass, a difference of

over 50%.

2.3.3 Summary

The separated spacecraft architecture is more mass efficient than the structurally connected archi-
tecture for these reference designs, with a wet mass that is 86% and 66% of the comparable SCI
mass for the 1.0 AU and the 5.2 AU orbits, respectively. The major factor in the disparity of the
system masses is the large size of the model of the deployment mechanism. Using a threaded can-
ister design implies a large truss housing and so the mass of the deployment system may be overly
inflated due to the size of the Terrestrial Planet Finder boom. Therefore, using different methods
for extending the truss is one of the factors examined in the next chapter which focuses on varia-

tions in the assumptions made in the reference model designs.

The wet mass comparison is practically a trade-off between the truss and deployment mecha-
nism on the part of the SCI and the propellant and spacecraft bus on the part of the SSI. Other than

these components, the two architectures are roughly equal, since the same collectors, combiner,
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and hardware are used. The results of this study disagree slightly with the conclusion of Surka’s
work which is attributable to the fact that Surka neglected to include a deployment mechanism

and allowed a much more fragile truss design.

The decision concerning the orbital radius of the Terrestrial Planet Finder mission is still
uncertain, but the profile of the Galileo mission to Jupiter can offer some information. Galileo
used the Inertial Upper Stage (IUS)! booster, built by the Boeing Company, to provide the
roughly 4 km/s of velocity corrections needed for a gravity assist trajectory profile which carried
the Galileo spacecraft to Venus, to Earth twice, and then on to Jupiter. The wet mass of the IUS is
roughly 14,740 kg, with a propulsion system which uses solid propellant. The IUS has also been
used for several other space missions, notably Magellan and Ulysses. The IUS provides over
200,000 N of thrust which should be sufficient for the TPF spacecraft. Therefore, in some sense,
the wet mass values given in this chapter are for the payloads to be inserted in either the 1.0 AU or
the 5.2 AU orbit, and the orbital transfer to 5.2 AU can be achieved by the IUS booster at no pen-

alty to the TPF design.

1. STS-73 Press Kit, NASA. <URL:http://shuttle.nasa.gov/sts-73/shutref/carriers.hitml>,
Accessed 20 May 1998
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Chapter 3

Design Sensitivities

Many assumptions were made in Chapter 2 in order to allow reference designs to be developed.
However, many of these assumptions were not based upon hard and fast requirements. As a first
example, two truss deployment canisters were chosen for the SCI reference design. Instead, four
may be needed if problems arise in attaching the inner collector bays to the truss as it deploys. Or,
a different technique may be used altogether, instead of threaded canisters, to deploy the truss,
such as hinged trusses or inflatable booms. Second, pulsed plasma thrusters (PPTs) were selected
for maneuvering the collector spacecraft in the SSI design. Other types of propulsion could be
used in the place of PPTs, such as cold gas or Xenon-ion thrusters. Third, instead of maneuvering
the SSI collector spacecraft along the circumference of a circle, the operational profile may have
them maneuver along the sides of a closed polygon (e.g., a square) in order to possibly save fuel
or to lessen the disturbances associated with the maneuver burns. In any case, this chapter
explores the sensitivity of the wet mass to variations in some of the component technologies
which comprise the TPF reference designs. High sensitivities will identify those technologies
whose further development will be most instrumental in reducing the wet mass, and therefore the

cost, of the TPF mission.
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The first section discusses the truss deployment mechanism and how potential modifications
could affect the architectural comparison. Section 3.2 examines other, more efficient propulsion
systems, with the final section examining the trajectories followed by the collector spacecraft and

the resulting propellant usage.

3.1 Truss Deployment Mechanism

The most massive component in the reference structurally connected interferometer design is the
deployment mechanism needed to extend the truss, which accounts for over half the total wet
mass for the 5.2 AU orbit design. The estimated mass is calculated using an empirical formula
obtained from AEC-Able Engineering [12] which is extrapolated from current truss designs and
technologies. The truss uses a threaded screw canister to deploy the boom, with a canister mass

based primarily on the width and height of the truss. In the deployment canister mass equation,

M yeploy = 490[(1.314%)2{5%1)] (3.1)

where / represents the length of the truss section and AR the section aspect ratio, the width of the
truss is included as (//AR). The coefficients in the equation imply that 99% of the mass is depen-
dent on the width, with the length of the truss section barely affecting the deployment mass,
Because of this large dependence on the width, the natural consideration in examining the
design sensitivity to the truss size is to calculate the truss width which causes the total wet masses
to be equal. Assuming a constant truss areal density of 0.001, as defined in the previous chapter,
increasing the aspect ratio of the truss decreases its mass as well as the mass of the deployment
mechanism, The SCI mass is equal to the SSI mass for an aspect ratio of 114.4 in a 1.0 AU orbit,

which is a very small increase from the assumed value of 100. Therefore, the architectural mass
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comparison, and primarily the deployment mechanism mass, is extremely sensitive to the charac-
teristics of the truss design.

A problem, however, with using two deployment canisters, as the reference SCI design does,
is that the inner collector bays must latch on to the truss as it deploys. Furthermore, the truss will
have to extend through the inner collector bay. If further research indicates that such a system
introduces insurmountable problems in collector stability and positioning, four deployment canis-
ters may be required. Four truss sections would be deployed, with a collector bay mounted at the
tip of each section. The outer boom sections would be attached to the ends of the inner boom sec-
tions,

Because of the absence of a significant mass dependence on the actual length of the truss sec-
tion being deployed, using four deployment canisters would effectively double the mass of the
deployment mechanism, to nearly 2000 kg. In the reference SCI design, a deployment mechanism
of 2000 kg would represent nearly 80% of the total wet mass of an interferometer in a 5.2 AU
orbit. Such a large, disproportionate component mass might be a prohibitive penalty in selecting a
structurally connected architecture for the Terrestrial Planet Finder.

On the other hand, the mass of the deployment mechanism may be reduced by avoiding large
deployment canisters. A TPF concept proposed by Lockheed Martin, which is presented in Chap-
ter 6, uses hinged truss sections which unfold once the spacecraft is in orbit. A ‘finesse’ truss con-
cept using guy wires and sub-booms was suggested by TRW and is also included in Chapter 6.
The EXNPS Road Map [7] mentioned inflatable trusses as being advantageous because of their
high packaging efficiency. The launch of the Shuttle Radar Topography Mission (SRTM) [27] in
May of 2000 will demonstrate a 60 m truss deployed from the space shuttle bay and will provide

more experience with large truss deployment technologies. In any event, the mass comparison
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Figure 3.1: Propellant Mass vs. Propellant Specific Impulse

between the two architectures is very dependent on the truss deployment system, so further

research on the viabilities of deployment technologies is critical for accurate mass comparisons.

3.2 Propulsion System

The specific impulse of 1000 sec assumed in the calculations for the propellant mass is actually on
the low end of the range for pulsed plasma thrusters. Recent development of pulsed plasma thrust-
ers for orbit corrections on small satellites has obtained specific impulses of over 1400 sec [18]
[25]. Increasing the specific impulse has the direct effect of decreasing the amount of teflon
needed to operate the interferometer over its lifetime. Figure 3.1 shows the propellant mass
decreasing as the specific impulse improves, with an I, of 3000 sec lowering the propellant mass

to 115 kg in a 1.0 AU orbit and 58 kg in a 5.2 AU orbit from the reference values of 382 kg and

60



199 kg obtained using an I, of 1000 sec.

Alternatively, instead of a PPT system, xenon-ion propulsion might be considered for TPF.
Ion propulsion provides a much higher specific impulse, with values reaching 20,000 sec. The
major drawback in using ion propulsion, though, is the massive amount of power needed to oper-
ate the thruster, 400 W for xenon propellant. In effect, an ion thruster would trade propellant mass
for power system mass. Increasing the specific impulse would decrease the propellant needed at

the cost of requiring a bigger power supply.

The wet mass of a separated spacecraft interferometer is very sensitive to a more efficient pro-
pulsion system, as measured by the specific impulse and the thrust-to-weight ratio of the entire
propulsion and power subsystem. An additional mass savings of perhaps 250 kg could be realized
using more efficient PPTs, which would widen the mass difference between the two architectures

even further.

3.3 Collector Spacecraft Maneuvering Profiles

The normal assumption about the maneuver paths which the collector spacecraft follow in a sepa-
rated configuration is that they are circular, which follows from the pure rotation of a truss, How-
ever, circular movement requires a constant thrust to provide the centripetal acceleration.
Alternatively, the spacecraft may instead fire its thrusters and then drift for a bit before thrusting
again. The resulting path becomes a polygon. Optimizing the profile indicates that the fewer legs
in the polygon, the less velocity change is required. Because the linear configuration must remain
symmetric about the central combiner spacecraft, polygons with an odd number of sides are elim-

inated from consideration, making a square the optimal path.

Each spacecraft moves in a straight line, thrusting only at the four corners. The optical base-
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line of the interferometer lengthens and contracts as the formation moves along the square. In
order to justify modifying the maneuver profile to a square, the quality of the reconstructed image
must be equal to or better than the quality of an image taken following a circular path, Further-
more, this image quality is not strictly defined as the resolution of the interferometer; more accu-
rately, the image quality is a measure of the level of planet detectability produced by the

interferometer. The verification of the image quality is discussed later in this section,

As derived in the previous chapter in the analysis of the propellant usage, the total velocity

change for a circular rotation path is given by

4m°R

i
AVitife = —3 Tiife (3.2)
rot
where AV, ;.. is velocity change for the ith spacecraft, R; is the distance from the combiner, and

T,

ror and Ty, are the rotation period and mission lifetime, respectively. The rotation period is

assumed to be two hours, with a mission lifetime of five years,
For a square maneuvering profile, the average velocity of each spacecraft is the perimeter
divided by the period,

V. = — (3.3)

rot

where a; is the length of the side of the square path followed by the it spacecraft. At each corner,
a relatively quick velocity change is affected so that the direction of the velocity vector shifts by

90°. The magnitude of the vector change, assuming the thrust is directed 135° from the original
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flight path, is then

;
AV, = ﬁ : T_" (3'4)
rot
giving a total AV per compiete circuit of
4a;
AV; = 42 — (3.5)
Trot

The total AV over the mission lifetime is then the product of the circuit velocity change and the

number of completed circuits made during the lifetime, or

4a;
AV, lige = 442 ;{‘Tufe (3.6)

rot

Therefore, the ratio of the velocity expenditure for a square profile to a circular profile is given by

Avsq“are = 4ﬁai = 0'573'& (3'7)
AV 1'52R,- R

circle

Since the resolution of the interferometer is linearly dependent on the baseline, the natural
selection for the perimeter value is one which keeps the time-averaged baseline constant. The
time-averaged baseline can be found by integrating the baseline around one complete circuit and
dividing by the rotation period. Because of symmetry, the integration can be reduced to one-

eighth of the complete path, such that the time-averaged baseline, B, is given by

1
= 1 a ) 4a 2
B = J' 2[(—) +( :)Z] dt (3.8)
Trat/s 0 2 Trot
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Figure 3.2: Different Maneuver Profile Trajectory Paths
where the time, ¢, is the variable of integration. Substituting variables by the relations
_ 4a _ 4a , a
x-T t,dx—T dt; a =3 3.9

rot rot

results in the equation

a
B = 3]40'2 + x2dx (3.10)

0

Performing the integration gives the final time-averaged baseline as
B = J2a'+a'In[(1 + J2)a'] -a'In(a’) = 2.2964' = 1.1484 (3.11)

Setting the time-averaged baseline of the square equal to the time-averaged baseline of the circle,
which is merely the 75 m diameter, gives a side length, a, of 65.3 m. Therefore, the velocity ratio
given in Equation 3.7 equals 0.998, indicating that a square which has the same time-averaged

separation baseline as the original circle does not provide any propellant mass savings.

The next profile considered has a perimeter equal to the original circle’s circumference, mean-



Table 3.1: Maneuver Profile Characteristics

(3.12)

Parameter Circular | Equal Avg. Equal
Profile Baseline Perimeter
Average Outer Spacecraft Velocity 3.3 cm/s 3.6 cm/s 3.3 cm/s
Average Inner Spacecraft Velocity 1.1 cm/s 1.2 cm/s 1.1 cm/s
Total AV Requirement 12 km/s 12 km/s 10.8 km/s
Percent Velocity Change N/A 0% -10%
Total Propellant Mass (1.0 AU) 382 kg 382 kg 338 kg
(5.2 AU) 199 kg 199 kg 176 kg
Percent Propellant Mass Change (1.0 AU) N/A 0% -11.5%
(5.2 AU) -11.8%
ing the side length is given by
4

which gives an outer side length, a, of 58.9 m, resulting in a time-averaged separation baseline of
67.6 m. Relative to the circular path, this profile decreases the AV requirement by 10%, which
translates to a propellant mass savings of over 11%. The three profiles are graphically shown in

Figure 3.2, with the velocity characteristics and resulting propellant masses for the three profiles

summarized in Table 3.1.

3.3.1 Thrust Constraint

The caveat to any decrease in AV, and subsequently the mass, is that a higher level of thrust is

required to turn the corner in a sufficiently short amount of time. Assuming an optimal thrust

angle of 135° off the velocity vector, the required thruster force, Fy,, is

F

mAVc

thrust =
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Figure 3.3: Thrust Level Requirement For Equal Perimeter Profile (1.0 AU Orbit)

where m is the spacecraft mass, AV, is the velocity change at one corner, and T is the time to turn
the corner. For a five minute thruster duty cycle, the required thrust of the outer spacecraft in the
equal perimeter profile for a 1.0 AU orbit, which has an initial wet mass of 272 kg, is 42 mN,
Doubling the cornering time to ten minutes lowers the thrust requirement to 21 mN, The thrust
level as a function of the time required to turn the corner, for the dry masses of the 1.0 AU SSI, is
plotted in Figure 3.3. The corresponding thruster level required in a circular profile to maintain the
centripetal acceleration of the outer collector spacecraft is roughly 7.9 mN.

The maximum thrust from a pulsed plasma thruster is on the order of several millinewtons, so
a bank of several PPTs would be needed in order to implement either square maneuver profile,
while perhaps only a pair for a circular path, This additional requirement would impact the space-

craft bus mass because of the additional solar array and battery optimization necessary, so a more
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detailed mass analysis would be required in order to determine any actual mass savings to be

gained from square maneuvering profiles.

3.3.2 Verification of Detection Sensitivity

As noted previously, the mass savings realized through a non-circular maneuver profile are only
practical if they do not degrade the ability of the interferometer to detect a planet. The resolution
of an interferometer, as measured by the spacing of the interference fringes, is given by the rela-

tion

(3.14)

>

efrl'nges =

where Op;,..., is the fringe spacing, A is the wavelength of the light, and B is the baseline normal
to the incoming wavefront. Therefore, a profile which results in a smaller average baseline
reduces the average resolution of the interferometer. However, the resolution alone does not con-
stitute the planet detectability of the instrument; the actual isolation of the planet apart from the
parent star and the exo-zodiacal noise may be more dependent on the position of the planet.
Therefore, in order to gauge the effect of non-circular trajectories on the actual performance of the
interferometer, the actual reconstructed images of a reference stellar system made by spacecraft

following each of the three maneuver profiles must be compared.

Following the cross-correlation algorithm developed by Angel and Woolf [2], the transmitted
intensities using the three maneuver profiles can be predicted and the reference images can be
reconstructed and compared. For a single, two-element interferometer, the amplitude of the signal

from a point source is the sine of the normalized angle,

a = sin(9) (3.15)
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which depends on the position of the source and the relative orientation of the interferometer, and

is given by
¢ = (Z%as)cos(ﬂ -0) (3.16)

where A is the wavelength of the light, o is the angular separation of the planet from the parent
star in the median plane of the interferometer, s is the separation baseline between the two collec-
tor apertures, f is the clock angle of the planet, and 0 is the rotational position of the interferome-
ter, as shown in Figure 3.4. The lobed nature of a single aperture beam profile is neglected.

Since the Terrestrial Planet Finder uses two Bracewell interferometer pairs, their outputs are
superposed. The two pairs, of spacings s and 3s in the 1-3-3-1 array, have a 180° phase difference
so that the outputs are out of phase at the center and cancel each other to high order. The differ-

ence in their amplitudes is sampled as
. l . 4 .3
a= sm(¢)—-3-sm(3¢) = 3sin (9) 3.17)

where a is the amplitude and ¢ is the normalized angle, defined in Equation 3.16, The three-to-one
ratio in signal amplitudes is such that the two functions and their derivatives sum to zero around

the origin, thus providing the central null that is key to the operation of the interferometer. The
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Intensity vs. Radial Position
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Figure 3.5: Transmission Intensity of Proposed Four-Element Interferometer

intensity of the signal is the square of the amplitude

T(0,B,1,0) = a” = sin’(9) (3.18)

and is shown in Figure 3.5 over the narrow range near the line-of-sight. Changing the amplitude
ratio between the inner and outer pairs to 0.336, rather than 0.333, broadens the central null fur-
ther by adding a triple peak to the amplitude curve, which is also shown in the intensity plot, as a
dashed line.

Using Equation 3.18, the intensity transmission plots of the three maneuver profiles can be
compared by using a reference star system which is a twin to the Earth-Sun system, A representa-
tion of the reference star, with the planet at an orientation of 30°, is shown in Figure 3.4. A planet

1.0 AU from a target star 10 pc from the Earth subtends an angle of 0.1 arcseconds. Using a wave-
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Intensity vs. Interferometer Orlentation
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Figure 3.6: Transmission Intensity vs. Interferometer Orientation For Each Profile
a) Circular Profile; b) Equal Avg, Baseline Profile; c) Equal Perimeter Profile

length of 12 nm, roughly in the center of the thermal infrared band, the normalized intensity of the
reference planet for the three trajectories through one full rotation of the interferometer is shown
in Figure 3.6.

Discontinuities exist at orientations of 45° and (45 + n90)° in Figures 3.6b and 3.6c because of
the transition points where the baseline stops increasing and begins decreasing at the corner of the
square, The primary dip in the top graph is wide because the planet’s orbital radius places it
directly between two fringe peaks for this particular wavelength and baseline. The fact that the
profile with an equal average baseline has a much larger maximum separation baseline is reflected

in the two additional intensity peaks in the middle plot.

To reconstruct the image, an inverse Fourier transform is performed using signals measured
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Figure 3.7: Reconstructed Image of Reference Star Using Circular Maneuver Profile
over a range of wavelengths.

(o, B) = ZZD(A,O)T(a, B, A, 0) (3.19)
% 0

where /(a, B) is the intensity at the polar point (o, B), D is the measured signal strength, and T is
the interferometer transmission. The summation over wavelength is equivalent to summing the
signals over variations in the baseline, Because of the linearity of the interferometer, the image is
symmetric through the center, with any planets appearing twice,

Using those transmission functions and the reference solar system, a simulated data signal was
generated. Photon counts were taken at two degree intervals through a full rotation of the interfer-
ometer, with no assumed errors in pointing or wavelength. The result from reconstructing the

images is shown in Figures 3.7-3.8. The dark asterisk in the three plots is the actual reference
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Figure 3.8: Reconstructed Image of Reference Star Using Equal Average Baseline Profile
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Figure 3.9: Reconstructed Image of Reference Star Using Equal Perimeter Profile
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Figure 3.10: Full Field of View Integration Using Circular Maneuver Profile

planet position. The quality of these reconstructed images seem to be nearly equivalent and the
relative magnitudes of the reconstructed point source to the background error is roughly equal.

Not only is the actual magnitude of the detected planet a concern, but the sensitivity of the
interferometer for actually detecting a planet, regardless of its position in the field of view, is also
critical in determining the image quality. In addition, the possibility of seeing multiple planets in a
solar system exists, and so the three maneuver profiles must all have a relatively smooth detection
levels in the focal plane, One way to examine this issue is to remove the dependence on the planet
position by merely integrating the transmission function over the entire field of view, which is, in
effect, imaging a bright sky of equal intensity everywhere. The full integration field patterns are
shown in Figures 3.10-3.11.

The radial symmetry of the circular profile is exhibited in the first plot, Figure 3.10, The high-
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Figure 3.12: Full Field of View Integration Using Equal Perimeter Profile
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est level of sensitivity in the field is at an angular separation of approximately 70 mas with a sec-
ond broad band centered at 100 mas. In the next two plots, Figures 3.12 and 3.11, the variable
baseline of the square maneuver paths causes the sensitivity to be axially symmetric rather than
radially symmetric. In both plots, the square path is aligned with the axes such that the shortest
baselines, which come at the midpoint of the side of the square, lie on the x- and the y-axis. More
variation in the level of the measured intensity is seen along the axes as well. Dark patches indi-
cate troughs where a planet might ‘hide,” to some degree, and be less visible above the back-

ground noise of the instrument.

A more qualitative analysis of the sensitivity of the interferometer to the planet position is
made by again using the simulated signal from the reference planet and then moving the planet
and measuring the resulting variation in the reconstructed signal, This sensitivity of the signal to
variation in the planet angular position is shown in Figure 3.13, For clarity, only the circular and
the equal perimeter profiles are shown, since the larger square has a similar variation as the
smaller, The planet is moved circumferentially, maintaining an radial position of 100 mas, equal
to an orbit radius of 1.0 AU at 10 pc.

The reconstructed images are laid out on a 50 x 50 polar grid and when the planet is placed on
or near a grid node, the measured signal is stronger than when the planet is between grid points.
As a result, the circular maneuver profile has a high frequency minor variation equal to the incre-
mental grid spacing. The intensity pattern of the equal perimeter profile shows the same high fre-
quency pattern, but also the result of the changing baseline. At the corners of the square, the
baseline is just over 83 m so the sensitivity of the interferometer is higher than for the 75 m con-
stant baseline of the circular profile. But, moving 45 degrees further decreases the baseline to

59 m and the sensitivity reflects that drop.
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Figure 3.13: Angular Variation of Simulated Planet Intensity

The radial variation is important as well because the Terrestrial Planet Finder will be imaging
solar systems at a distance between 4 and 13 pc from the earth and so the radial position of any
detected planets is likely to be anywhere in the field of view. Using an angular position placing the
planet on the x-axis, the simulated planet position is varied from 0.5 AU to the limit of TPF’s field
of view at 2.5 AU, equalling a radial angle as seen from the earth of between 50 and 250 mas. The
resulting variation in detected intensity is shown in Figure 3.14, again with only the circular and
equal perimeter profiles shown. As before, the high frequency modulation in the signal is due to
the grid spacing of the reconstructed image. The nominal rotational path of the interferometer
produces a graph which is relatively flat, with a normalized intensity mean of 123 and a standard
deviation of 8.4. The square path has a normalized mean almost exactly equal to the circular pro-

file, but the standard deviation is much higher at 19.1. The equal perimeter’s sensitivity peaks
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Figure 3.14: Radial Variation of Simulated Planet Intensity
much higher at a radial separation of about 120 mas, but has a deep valley in the 150 mas range.
To place the intensity plot in context, the square profile has a greater sensitivity threshold for
detecting Earth in our own solar system, but a lower chance of detecting Mars.

These analyses indicate that while non-circular trajectories provide some level of mass sav-
ings, some potential degradation in the optical sensitivity of the interferometer does exist. The
square profiles have one additional advantage, though; while the collectors are gathering photons
and performing optical measurements, the thrusters are not firing, which removes one potential
disturbance source from the environment. In addition, constant thrusting by the spacecraft in a cir-
cular trajectory may form a particulate cloud from the thruster plume which could interfere with
the incoming starlight. More simulation and experimentation is certainly needed to more ade-

quately judge the relative merits between potential flight paths.
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Chapter 4

Adaptability Comparison

As defined in Chapter 1, the adaptability metric is the sensitivity of the wet mass to changes in the
functional requirements of the Terrestrial Planet Finder (TPF) mission. During development,
every mission is subject to requirements growth and modifications which often lead to cost over-
runs, schedule slips, or outright cancellation. If the cost per function of a mission (the wet mass in
this study) is only modestly sensitive to functional modifications, it will stand a better chance at
accommodating these changes.

These changes in the functional requirements can take two forms, homogeneous and heteroge-
neous. Homogeneous changes are those which basically call for more of the same function which
the mission is already designed to provide. Examples include improving the optical integrity,
changing the separation baseline, extending the life of the mission, or observing more exo-solar
planetary systems. Heterogeneous changes are those which introduce a new functional require-
ment to the existing mission requirements. This broadening of the mission objectives sometimes
occurs in order to garer more advocacy for the mission across a scientific or funding community,
or to allow the mission to also act as a technology or scientific precursor to other, follow-on mis-

sions. For the Space Interferometry Mission (SIM) [15], the added requirement that it act as a pre-
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cursor for TPF by demonstrating white light nulling was a critical element in its selection for
mission start as well as a performance driver for SIM’s design. An example of a heterogeneous
modification for TPF would be the addition of synthetic aperture imaging where the collectors are
constantly repositioned to a variety of different separation and angular baselines in order to fill the
image plane (Fourier plane) and thereby reconstruct the image of some celestial object. Such syn-
thetic imaging could broacen TPF’s appeal across the scientific community. While this study does
not quantitatively combine the adaptability and wet mass metrics in order to reveal the optimum
TPF architecture, the adaptability metric is presented in order to indicate some of the implications
of, and possibilities for, requirements growth in the TPF mission,

The first section discusses implications of modifying the requirements for the optical configu-
ration to reflect new knowledge of the intended stellar targets for TPF. Modifying the separation
baseline is considered in Section 4.2. Then, general extensions in the mission lifetime or in the
target acquisition schedule are examined in Section 4.3. Following that, the effects of changing
the imaging or rotation time of the interferometer are studied. The final discussion, Section 4.5,

introduces the heterogeneous expansion of the mission objectives to include synthetic imaging.

4.1 Optical Configuration

While the initial proposed interferometer configuration in the EXNPS report consisted of four
equal diameter apertures, equally spaced from each other and from the combiner, a recent study
by Angel and Woolf [2] pointed out that having different size apertures for the inner and outer
pairs increases the efficiency of the photon collection and minimizes photon leakage, while plac-
ing more fringe peaks within the habitable zone of most stellar targets. The optical configuration

included in the reference designs in Chapter 2 follows the 1-3-3-1 array proposed by Angel and
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Woolf, in which the numbers refer to the ratios between the mirror diameters and the dashes indi-
cate an equal distance between each collector. One other possibility is a 1-2--2-1 configuration,
which provides a similar level of sensitivity and central nulling, but with more total collecting
area. TPF precursor missions will be gathering data on the exo-zodiacal clouds in the target stellar
systems, and further analysis may determine that a 1-2--2-1 configuration would improve planet

detectability, which represents a modification in the functional requirement for optical imaging.

Aside from the different mirror sizes, the two arrays primarily differ in their optical path
lengths. A 1-3-3-1 linear array has equal distances between each collector, which implies that the
baseline of the inner pair is one-third of the baseline of the outer pair. In contrast, a 1-2--2-1 array
equally spaces all five elements, including the combiner, along the same 75 m length, making the
inner baseline half of the outer. One potential problem with such a layout is the coarse equaliza-
tion of the path length. While a 1-3-3-1 array can reflect the inner light twice to make the length
equal to the outer pair path, a 1-2--2-1 would have to have reflecting mechanisms situated
between the inner collectors and the combiner.

The reference designs can be modified to reflect this second, 1-2--2-1, optical configuration
array in order to gauge the adaptability of the designs. The most obvious effect that such a modifi-
cation has on the cost metric is in the mass of the collector optics. The diameter of the inner aper-
tures was assumed to be 6.0 m, in a 1.0 AU orbit, and 1.5 m, for a 5.2 AU orbit. These values
provide equal signal-to-noise ratios for the two orbits, the value of which is dependent on the local
zodiacal noise, In the 1-3-3-1 and 1-2--2-1 configurations, the primary mirror sizes apply to the
larger, inner pair and so the inner pairs are the same size. In the modified 1-2--2-1 design, the
outer pair is larger and consequently, is more massive than those in the 1-3-3-1 design. Assuming

the same 15 kg/m2 optical areal density, the new optical subsystem masses are shown in Table 4.1
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Table 4.1: Modified Optical System Mass For 1.0 AU Orbit

1-3-3-1 1-2--2-1
Variable
Inner Pair | Outer Pair | Inner Pair | OQuter Pair
Diameter 6.0 m 20m 6.0 m 30m
Mirror Mass 425 kg 47 kg 425 kg 106 kg
Quantity 2 2 2 2
Total Optics Mass 944 m 1062 kg
Table 4.2: Modified Optical System Mass For 5.2 AU Orbit
1-3-3-1 1-2--2-1
Variable
Inner Pair | Outer Pair | Inner Pair | Outer Pair
Diameter 1.5m 0.5m 1.5m 0.75m
Mirror Mass 26.5 kg 3kg 26.5 kg 6.6 kg
Quantity 2 2 2 2
Total Optics Mass 59 kg 66.2 kg

for a 1.0 AU orbit and Table 4.2 for a 5.2 AU orbit. A 1-2--2-1 configuration represents an mass
increase of 12% in the optics for both orbits. However, both the structurally connected interferom-

eter (SCI) and the separated spacecraft interferometer (SSI) suffer from the mass increase equally,

leaving the mass difference the same.

The real contrast occurs in the mass of the propellant, a variable which only affects the SSI
model. An increase in the total dry mass of each spacecraft implies that more thrusting, and there-
fore more fuel, is needed to maneuver. In addition, the inner collector spacecraft in a 1-2--2-1
array are positioned farther from the central combiner and so must maintain a higher velocity.
Tables 4.3 and 4.4 show the propellant mass estimates for a separated spacecraft array in a 1-2--2-

1 optical configuration, relative to the original 1-3-3-1 array. The same propellant assumptions are
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Table 4.3: Modified Propellant Mass For 1.0 AU Orbit

1-3-3-1 1-2--2-1
Variable

Inner Pair | Outer Pair { Inner Pair | Outer Pair
Lifetime AV 1.5 km/s 45km/s | 2.25 km/s 4.5 km/s
Dry Mass 550 kg 172 kg 550 kg 231 kg
Propellant Mass 91 kg 100 kg 142 kg 135 kg
Quantity 2 2 2 2
Total Propellant Mass 382 kg 554 kg

Table 4.4: Modified Propellant Mass For 5.2 AU Orbit

1-3-3-1 1-2--2-1
Variable

Inner Pair | Outer Pair | Inner Pair | Outer Pair
Lifetime AV 2.25 km/s 4.5km/s [ 2.25 km/s 4.5 km/s
Dry Mass 151.5kg 128 kg 151.5kg 131.6 kg
Propellant Mass 25kg 74.5 kg 39 kg 77 kg
Quantity 2 2 2 2
Total Propellant Mass 199 kg 232 kg

made as before, using pulsed plasma thrusters. The larger radial distance increases the lifetime AV
requirement by 750 m/s, from 1.5 km/s to 2.25 km/s, for the inboard pair. In a near-Earth orbit,
changing the optical configuration to a 1-2--2-1 array increases the propellant requirement by
about 45%, to 554 kg. For a 5.2 AU orbit, the change in mass is about 16.5%, increasing the total
to 232 kg. Particularly for the 1.0 AU orbit where the 1-2--2-1 array requires 172 kg more propel-
lant, modifying the optical configuration could be a significant factor in the wet mass comparison,
the totals for which are shown in Tables 4.5 and 4.6 with the recalculated optical system and pro-

pellant masses.
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Table 4.5: Modified Total Wet Mass For 1.0 AU Orbit

1-3-3-1 1-2--2-1
Component
SC1 SSI SCI SSI
Optical System 944 kg 944 kg 1062 kg 1062 kg
Propellant -- 382 kg ~- 554 kg
Other Components 1463 kg 750 kg 1463 kg 750 kg
Total Wet Mass 2407 kg | 2076 kg 2525 kg 2366 kg

Table 4.6: Modified Total Wet Mass For 5.2 AU Orbit

1-3-3-1 1-2--2-1
Component
SC1 SSI SCI SSI
Optical System 59 kg 59 kg 66 kg 66 kg
Propellant -- 199 kg -- 232 kg
Other Components 1463 kg 750 kg 1463 kg 750 kg
Total Wet Mass 1522 kg 1008 kg 1529 kg 1048 kg

4.2 Separation Baseline

The assumption made in Chapter 2 for the separation baseline was 75 m, which is the nominal
value put forth by the Jet Propulsion Laboratory for the Terrestrial Planet Finder. However, the

baseline i3 a functional requirement which could be modified at a later date, and so the adaptabil-

ivy of the two architectures to a different separation distance should be considered.

First, in the case of the structurally connected interferometer, the mass of both the truss and
the deployment mechanism will change. Assuming that the truss aspect ratio remains equal to 100
and the truss areal density to 0.001, the total mass can then be calculated. For the separated space-
craft interferometer, the propellant mass will change slightly when the baseline changes because

of the dependence on the velocity needed to maneuver. Plots of both the SCI and the SSI wet
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Figure 4.1: Architectural Wet Masses vs. Separation Baseline
masses as functions of the baseline in both orbit possibilities are given in Figure 4.1,

If the baseline for TPF were reduced to roughly 60 m, the SCI would then have a lower wet
mass than the SSI in a 1.0 AU orbit. The crossover baseline at which the two architectures have

equal masses is slightly lower for the 5.2 AU orbit, at just under 55 m.

4.3 Extended Operations

The original EXNPS report set the goal of the Origins Program as a study of the closest 1000 stars
which lie in the spherical volume within approximately 13 pc of the Earth, The suggested obser-
vation profile begins with a broadband search of 100 to 200 stellar objects in the first year, fol-

lowed by spectroscopic studies of any promising candidates. Recent information available on the
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Terrestrial Planet Finder program places its observation goal as being several hundred star sys-
tems within five years of opecration. An extension of the operational coverage could take two
forms, either a protraction of the fifetime of the instrument or an increase in the number of stellar

targets or revisits. In either case, the rotation period is assumed to remain constant at two hours.

The mission duration primarily affects the propellant requirement of the SSI. Once the propel-
lant onboard each independent spacecraft is exhausted, the interferometer is essentially dead and
unable to perform any science. On the other hand, because a structurally connected interferometer
maintains its coarse collector positions and orientation passively through rotation, only momen-
tum wheels and a minor amount of propellant are needed to keep it operational. Adding propellant
to a spacecraft for a longer operational duration means that even more propellant is needed to
push the added mass, which is reflected in the exponential nature of the rocket equation. As shown
previously in Equations 2.13 and 2.14, repeated below, the amount of velocity change is linearly
dependent on the mission lifetime, and the propellant mass is exponentially depen:lent on the

velocity change.

2
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Using the dry mass values from Chapter 2, the wet mass of each system architecture as a func-
tion of the operational lifetime of the interferometer can be calculated. The results are shown in
Figure 4.2, in which the mass of the reference designs are plotted as a function of the mission life-

time, The SCI mass is assumed to be constant over lifetime because of the absence of a depen-
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3500 I L) I L L ] 1 ¥ v
3000}
$S1 @ 1.0AU
B o500} 4
% —————————————————————————————————————
[1']
:
F
=
8
5 2000f 1
SCI @ 5.2 AU
] e - el 3
SS1 @ 5.2 AU
1000 1 L L 1 il A - '} L
5 6 7 8 9 10 1 12 18 14 15

Lifetime (yr)

Figure 4.2: Total Wet Mass vs. Mission Lifetime

dence on propellant. On the other hand, the SSI mass increases exponentially because of the
increasing propellant mass. For longer mission lifetimes, the SCI becomes more mass efficient.
The crossover point lies at about eight years for the 1.0 AU orbit and just short of 13 years for the
5.2 AU orbit. Furthermore, adding propellant requires bigger fuel storage units and structural sup-
port, so the mission duration at which the wet masses become equal is actually slightly less than
that shown in the plot,

In any event, in terms of the adaptability of the architecture to extending the mission require-
ments, the structurally connected architecture is much better, For the separated spacecraft interfer-
ometer, a longer lifetime and more stellar targets both require a large addition of propellant, which

causes the SSI system mass to increase rapidly, surpassing the structurally connected interferome-

ter’s wet mass.
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4.4 Imaging Time

One of the primary variables in the functional requirements for the Terrestrial Planet Finder is the
time required to complete one image. The total imaging time is tied to the rotational period of the
interferometer through the signal-to-noise ratio (SNR) generated from the photon collection. If
more time is required to process each measurement while the instrument is rotating, the period
must be lengthened, which may decrease the number of targets properly imaged per year. On the
other hand, if a high SNR is being obtained, fewer measurements are required, and the interferom-
eter might be rotated faster, so as to allow for more targets in a given amount of time. Because the
propellant requirement is related to the square of the rotation period for the SSI, relatively small
fluctuations in the period drastically change the predicted propellant mass.

Following Equation 2.13, reproduced below, the propellant mass as a function of the rotation

period can be calculated.

2
4 R
AVige = 7 Tiife 4.3)

rot

The fastest rotation rate, which can be inferred from the likely requirement to have 1000 data
points of four seconds each per rotation, is roughly just over one rotation per hour. And, in order
to perform an initial scan on every stellar system within the target volume within the proposed five
year lifetime, a decision on making further analysis of the target should be made within several
hours, making any rotation period longer than five hours or so unlikely [37]. The range is proba-
bly centered around the reference assumption of a two nour rotation period.

The propellant mass sensitivity to the rotation period is shown in Figure 4.3. Decreasing the

period by 25%, from 2 hr to 1.5 hr, would increase the SSI propellant mass by 396 kg, or 104%, at
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Figure 4.3: Propellant Mass vs. Rotation Period
a 1.0 AU orbit and 219 kg, or 110%, at a 5.2 AU orbit. Alternatively, increasing the period to 2,5
hr lowers the propellant mass to 231 kg and 119 kg for the 1.0 AU and 5.2 AU orbits respectively,
representing a 40% reduction, Clearly, the rotation period is a critical factor in the separated
spacecraft propellant mass and indicates a high sensitivity to modifications in this functional
requirement,

The structurally connected interferometer architecture, on the other hand, would require
slightly more propellant to get up to speed if a faster rotation were desired, but the relative
increase in propellant is negligible in this case. However, a larger reaction wheel is more likely to
be used instead in order to accommodate the higher angular momentum. The reaction wheels
would require momentum dumping more often, but that is a relatively minor concern and does not

significantly impact the estimated mass of the SCI design. Therefore, the adaptability of the archi-
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tectures to modifications in the imaging time is primarily relevant for the separated spacecraft

interferometer.

4.5 Synthetic Imaging

Expanding the scope of the scientific operation of the Terrestrial Planet Finder is a heterogeneous
modification to the functional requirements which broadens the support of the program across the
scientific and funding community. Specifically for TPF, the potential exists for a more encompass-
ing scientific study of the target solar systems, as well as other celestial objects, through synthetic
imaging, which is the process of constructing a two-dimensional map of the brightness across the
field-of-view through varying the separation vector of the collectors in both magnitude and direc-
tion. The separated spacecraft architecture could provide this synthetic imaging because of its
capacity to freely move the apertures to form new baseline vectors.

With the positions of the two collector apertures given by (X, Y;) and (X, Y;), the separation

vector is simply

B=(X,-X,Y -V, (4.4)

The complex intensity, V (i, v), as measured by the interferometer as it moves through differ-
ent baselines, is normally given in the Fourier plane where the separation vector is transformed by

the relation

X -X, Y -Y
v = (=) 4.5)

In order to produce an image of the entire plane, the complex intensity must be known for a cer-

tain number of points in an n x m array which covers the (4, v) plane. Then, the brightness map of
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the sky, I'(8,, Oy), is given through a reveise Fourier transform as

~2mj(u, +v8,)

r©,8,) = [[veuve dudv 4.6)

where 6,, and 8, are the angular coordinates in the field-of-view. Equation 4.6 becomes a summa-
tion instead of an integral in this case because discrete points in the Fourier plane are sampled,
Therefore, the separation vector between the two collectors must be varied in both magnitude and
direction in order to provide more data points, In doing so, a two-dimensior.al map of the image
brightness is constructed.

Obviously, the fidelity of the image is contingent upon the number of points included in the
Fourier plane mapping. More measurements lead to a higher resolution in the reproduced image.
The four collector spacecraft of the Terrestrial Planet Finder would be able to simultaneously pro-
vide more baselines than a single collector pair. Optimizing the path taken by the collector space-
craft would minimize the fuel expenditure while gaining the most number of unique Fourier
points. This subject has been treated with regard to the Deep Space 3 interferometer by Kong and
Miller[17].

The high angular resolution offered by the collector optics would allow synthetic imaging of a
wide range of stellar targets, including proto-planetary disks, exo-zodiacal clouds, or even the sur-
faces of objects within the Solar System itself. By adding the instruments needed to perform syn-
thetic imaging to the collectors in the separated spacecraft architecture, the scope of the Terrestrial
Planet Finder could be expanded to include more areas of astrophysical study, which has the
important side effect of increasing the level of support in the scientific community, a factor which
is always important for a program as large and expensive as the Terrestrial Planet Finder is likely

to be.
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Table 4.7: Adaptability Summary

Adaptability Issue

Structurally Connected
Interferometer

Separated Spacecraft
Interferometer

Optical Configuration

Asi‘le from increased mir-
ror masses, very minor
torque increase

Aside from increased mir-
ror masses, more propel-
lant needed

Separation Baseline

Large mass dependence
on separation baseline

Minor mass dependence
on separation baseline

Extended Operations

Minor increase in fuel
mass needed for longer
lifetime or more targets

Requires much more fuel
to extend lifetime or to
add more stellar targets

Imaging Time

Minor mass dependence
on rotation period

Major mass dependence
on rotation period

Synthetic Imaging

Fixed baseline for taking
optical measurements

Able to perform synthetic
imaging with more cover-
age of Fourier plane

4.6 Summary

This chapter introduced the concept of the adaptability of a spacecraft architecture as a measure of
the sensitivity of its design to modifications in the functional requirements of the mission. Much
of the adaptability analysis is summarized in Table 4.7, which includes functional modifications
in the optical system and the separation baseline, as well as in the operational procedures of the

interferometer. Italics indicate the more favorable trends between the two architectures for each

issue.

The functional requirements which dictate the optical configuration of the instrument might
be changed because of new information concerning the exo-zodiacal clouds of the intended tar-
gets. A 1-2--2-1 mirror array was shown to increase the dry mass of both the SCI and the SSI and

additionally, to increase the propellant mass for the separated spacecraft interferometer by 172 kg

and 33 kg for the 1.0 AU and 5.2 AU orbits, respectively.
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The mass of the structurally connected interferometer has a high sensitivity to changes in the
separation baseline because the mass of the truth is dependent on the cube of the truss length. If
the width of the truss is kept constant, the mass of the deployment mechanism is only slightly
affected. The mass of the separated spacecraft interferometer has a small dependence on the sepa-
ration baseline due to the expansion of the array and the additional propellant required to rotate in
the same amount of time. The crossover baseline at which the mass of the reference SCI equals

the mass of the reference SSI is about 60 m for the 1.0 AU orbit and 55 m for the 5.2 AU orbit,

Modifications in the operational profile were also examined for their influence on the architec-
tural selection. Operational parameters such as the mission lifetime, the breadth of the stellar tar-
get catalog, and the time periods needed for imaging and rotation were examined to gauge their
relative effects on the masses of the two interferometer architectures. A separated spacecraft inter-
ferometer was found to be more sensitive to these changes because of its dependence on propel-
lant mass for operation. Synthetic imaging was included as a potential function offered by the
separated spacecraft interferometer which could broaden the operational profile of the Terrestrial
Planet Finder and significantly increase the scope of the scientific coverage offered. Altogether,
the primary conclusion is that the separated spacecraft interferometer is highly sensitive to most
functional modifications because of the additional propellant required, but at the same time, the
potential for synthetic imaging by the SSI is a important consideration in the architectural com-

parison.
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Chapter 5

Capability Comparison

The third metric used in this study is the capability metric, which assesses both the ability and the
efficiency of a system at performing its design role over the duration of the mission, Because dis-
tributed systems operate on a different principle than normal monolithic spacecraft, namely that
of the coordination of operations among a constellation of independent spacecraft, a typical cost,
or mass, comparison fails to take into account the additional capabilities offered by a separated
spacecraft architecture. Therefore, an examination of the level of performance which can be
achieved by both a structurally connected interferometer (SCI) and a separated spacecraft interfer-
ometer (SSI) is valuable in comparing the architectures.

The capability offered by the system is measured relative to the four constraints identified in
Chapter 1: isolation, rate, integrity, and availability. The first, isolation, is merely the resolution of
the instrument. The primary operation of the interferometer requires the planet to be resolved
apart from its parent star which implies a certain level of resolution and image processing accu-
racy from the collector and the combiner optics. The level of resolution offered by the two archi-
tectures is quite similar because of the scientific requirements, but the manner in which the

resolution can be adjusted is conditional on the configuration. The rate requirement dictates the
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time needed to image a solar system as well as the total number of images taken over the mission
lifetime. Since this constraint is a function of the optical systems, the rate does not distinguish
between the architectures. The inregrity of the system represents the level of error rejection
offered by the architecture. In interferometry, the primary source of error in the measurement is
the differential path length (DPL) control between the two legs in the interferometer, since any
inaccuracy in the DPL significantly affects the optical performance. The two architectures use dif-
ferent technologies to control the DPL matching to the required precision. (A cursory examination
of some possible disturbances and the structural control of the truss is given in Appendix A.)
Finally, the availability of the spacecraft in maintaining its required isolation, rate, and integrity
over its mission lifetime depends upon the levels of reliability and failure compensation provided
by the system. The structurally connected interferometer (SCI) and the separated spacecraft inter-
ferometer (SSI) designs are affected differently by the failure modes of the architecture and their
ability to adapt to failure is an important component of the capability metric.

This chapter provides a detailed look at these constraints and how they differentiate between
the two architectures. Resolution (isolation) issues are examined in the first section, with a
detailed look at the dependence of the planet isolation on the characteristics of the central null, A
brief mention of the rate requirement is made in the next section. Section 5.3 follows with a dis-
cussion of the disturbance rejection which maintains the system integrity, The final section deals
with the availability of each architecture, with the focus on system reliability and failure compen-
sation modes, and includes a brief mention of some propellant contamination issues. The chapter
concludes with a summary of the capability comparison and the insights gained in the architec-

tural study.
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5.1 Resolution

The primary function of the Terrestrial Planet Finder is the direct detection of extra-solar planets,
so its resolution must be fine enough to accurately isolate a planet orbiting as close as 0.5 AU
from its parent star, which is the habitable zone for a K2 class star, at a maximum distance of 13
pc from the earth, which corresponds to an angular separation of 38 mas. Adequate capability in
the spatial resolution also must exist to separate the planet from any exo-zodiacal noise. Conse-
quently, the minimum performance requirement put forth by the EXNPS group is on the order of
10 mas. Other resolution requirements for the interferometer are a minimum light suppression of
the central star of one part in one million, insensitivity to asymmetries in the zodiacal cloud, and
the ability to resolve multiple objects orbiting the target star.

The resolution constraint, though, must be met by both architectures, and therefore, there is
not much contrast in the resolution pérformance. Neither architecture will be selected for the Ter-
restrial Planet Finder mission unless the minimum resolution is met. However, another aspect of
the resolution is the width and maintenance of the central null which provides the light suppres-

sion of the parent star to better than one part in one million.

The primary factor in setting the width of this central null is the optical baseline. A structur-
ally connected architecture can vary its effective baseline by tilting the boom away from the plane
normal to the line-of-sight to the parent star, thereby projecting a shorter baseline. If the array is
still rotated about its maximum moment-of-inertia, the collector optics must slew in a coning
motion and the optical delay lines must have a much larger stroke. If the array were rotated about
the line-of-sight to the star instead, articulated or multiple reaction wheels would be needed and
the complication of precession would be introduced by the rotation about a non-principal axis.

Therefore, for baseline tuning, the separated spacecraft interferometer is favored since the optical
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Figure 5.1: Central Null Width vs, Optical Baseline
baseline can easily be adjusted by maneuvering the collector spacecraft nearer or farther from the
combiner,

This added capability might be useful, for example, if the interferometer were to move from
imaging a K2 star at 13 pc to an F2 star at 5 pc, where the apparent size of the star is much larger.
Increasing the baseline places more peaks in the fringe pattern closer to the null which increases
the sensitivity of the detector to planets closer to the parent star, but it also decreases the width of
the nulled area in the center. Decreasing the baseline improves the signal-to-noise ratio for some
wavelengths, depending on the exo-zodiacal cloud. Figure 5.1 shows the relation of the width of
the central null, measured by a maximum suppression threshold of 10® and a mirror diameter

ratio of 0.336, to the optical baseline. The dotted lines represent the radius of the sun, not includ-
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Figure 5.2: Intensity Pattern For Two Optical Baselines
ing the corona, as seen from a distance of 5 and 10 pc, showing that the null width is sufficiently
wide to suppress the starlight even for baselines greater than 100 m, However, the dashed line is
the width of the null with a 1% phase error which shows that imperfect suppression due to small
errors in pointing or phase matching sets a likely maximum of 100 m or so for the baseline, past
which length, the larger stars begin to show photon leakage around the null.

In Figure 5.2, the intensity pauterns for both a 55 m and an 85 m optical baseline are shown, To
give some measure of possible planet positions, the first four planets in the solar system are
shown, as seen from 5 pc. The longer baseline has five fringe peaks within a 1.0 AU orbit of a star
five parsecs from the Earth, and seven fringe peaks within 1,5 AU, while the shorter baseline only

has three and five, respectively, which demonstrates that longer baselines provide higher resolu-
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Figure 5.3: Variation of Radial Planet Intensity For Two Baselines
tion and sensitivity for detecting planets.

However, the planet intensity may also depend on the actual position of the fringe peaks and
whether or not they directly pass over the planet, which could be adjusted with variable baselines,,
Figure 5.3 is a representation of the calculated intensity of a reference planet as a function of the
angular position of the planet from the parent star. The plot is calculated in the same way as the
intensity plots in the last section in Chapter 3 with the high frequency variations due to the grid
spacing of the reconstructed image. Two baselines, 65 m and 75 m, are used, and the conclusion is
that for certain radial positions, a smaller baseline actually pinpoints the reference planet more
accurately, So, having the ability to fine-tune the optical baseline to maximize the resolution for

the target stellar system js a great advantage for the separated spacecraft architecture,
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5.2 Rate

The program objectives for the Terrestrial Planet Finder require the instrument to image over 500
stellar systems within the five-year operating lifetime. In addition, some spectroscopic analysis is
expected, which lengthens the amount of time needed for each target. This imaging time is largely
a function of the exo-zodiacal noise seen by the interferometer and its rotational period because of
their influence on the signal-to-noise quality of the image. The period currently being used in the
TPF program is one rotation every two hours, which is the value used in this study. On the whole,
however, the imaging time and thus, the rate constraint of the interferometer, is set by the optical

system itself and therefore, the rate is not a distinguishing factor in the architectural selection.

5.3 Integrity

The error control in the optics determines the integrity of the system, While filled aperture tele-
scopes align themselves internally and rely on mirror surface precision, interferometers must use
dynamic structural elements to control and maintain the optical differential pathlength (DPL), The
coarse control of the interferometer restricts the collector displacements to a range which can be
absorbed by the fine control elements. These elements, which have internal adjustable reflecting
surfaces, are called optical delay lines (ODL) and are placed in one of the interferometer legs to
control the precise optical phasing. Small displacements in the collector positions introduce path-
length errors which are counteracted by the ODLs, which typically have stroke lengths on the

order of tens of centimeters.

A structurally connected interferometer relies on the structural rigidity of the truss, along with
any active structural control, to provide the coarse control of the path length difference between

the collector elements. Disturbances, originating either from onboard instruments or from the
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external environment, can propagate along the truss and resonate in intensity. These disturbances
must be either isolated from the optical subsystems or damped using active control.

Possible sources of error include gravitational gradients, solar pressure, thruster misalign-
ment, optical delay line actuations, and reaction wheels. The external disturbances are several
orders of magnitude lower than the internal ones, especially in a 5.2 AU orbit, Furthermore, the
external disturbances are at much lower frequencies where the optical control is very effective.
Optical delay line reaction torques were one of the biggest disturbances in the original study by
Surka [32], with the model of a 2 cm stroke providing a central torque on the order of 2,8 mNm.
The thrusters for the SCI will likely be placed on the ends of the boom in order to provide the
highest level of torque control on the spacecraft. A cursory examination of three possible distur-
bances is included in Appendix A, which shows that a thrust level of several millinewtons is suffi-
cient to counteract the modeled disturbances. On the whole, the disturbance environment is
relatively benign, but because of the highly sensitive optical measurements being performed, the
structural control is critical.

For the separated spacecraft interferometer, the baseline support is virtual and the separation is
maintained by each spacecraft rather than by an intervening structure. However, the SSI will
likely use similar technology for control feedback as does a monolithic spacecraft [34]. For the
New Millennium Interferometer (DS-3), the propulsion system provides coarse level control
down to 0.01 m along ary axis and 0.3 milliradians relatie orientation. Beyond that, the optical

delay line can absorb the DPL error to reduce it to the requisite 10 nm level.

On the one hand, a structurally connected interferometer must use structural isolation and per-
haps active control to restrict the collector displacements to a level controllable by the optical

delay lines. Structural control is a mature technology and although the large truss implies a very
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flexible structure, maintaining the DPL precision is merely an extension of current technology. On
the other hand, formation flying to less than a centimeter of relative position error has not yet been
demonstrated in space and represents a major technical hurdle for the separated spacecraft inter-
ferometer to overcome. In this case, the integrity requirement seems to favor the structurally con-

nected interferometer.

5.4 Availability

The reliability of the system as an operational whole is a major factor in the capability metric. The
availability is a measure of the reliability in that it is defined as “the probability that the interfer-
ometer is fully operational and able to meet the functional requirements placed upon it at any
given instant in time during its lifetime” [30]. Beyond the reliability, the level of compensation in
the event of operational failure is important for recovering some measure of availability in the sys-
tem and represents a critical distinction between the two architectures, Furthermore, a separated
spacecraft interferometer has to account for a higher likelihood of optical quality degradation due

to propellant contamination.

5.4.1 Failure Compensation

The structurally connected interferometer architecture is relatively fixed in its system reliability,
In the event of a single point failure in a critical subsystem such as the combiner, the interferome-
ter becomes useless and unable to perform its mission at all, reducing its effective availability to
zero. Or, if only a collector or its controlling hardware malfunctions, the instrument could operate
in a crippled state as a single Bracewell pair at a fixed baseline. To regain full availability, the

entire instrument would have to be replaced.
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On the other hand, a separated spacecraft interferometer offers several solutions for failure
compensation. At the very least, the system can operate as a single Bracewell interferometer pair,
just as the SCI can, but with the added advantage of being able to vary the baseline. Furthermore,
the SSI could still perform synthetic imaging, which was discussed in Chapter 4 as part of the
adaptability metric. This baseline tuning is mentioned in the previous section on resolution and
gives the SSI a lower failure compensation cost, which is the amount of operational coverage lost
due to component failure. More of the operational objectives can be accomplished following a
collector failure by a separated spacecraft array than for a fixed baseline, structurally connected
architecture.

Another consideration in determining the availability of the SSI architecture is the potential
for fully replacing a malfunctioning spacecraft. If a collector spacecraft or even the combiner
spacecraft becomes unable to function properiy, a substitute can be built and launched, thereby
restoring the interferometer to full operational status. However, such a scenario is only realistic
for the 1.0 AU orbit because of the short flight time to the orbital position. For a 5.2 AU interfer-
ometer, the better solution would be to launch the replacement spacecraft along with the five req-
uisite ones. But, doing so would require choosing which spacecraft type to include, whether a
combiner, a large collector, or a small collector. This failure compensation mode of replacing the
malfunctioning spacecraft is unique to the SSI architecwure and represents, in and of itself, a major
advantage for the SSI. While the additional cost and mass for the replacement spacecraft would
have to be considered relative to the increased reliability of the system, the extra security it would

provide is considerable,

Another possibility for elevating the system reliability of a separated spacecraft interferometer

is to use modular and multifunctional spacecraft (MAMS/C), a solution studied by Jilla and
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Figure 5.4: Thruster Plume Impingement on Outer Spacecraft

Miller [16]. Each independent spacecraft is identical and capable of acting either as a collector or
a combiner. In the event of a failure in one component, two of the spacecraft can switch positions
in the array and exchange their operational modes, thereby maintaining the maximum level of
availability. The system reliability is greatly increased since no single point failure exists in the
optical path, and the required reliability of each individual spacecraft could be lowered while still
providing the same level of system availability as the SCI design. The amount of additional mass
needed to add this functionality to the architecture is likely to be lower than simply including an

additional spacecraft.

5.4.2 Propellant Contamination

For a separated spacecraft interferometer, the potential danger exists of having the optical perfor-
mance degraded by thruster plumes from either the spacecraft’s own thrusters or those of the other
spacecraft. The centripetal acceleration vector for both a circular and a non-circular maneuver
profile places the outer spacecraft directly in line with the thruster plumes of the inner pair. The
plume impingement pattern of the inner spacecraft expands to envelope the outer collector space-
craft, causing cross-contamination, as in Figure 5.4. The plume may even introduce a net force on

the outer spacecraft due to the particulate impacts. As a constant problem, the propellant contam-
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inant can build up on the outside of the mirrors, forming deposits which degrade the optical per-
formance.

Furthermore, the expelled propellant particulates form a cloud around the spacecraft and can
impede the photon collection from the target star system as well as the reflected signal from the
collector to the combiner. The cloud of expelled hot gas is a source of infrared emissions which
could interfere with the interferometer’s operation. Though the cloud may not be very dense, the
size of the particulates is on the order of the wavelength of the incoming infrared light, causing
scattering problems. Also, since TPF is likely to be cryogenically cooled, there is a higher chance
that thick layers of molecular and water contamination may build up on the optical surfaces [10].

The pulsed plasma thrusters may also introduce electromagnetic impulses because of the
capacitive discharges in the propulsion system. The shielding between the thrusters and the col-
lector hardware must contain the by-products of the PPT operation. More information on propel-
lant contamination and the plume flows involved can be found in Dettleff (13]. In summary, the
propellant contamination issues can be categorized as:

* Deposits formed on optics from propulsion exhaust products

* Plume impingement forces on other spacecraft

* Local gas cloud

* Infrared emission from hot gaseous exhaust

* Electromagnetic impulses due to PPT capacitive discharge

Potential solutions to propellant contamination include thrusting only when no data is being
collected, which is possible with the square flight paths discussed earlier, or by pointing the
thrusters slightly away from the other spacecraft so as to thrust in a slightly non-optimal direction.

The issue, however, is that the separated spacecraft architecture must overcome the problem of
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contamination in order to maintain the same level of availability as a structurally connected inter-
ferometer. The level of optical backscattering is a topic for further research which could affect the
performance of an SSI. The integrity of the instrument is affected, as well, making optical degra-

dation due to the propulsion system a defining point of comparison in the capability metric.

5.5 Summary

The capability metric provided a basis for comparing the ability and efficiency of a system
through an examination of four constraints and their application to each of the two architectures.
The isolation, or resolution, of the instrument is dependent on the baseline and the optical nulling
of the target star, which was discussed in Section 5.1, The ability of the SSI to tune the baseline in
order to maximize the resolution was presented as an important architectural advantage. The rate
constraint was found to be equally met between the two architectures and so no distinguishing
factors existed. The integrity of the interferometer is dependent on the differential path length
(DPL) between the optics being kept to a certain level of accuracy, which is maintained in differ-
ent ways. The SCI relies on the structural damping and any active control to keep the DPL errors
to a level manageable by the optical delay line, while the SSI requires formation flying to main-
tain the separation baseline. Structural control is a mature technology and extending its range fur-
ther, to nanometer levels, is certainly feasible. However, precise formation flying has yet to be
demonstrated on a large scale.

The availability of the system was another component of the capability metric., The two archi-
tectures were shown to provide different levels of compensation in the event of a failure in a col-
lector element. The structurally connected interferometer would only be able to operate at a fixed

baseline, with the sole remaining optical pair. A limited amount of astrophysical interferometry
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Table 5.1: Capability Summary

- Structurally Connected Separated Spacecraft
Capability Issue
Interferometer Interferometer
Resolution Fixed baseline restricts central | Baseline tuning can adjust null
null characteristics to optimize planet detection
Rate Imaging time and rotation Imaging time and rotation
period dictated by optics period dictated by optics
Integrity Structure must damp distur- Formation flying to requisite
bances to less than centimeter precision level requires more
magnitude. High bandwidth study and research
optical control may be needed.
Availability Limited options for component Lower failure compensation
failure; full instrument replace- | costs with crippled instrument;
ment required to return to full on-orbit element replacement
availability. Less critical poten- | also possible. Optics subject to
tial of propellant contamination propellant contamination,

would be possible in such a crippled state. While a separated spacecraft interferometer would also
be limited to a single pair, the baseline could be varied to increase its performance. Additionally,
synthetic imaging, as discussed in the adaptability metric, could still be performed. Replacing a
failed collector in orbit was also introduced as a possibility for a separated spacecraft architecture,
an important potential capability for an interferometer in a 1.0 AU orbit, As another consideration
in the system availability, the separated spacecraft interferometer is subject to propellant contami-
nation of the mirrors and the optical paths, as determined in the last section of the chapter,

Table 5.1 contains a summary of the capability issues examined in this study with the favor-
able trends between the architectures italicized. On the whole, the qualitative availability of the
two architectures is somewhat mixed. The added capacity of separated spacecraft for baseline tun-
ing is certainly a considerable advantage, but the complexities of formation flying should not be
overlooked. Also, while an SSI architecture may have a higher system reliability, the potential for

propellant contamination must be examined further.
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Chapter 6

Model Validation

Much of the analysis of the wet mass metric in this study is based on mass estimates extrapolated
from other interferometer designs and is therefore somewhat uncertain, The sensitivity of the wet
mass comparison result to variations in the component masses can be characterized to some extent
by validating the reference designs against other proposals for the Terrestrial Planet Finder (TPF),
This chapter contains an overview of three other TPF models made during industry studies con-
ducted in parallel with this one. The final concept reports given by the TRW, Ball Aerospace, and
Lockheed Martin were used to extract candidate mass estimates for the components in the TPF
designs. vhese estimates are then coinpared with the values used in Chapter 2 to determine their
validity. When the contractors did not provide designs for a separated spacecraft architecture,
appropriate extrapolations were made from the structurally connected mass estimates.

The purpose of this comparison between the reference architectural designs in this study and
the contractor designs is to gauge the variability and possible range of mass estimates in designing
TPF, and then to determine if that variability is significant enough to impact the fundamental con-
clusion concerning the architecture. The level of confidence in the end result of this study can be

determined from the sensitivity of the architectural conclusions to the design variations found. If
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the conclusion is found to depend strongly on the component mass estimates, then a more in-
depth analysiy of the component technologies is needed to select the better architecture for TPF.
In this chupter, each contractor model is presented with the mass budgets provided by the con-
tractor. Then, the budgets are examined and the listings are consolidated into the same compo-
nents used in the reference designs. The last portion of each contractor section attempts to make
an architectural comparison using the components designed by the contractor. The chapter con-
cludes by drawing together the observations made from each contractor model and summarizing

the mass estimates and the assumptions made in each design.

6.1 Review of Reference Designs

The wet mass results for the reference designs from Chapter 2 are listed for reference in Table 6.1.
The results indicated that the reference separated spacecraft interferometer was less massive than

the reference structurally connected interferometer for both orbits considered in this study.

Table 6.1: Summary of Wet Mass Results From Reference Designs

Structurally Connected Separated Spacecraft
Interferometer Interferometer
1.0 AU Orbit 2407 kg 2076 kg
5.2 AU Orbit 1522 kg 1008 kg

6.2 Contractor Study Overview

For the initial study of the Terrestrial Planet Finder concept, the Jet Propulsion Laboratory (JPL)
extended requests to three industry leaders for technology and architecture studies [20]. Ball

Aecrospace and Technologies Corp., Lockheed Martin Corp., and TRW, Inc., were given 18-month
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contracts to study the initial project guidelines and to develop mission designs for executing the
scientific objectives behind the Terrestrial Planet Finder. Specifically, all three were asked to
investigate the trade-offs in mission parameters such as instrument configuration, baseline size,
mission orbit, and aperture sizes. In addition, the contractors were to identify the biggest technol-

ogy drivers in designing TPF and to determine possible constraints in the mission parameters.

6.3 Contractor I: TRW

6.3.1 TRW Model Overview

TRW focused more than the other two contractors on the actual trade space in the design by
examining both optical configurations, 1-3-3-1 and 1-2--2-1, signal-to-noise ratios for both 1.0
AU and 5.2 AU orbits, and a range of baselines from 60 m to 80 m. The TRW final study report
[33] is also the only one to include a detailed comparison of both architectures for the Terrestrial
Planet Finder. Furthermore, TRW also included potential designs for both a 1.0 AU orbit and a 5.2

AU orbit, allowing a more complete comparison between the orbit trades.

Table 6.2: TRW Planet Finder Concept

Parameter Value
Architecture — SCI
Orbit 1.0 AU
Baseline 75 m
Lifetime 5yr
Propulsion Chemical®
Optical Configuration 1-2--2-1
Mirror Diameters 20m,40m

Tno specific propellant specified
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Table 6.3: TRW Mass Budget

Subsystem séio N?U ) 1.0 AU 5.2AU S.2AU
ass SSI Mass SCI Mass SSI Mass

Optics 588 kg 588 kg 220 kg 220 kg
Instruments 499 kg 499 kg 499 kg 499 kg
Spacecraft Bus 373 kg 296 kg 373 kg 356 kg
Sunshade 190 kg -- 190 kg -
Truss & Deployment 240 kg -- 240 kg --
Propellant 200 kg 250 kg 200 kg 250 kg
Total Wet Mass 2090 kg 1633 kg 1722 kg 1325 kg

fdesign chosen by TRW

The design which TRW selected as the most optimal is a 75 m structurally connected architec-
ture which uses a combination of pre-tensioned guy wires and sub booms, operating in the 1.0 AU
orbit. The optical configuration uses circular mirrors with diameters of 2 m and 4 m in a [-2--2-1
layout, One major difference between the TRW truss design and the SCI reference design from
Chapter 2 is the presence of a deployable sunshield, a component not included in the reference
configurations. A summary of the TRW proposal is given in Table 6.2. Recognizing the fact that
the architectural selection was still uncertain, in addition to their SCI design, TRW included a
mass estimate for a separated spacecraft configuration. Also, designs were given for interferome-
ters in 5.2 AU orbits as well. A first-level listing of the TRW mass budgets for all four designs is

shown in Table 6.3. Further analysis of the TRW designs is limited to the 1.0 AU orbit.

6.3.2 TRW Subsystem Comparison

In order to compare the components used in the reference designs to the design presented by
TRW, several groupings were made in the TRW SCI subsystem breakdown. The structures for

both the inboard and the outboard collector housings were listed separately in the TRW mass bud-
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Table 6.4: TRW SCI Component Comparison (1.0 AU)

Component Referencf: SC1 TRVY Mass
Mass Estimate Estimate
Optical Combiner 150 kg 203 kg
Optical System 944 kg 588 kg
Collector 100 kg 296 kg
Spacecraft Bus 100 kg 193 kg
Truss Assembly 115kg 430 kgT
Deployment Mechanism 998 kg 180 kg
Propellant -- 200 kg
Total Wet Mass 2407 kg 2090 kg

Tincludes sunshade

get and are taken to be the total collector mass along with the instruments for the optics, with the
rest of the instrumentation in the TRW budget given over to the general combiner component,
making its mass 203 kg. The structures and mechanism component was taken to be the deploy-
ment mechanism and its related hardware, so its mass was removed from the TRW bus component
with the remainder of the mass assumed to be the reference spacecraft bus component. Finally, the
mass for the sunshade was added to the boom assembly to constitute the mass of the truss struc-
ture itself, which includes the sub-booms and guy wires. The mass estimates for the reference and

TRW SCI designs are listed in Table 6.4.

The major difference, as will be the case in the other two contractor subsystem comparisons as
well, is in the mass of the deployment mechanism. Because TRW uses pre-tensioned guy wires
for much of the structural rigidity of the truss, it has a much smaller cross-section than the refer-
ence truss design. In fact, the proposal by TRW lists its ‘finesse’ truss as having a truss diameter

of 38 cm against a length of 80 m, implying an aspect ratio of more than 210, which is twice the
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Table 6.5: TRW SSI Component Comparison (1.0 AU)

Component Referencfa SSI TRW $SI
Mass Estimate Mass Estimate
Optical Combiner 150 kg 203 kg
Optical System 944 kg 588 kg
Collector 100 kg 296 kg
Spacecraft Bus 500 kg 296 kg
Propellant 382 kg 250 kg
Total Wet Mass 2076 kg 1633 kg

maximum aspect ratio assumed in the reference truss design. Also, the disparity in the structural
mass is directly explained by the addition of the sunshade, which was not included in the refer-
ence design.

The discrepancy in the optical mass is due to the smaller mirror sizes, Although TRW places
the mirrors in a 1-2--2-1 configuration, the inner mirror is only 4,0 m in diameter, The 200 kg
inner mirror mass implies an areal density of around 16 kg/m?, which is in close agreement with
the reference value of 15 kg/mz. The collector mass is much higher, though, because the housing,
which provides attachment points for the sub-booms and guy wires, is included in the collector
structure, TRW also includes 200 kg of propellant in their truss design, which likely includes
orbital transfer maneuvers. The other two components, the combiner and the spacecraft bus, have
masses which are more in agreement with the reference design,

Since TRW included an SSI design, the same subsystem comparison between the reference
and the TRW models can be made. The same mass allocation process was done as for the SCI
design in order to consolidate the subsystem masses, with the only difference being that the struc-
tural mass in the TRW SSI mass budget was added to the spacecraft bus component since the ref-

erence SSI design includes no explicit structural component. The SSI design comparison is
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summarized in Table 6.5.

The same differences in the optics and collector masses are noted. In addition, TRW assumes
a much smaller mass for the five spacecraft buses than in the reference design. The underlying
reason for this discrepancy is that the propulsion system used in the TRW design is very small.
Also, since the optics in the TRW design are smaller and less massive, less propellant is needed to

maneuver the spacecraft around the combiner, which explains the disparity in the propellant mass.

In both subsystem comparisons, the reference TPF designs are about 400 kg more massive
than the comparable TRW designs. The TRW estimates are the most detailed of the three contrac-
tors and aside from the considerable difference in the deployment mechanism, they indicate that

the mass estimates in the reference designs are certainly reasonable by design standards today.

6.3.3 TRW Architecture Comparison

Since the TRW final report included a mass budget for both a structurally connected interferome-
ter and a separated spacecraft interferometer, there is no need to extrapolate the values from one to
the other. Rather, the two are listed side by side in Table 6,6, comprising the only wet mass com-
parison of the two architectures from the same contractor.

Here, the SCI is more massive than the SSI model, by over 450 kg, or 28%. The mass of the
finesse truss which TRW utilizes, combined with the sunshade mass, has a higher mass than the
additional buses and propellant for the separated spacecraft. However, the significant fact is that
TRW expects the sum of the five SSI spacecraft bus masses to be much smaller than simply hav-
ing five of the same bus component from the SCI design. For the SSI, TRW quadruples the power
system mass of the SCI but cuts both the total propulsion and thermal system in half. A slight

increase in the mass needed for guidance, navigation, & control, data management, and communi-
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Table 6.6: Architectural Comparison With TRW Components (1.0 AU)

Component TRW Spl TRW $Sl

Mass Estimate | Mass Estimate
Optical Combiner 203 kg 203 kg
Optical Subsystem 588 kg 588 kg
Collector 296 kg 296 kg
Spacecraft Bus 193 kg 296 kg
Truss Assembly 430 kgT --
Deployment Mechanism 180 kg --
Propellant 200 kg 250 kg
Total Wet Mass 2090 kg 1633 kg

Tincludes sunshade

cations accounts for the rest of the bus mass increase between the SCI and the SSI.

The propellant mass is an interesting contrast, since TRW only shows a 50 kg propellant mass
difference between its structurally connected and its separated spacecraft design. Each individual
spacecraft in the TRW SSI design carries 50 kg of propellant. The TPF report given by TRW does
not state the actual calculations which resulted in the propellant mass estimates.

The fact that both the reference architectural comparison and the TRW designs show about the
same difference between the SCI and SSI wet masses is a strong indication that the SSI is indeed

likely to be less massive than the SCI.

6.4 Contractor II: Ball Aerospace

6.4.1 Ball Aerospace Model Overview

Ball Aerospace has a rich heritage in optical and cryogenic systems, and the system tasks given to

them reflected that expertise by including points which focused on the optical configuration of
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Table 6.7: Ball Aerospace Planet Finder Concept

Parameter Value
Architecture SCI
Orbit 52 AU
Baseline 80 m
Lifetime ISyr
Propulsion Xenon-lon
Optical Configuration 1-3-3-1
Mirror Diameters 05m,1.5m

TPF. Additionally, their final report {4] included performance studies and a technology analysis.

The final design from Ball is a structurally connected architecture using an 80 m long truss
and an inflatable sunshield deployed in the 5.2 AU solar orbit. The truss is a two-segiment design
contributed by AEC-Able Engineering, deployed using a powered-nut system much like the refer-
ence SCI model in this study. The propulsion system is a xenon-ion thruster with an expected spe-
cific impulse of 3180 sec. The Ball design also included propellant for a 15 year mission lifetime,
rather than the 5 year duration which the reference designs assume, A summary of the concept
proposed by Ball Aerospace for the Terrestrial Planet Finder is given in Table 6.7, with the mass
budget from their final report reproduced in Table 6.8. The total estimated mass of just over 3600
kg is the largest mass of the three contractors, with the payload element including the optics, the

collector, and the combiner.

6.4.2 Ball Aerospace Subsystem Comparison

The power, command & control, communications, attitude control, and propulsion systems of the
Ball design are functions included in the reference SCI and SSI spacecraft bus component. Add-

ing together the masses for each of those subsystems gives a total bus mass of 993 kg. Only the
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Table 6.8: Ball Aerospace Mass Budget

Subsystem Mass
Structure 955 kg
Mechanisms 33 kg
Electrical Power & Distribution 345 kg
Command, Control & Data Handling 39 kg
Communications 68 kg
Thermal Control 25 kg
Attitude Control 124 kg
Propulsion System 392 kg
TPF Payload 836 kg
Propellant 791 kg
Total Wet Mass 3608 kg

total structural and mechanical mass is listed, so separate values for the truss and the deployment
are not known. The collector and combiner elements are grouped, so the estimated mirror and col-
lector masses from the reference designs are assumed and subtracted from the Ball payload mass,
leaving the remainder of 677 kg to the combiner hardware itself. Also, since the propellant in the
Ball mass budget is specifically listed as being used in the orbital transfer and not during the oper-
ational lifetime, its mass is removed to balance the comparison, The subsystem mass breakdown
is shown in Table 6.9.

The components which show a major difference between the two designs are the combiner
hardware and the spacecraft bus. Though not necessarily the combiner hardware per se, since the
optics mass listing in the Ball mass budget was distributed using the reference optics and collector
masses, the fact remains that Ball anticipates a much higher mass for the entire optical system

needed to perform the operations of the Terrestrial Planet Finder. The difference in the bus mass
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Table 6.9: Ball Aerospace SCI Component Comparison (5.2 AU)

Component Reference SCI Ball Mass
po Mass Estimate Estimate
Optical Combiner 150 kg 677 kg
Optical Subsystem 59 kg 59 kgT
Collector 100 kg 100 kgT
Spacecraft Bus 100 kg 993 kg
Truss Assembly 115 kg
988 kg
De:ployment Mechanism 998 kg
Propellant - -
Total Wet Mass 1522 kg 2817 kg

Tdefined 10 equal 1o the reference design mass

can be attributed to the lack of both a sunshield and a separate power component in the reference
model. However, on the whole, a large divergence exists between the Ball mass projection and the

reference mass values, indicating some fundamental differences in the design assumptions.

6.4.3 Ball Aerospace Architecture Comparison

Because the spacecraft bus is the largest component in the Ball design, adding four more of them
drastically raises the mass of the SSI architecture in this case. The collector bus includes the solar
electric propulsion (SEP) thruster which alone has a mass of 373 kg. The power and the thermal
system masses in the Ball SCI mass budget are not repeated in each collector spacecraft; rather,
the masses are divided by five to spread them over each of the individual spacecraft. Although the
power needed by the thrusters in each collector spacecraft is likely to be one of the largest power
requirements, the power given in the Ball mass budget is used for the orbital transfer maneuvers
and therefore, the total power mass is unlikely to change, justifying the amortization over all five

separated spacecraft. In addition, to keep the division realistic, the communication downlink is
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Table 6.10: Architectural Comparison With Ball Aerospace Components (5.2 AU)

Component Ball SCI Extrapolated
po Model SSI Model
Optical Combiner 677 kg 677 kg
Optical Subsystem 59 kg 59 kg
Collector 100 kg 100 kg
Spacecraft Bus 993 kg 2598 kg
Truss Assembly -
988 kg

Deployment Mechanism -
Propellant -- 220 kgt
Total Wet Mass 2817 kg 3654 kg

ronly accounts for maneuvering, not orbit insertion

kept in the combiner bus and is not added to each collector. Furthermore, since the separated
spacecraft architecture does not need large momentum wheels for internal torque, the attitude
control system is removed from the total SSI bus mass.

Using the predicted dry masses of the collector spacecraft, 558 kg and 534 kg for the inboard
and the outboard, respectively, the propellant needed for maneuvering can be calculated. The Ball
propulsion system uses a xenon-ion thruster with a specific impulse of 3180 sec which helps
decrease the additional propellant needed to accelerate the larger collector spacecraft. Table 6.10
shows the architectural comparison between the baseline Ball SCI model and the SSI design
extracted from the same components,

In this case, the SCI model has about a 800 kg mass savings, primarily because the spacecraft
bus pushes the SSI wet mass to a much higher level. The major portion of the spacecraft bus
comes from the solar electric propulsion (SEP) thrusters which have a mass of 373 kg each. The

uncertainty in the SSI mass distribution from the original Ball SCI model is rather high, though,
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Table 6.11: Lockheed Martin Planet Finder Concept

Parameter Value
Architecture — SCI
Orbit 1.0 AU
Baseline 80 m (structural)

78 m (optical)

Lifetime S5yr
Propulsion Xenon-Ion
Optical Configuration 1-3-3-1
Mirror Diameters (oval) 067x2m,2x6m

and realistically, the spacecraft bus is likely to be much less massive than the 2600 kg predicted in

this analysis.

6.5 Contractor III: Lockheed Martin

6.5.1 Lockheed Martin Model Overview

The contract tasks given to Lockheed Martin were very similar to those for Ball Aerospace. The
trade space for the two candidate TPF architectures was to be evaluated, with a recommended
design to be put together. Performance and mission costs were to be evaluated and technological
barriers identified. Lockheed Martin also included various launch options and a cursory study of a
tethered architecture in their final report {22].

Their proposed TPF design is also a structurally connected architecture with a 80 m truss pro-
viding a 78 m optical baseline. While the optical configuration is 1-3-3-1, oval mirrors of dimen-
sions 2 x 6 m and 0.67 x 2 m are used, rather than circular mirrors. One other difference between

the Lockheed Martin and the Ball designs is the choice of mission orbit. While Ball decided that
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Table 6.12: Lockheed Martin Mass Budget

Subsystem Mass
Truss 360 kg
Spacecraft Bus 450 kg
Outboard Siderostats (2x) 250 kg
Inboard Siderostats (2x) 50kg
Propellant 340 kgt
Total Wet Mass 1750 kg

re.rlrapolated Sfrom total mass given

the lower zodiacal noise at a 5.2 AU orbit justified the longer travel time, Lockheed opted fora 1.0
AU solar orbit instead. The deployment mechanism used by Lockheed is a hinged configuration
which merely unfolds once in orbit, thereby avoiding large screw deployment canisters. The mass
of the hinges, latches, and other mechanisms needed for the deployment is assumed to be included
in the truss listing.

The mass budget given by Lockheed Martin is not as detailed as those from TRW and Ball
Aerospace, but their analysis included a more in-depth look at structural damping in the truss and
the financial costs of the program. A listing of the major characteristics of the design is shown in
Table 6.11. The mass estimates from the Lockheed Martin candidate TPF design included a high

and a low value, and the higher values are given in Table 6.12,

6.5.2 Lockheed Martin Subsystem Comparison

The components given by Lockheed are more general than those outlined in Chapter 2 for the ref-
erence models and therefore, to make a subsystem comparison, they must be subdivided. First, the
Lockheed spacecraft bus component includes the combiner hardware, and so, to separate the com-

biner mass, the estimate used in the reference combiner component is assumed. Also, the same
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Table 6.13: Lockheed Martin SCI Component Comparison (1.0 AU)

Component Reference SCI Lockheed Martin
po Mass Estimate Mass Estimate
Optical Combiner 150 kg 150 kg'
Optical Subsystem 944 kg 500 kg
Collector 100 kg 100 kg’
Spacecraft Bus 100 kg 300 kg
Truss Assembly 115 kg
360 kg
Deployment Mechanism 998 kg
Propellant - 340 kg
Total Wet Mass 2407 kg 1750 kg

Ydefined 10 equal to the reference design mass

mass for the collector hardware is assumed, making the total optics mass in the Lockheed budget
approximately 500 kg. Additionally, as noted before, there is no distinct deployment mechanism
listed in the Lockheed design. With these modifications, the mass budget from Lockheed is shown
compared to the reference design in Table 6.13.

The disparity in the masses, with Lockheed’s total mass being about three-fourths of the refer-
ence design, is almost solely due to the inclusion of the massive deployment mechanism in the
reference design. Aside from that component, the masses are very close in magnitude. Because
Lockheed uses oval mirrors with a smaller minor axis, their optical subsystem mass is lower.
However, the provided masses imply optical areal densities of 47 kg/m2 and 24 kg/m2 for the
outer and inner mirrors, respectively, which are both higher than the assumed value of 15 kg/m2.
The truss mass is over twice the reference mass because of thicker strut walls and larger joint
masses in the Lockheed design, as well as to account for the motors and latches used in the

deployment sequence. Again, the bus is more massive in the contractor model, as was the case for
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the Ball Aerospace model, which is a likely indication that the reference models should have used
a larger spacecraft bus mass. The propellant in the Lockheed Martin design is most likely for
insertion in the 1.0 AU solar orbit, but since their report does not explicitly verify that assumption,

the propellant mass is left in the comparison.

6.5.3 Lockheed Martin Architecture Comparison

The primary assumption made in extrapolating SSI mass estimates from the Lockheed Martin SCI
design is that the SSI spacecraft buses are similar in size to the SCI bus. The result of this general-
ization is an overestimation since the bus includes functions which are not duplicated in the col-
lector spacecraft. If the total SSI bus mass was the same multiple of the SCI bus mass as in the
Ball case, a ratio of 2.6 (2598 kg to 993 kg), the Lockheed Martin SSI bus total would have a
value of 786 kg, making the total wet mass 1699 kg, which is much closer to the Lockheed Martin
SCI mass. The bus mass ratio is lower for the TRW design, 296 kg to 193 kg, or 1.54, but for the
sake of a conservative first estimate, the Ball ratio is used.

Similar to the Ball propulsion system, Lockheed’s ion propulsion has a high specific impulse
which helps to reduce the propellant mass needed to maneuver the large collectors, Assuming that
each individual spacecraft of the SSI uses the same size bus as the SCI is the primary reason that
the Lockheed Martin SCI model is more mass efficient than an SSI design using the same compo-
nents, with the mass estimates shown in Table 6.14. There is also no distinct deployment mecha-
nism in the truss design to offset the added mass from the spacecraft bus. The propellant mass
listing is skewed because the SCI design includes the propellant needed for orbital transfer, while
the SSI propellant mass is only an estimation of the propellant needed for maneuvering. While the
baseline architectural comparison using the Lockheed Martin components shows the SCI to be

about 27% less massive than the SSI, an alternative SSI mass total using a bus mass prorated
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Table 6.14: Architectural Comparison With Lockheed Martin Components (1.0 AU)

Component Lockheed Martin Extrapolated
po SCI Model SSI Model
Optical Combiner 150 kg’r 150 kgT
Optical Subsystem 500 kg 500 kg
Collector 100 kg'r 100 kg’r
Spacecraft Bus 300 kg 1500 k
(786 kg)
Truss Assembly --
360 kg
Deployment Mechanism -~
Propellant 340 kg 163 kg
Total Wet Mass 1750 kg 2413 k
(1699 kg)

Tdefined 10 equal 1o the reference design mass
fusing prorated bus mass ratio from Ball design

according to the Ball spacecraft bus mass ratio nearly equalizes the comparison, making the SSI

less massive by about 50 kg.

6.6 Conclusions

6.6.1 Reference Design Assumptions

Several conclusions can be drawn from the examination of the three contractor models which per-
tain to the makeup of the reference SCI and SSI designs. As a top level consideration, the refer-
ence designs did not include a sunshield component, which all three contractors mentioned. Based
on the contractor designs, the sunshade would have a mass of 150-200 kg, which would widen the
mass difference in the reference design mass estimates.

Another contrasting point is the propulsion system and the propellant mass included in the

contractor designs. Rather than pulsed plasma thrusters, ion propulsion was the type of system
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used, which offers a higher specific impulse. Ion propulsion also provides the same level of
impulse bit controllability, defined as the smallest discrete velocity change which can be affected
by the thruster, a crucial issue in both disturbance rejection in the truss and formation flying for
the separated spacecraft. The thrust levels of both a PPT system and an ion propulsion thruster are
equal, as well. The major drawback to ion propulsion is the power requirement of 400 W or more,
but improvements in energy efficiency could potentially offset that problem. Also, the assumption
was made that the reference SCI would maintain its rotation rate through the use of reaction
wheels and would reorient itself using momentum torques, requiring a negligible amount of pro-
pellant. However, while the contractors included reaction wheels, they estimated the amount of
propellant needed to dump the momentum to counteract wheel saturation and added as much as
200 kg of propellant to the mass, making it 2 major component in the industry designs.

An important comparison is the mass of the truss deployment mechanism since it was a criti-
cal issue in the reference designs. The Ball dc-ign included an actual deployment design and spe-
cifics on the threaded canister with a deployment mass nearly equal to the calculated reference
value from Chapter 2, Lockheed decided to just unfold the truss, using a hinged mechanism, TRW
selected a finesse truss, depending on guy wires and sub-booms to provide the structural rigidity.
Their design extends the truss using the same nut-driven mechanism, but because the truss is so
much more narrow, the deployment mass is less than 200 kg. Obviously, the actual mechanism
used for the SCI configuration of the Terrestrial Planet Finder will be an important design point,

affecting not only the mass but the optical resolution and error as well,

6.6.2 Mass Comparison Summary

Except for the Ball aerospace model, the other two contractor models are less massive than the

reference designs, which indicates that the reference mass estimates are probably reasonable and
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Table 6.15: Summary of Total Mass Estimates

TPF Concept Architecture | Orbit Radius | Total Wet Mass
Reference Model SCI 1.0 AU 2407 kg
Lockheed Martin Model SCI 1.0 AU 1750 kg
TRW Model SCI 1.0 AU 2090 kg
Reference model SCI 5.2 AU 1522 kg
Ball Aerospace Model SCI 52 AU 2817 kg
TRW Model SCI 52 AU 1722 kg
Reference Model SSI 1.0 AU 2076 kg
Lockheed Martin Model SSI 1.0 AU 2413 kg

(1699 kg)*
TRW Model SSI 1.0 AU 1633 kg
Reference Model SSI 5.2 AU 1008 kg
Ball Aerospace Model® SSI 5.2 AU 3654 kg
TRW Model SSI 52 AU 1325 kg

Textrapolated from component masses from contractor base SCI model
using prorated bus mass ratio from Ball design

are certainly conservative. The three SCI models in a 1.0 AU orbit are loosely centered around a
2000 kg mass estimate, while the three 1.0 AU SSI designs have masses slightly less than that,
The two additional TRW mass estimates for SCI and SSI designs in a 5.2 AU orbit are included in
Table 6.15 as well, which is a summary of the mass estimates presented in this chapter. Two val-
ues are given for the 1.0 AU SSI design extrapolated from Lockheed Martin’s SCI components,
with the first assuming that the SSI requires five complete SCI buses and the smaller value using a
prorated bus mass ratio taken from the Ball designs. The extrapolated Ball design in the 5.2 AU
orbit is extremely massive due to the assumptions made in computing the total spacecraft bus

mass.

With regard to the architectural comparison, there is a large variation in the total masses. TRW
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Figure 6.1: Graphical Representation of Architectural Mass Estimates

provides mass estimates for both structurally connected and separated spacecraft designs and con-
cludes that the SSI would be smaller in both orbits, by about 450 kg, Extrapolating SSI masses
from the Ball SCI mass budget results in the SSI being 800 kg more massive. The Lockheed Mar-
tin values make the mass of the SCI 660 kg less than the SSI mass, but using the same architec-
tural ratio of the bus mass as in the Ball extrapolation nearly equalizes the two wet masses, Figure
6.1 is a graphical presentation of the architectural wet masses for both orbits, showing that the
conclusion as to the more mass efficient architecture is unclear. The reference and contracror

designs are divided by orbit radius and plotted along the x-axis.

Therefore, the range of variability in the architectural comparison seems to indicate that the

conclusion is not clear-cut. The actual mass comparison is between the truss and deployment
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mechanism of the SCI and the additional spacecraft buses and propellant needed by the SSI. The
major point of uncertainty in the extrapolated SSI designs is the derivation of the collector space-

craft bus masses from the structurally connected bus mass, which attests to the need for more

analysis of separated spacecraft architectures.
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Chapter 7

Conclusions

7.1 Summary

This study was a comparison of two major architectures for the Terrestrial Planet Finder (TPF), a
proposed space-based interferometer for detecting extra-solar planets, A structurally connected
interferometer (SCI) uses a truss assembly to provide the baseline for mounting the collector
optics, while a separated spacecraft interferometer (SSI) maintains the baseline with independent
spacecraft flying in formation, The comparison was performed for interferometer designs in both
a 1.0 AU and a 5.2 AU radius orbit. The purpose of the study was to determine which architecture
would be the optimal selection for the Terrestrial Planet Finder mission.

Three metrics were applied to the comparison in order to obtain a broad and more encompass-
ing understanding of the trade-offs between the two architectures. The primary metric was the wet
mass of the two architectures as derived using reference designs for both, Secondly, the adaptabil-
ity metric allowed an examination of the sensitivity of the interferometer design to changes in the
functional requirements. The third metric took into account the capabilities offered by the two

architectures in performing their operational roles and meeting four operational constraints: reso-
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lution, rate, integrity, and availability.

7.1.1 Wet Mass Metric

Typically, the design selection for aerospace programs is made based on the lowest cost to achieve
the desired objectives. But because the Terrestrial Planet Finder program is still in its earliest
stages, no accurate estimates of its financial costs can be made. However, in the aerospace indus-
try, launch costs typically scale by the amount of mass placed in orbit., So, the natural cost metric
choice was a comparison of the wet mass of the system, as calculated from the beginning of its
operational life in orbit, thus ignoring launch vehicle considerations and orbit transfer maneuvers.
The dry mass was set by the architecture selection and the actual design, while the operational
profile of the interferometer dictated the propellant mass usage.

In Chapter 2, reference designs for both architectures were developed in order to determine
the projected wet mass. Each design was broken down into subsystems whose masses were sepa-
rately estimated. Several of the components were identical in either configuration, so the basic
comparison came down to the components unique to each architecture. The structurally connected
interferometer contained the truss assembly and the mechanism needed to deploy it, while the
separated spacecraft interferometer required a larger amount of propellant for maneuvering as
well as additional spacecraft buses. Chapter 3 also included an examination of the mass sensitivity
to modifications in the design assumptions, such as the truss and deployment mechanism design,
the propulsion system, and the maneuver profiles followed by the collector spacecraft. The major

conclusions which resulted from the wet mass comparison of this study were as follows.

(1) With the reference designs presented in this study, the separated spacecraft interferometer

was more mass efficient than the structurally connected interferometer in both orbital
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configurations. In a 5.2 AU orbit, the SSI was 340 kg, or 14%, less massive. In a 5.2 AU

orbit, the SSI was over 510 kg, or 34%, less massive.

(ii) The primary mass driver for the structurally connected architecture was the deployment
mechanism. Based on the empirical formula provided by AEC-Able Engineering, the
estimated mass of two deployment canisters was 998 kg, or over 41% and 65% of the
total wet mass in the 1.0 AU and 5.2 AU orbits, respectively. Therefore, because of the
large baseline of the Terrestrial Planet Finder, the structural configuration of any mono-

lithic interferometer concept will be critical in its efficiency.

(iii) The lower dry mass of the optical systems of an interferometer operating at the 5.2 AU
orbit decreased the amount of propellant required to maneuver each spacecraft by nearly
50%, a 183 kg mass savings. The mirrors provide the same level of signal-to-noise for a

much smaller diameter because of the decrease in local zodiacal noise.

(iv) Modifications in the truss and deployment mechanism are significant for the structurally
connected interferometer. A 14% increase in the aspect ratio of the truss is sufficient to
lower the deployment canister mass such that the SCI and SSI masses in a 1.0 AU orbit
are equal. On the other hand, four deployment canisters may be required, which would

effectively double the deployment mass.

(v) The propellant requirement for the separated spacecraft interferometer is also very sensi-
tive to modified design assumptions. More efficient thrusters could significantly decrease
the mass of the propulsion system, and non-circular profiles could conceivably reduce the

propellant requirement at the risk of some degradation in the image quality.

Given the reference designs of Chapter 2, the SSI is the favored architecture, However, the

sensitivity analysis of Chapter 3 revealed the extremely high sensitivity of the SCI wet mass to the
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deployment mechanism design. Therefore, based on the results of Chapters 2 and 3, no clear and

undisputable choice exists between the two architectures and other factors were then considered.

7.1.2 Adaptability Metric

The adaptability of the architecture is an important consideration in the design process because of
the frequent redesigns and modifications of the functional requirements for space programs.
Chapter 4 introduced the metric and considered two classes of modifications, homogenous and
heterogeneous. Homogenous modifications require more of the same functions as already being
provided by the instrument, while heterogeneous changes broaden the functional requirements to
include other objectives. Examples of homogenous adaptations included improving the optical
configuration, changing the separation baseline, extended the lifetime or the target schedule, and
adjusting the rotation period. As a heterogeneous modification, the potential for synthetic imaging
was discussed. The wet masses of the SCI and SSI architectures varied differently to changes in
these functional characteristics and reflected contrasting sensitivities. Three primary conclusions

were drawn from the adaptability analysis.

(1) While modifying the optical configuration to use a 1-2--2-1 mirror array had an equal
effect on the dry mass for both architectures, the secondary affect of requiring more
thrusting of larger masses by each individual spacecraft in a separated array became an
issue. For the parameters used in this study, 45% more propellant, or 172 kg, was needed
for an SSI in a 1.0 AU orbit and 16%, or 33 kg, more propellant was needed for a 5.2 AU

orbit,

(ii) Only the structurally connected interferometer could provide protracted operations

beyond the planned mission lifetime because of the additional propellant needed by the

-
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separated spacecraft in an SSI array. A truss would be able to maintain its rotation and
slew to image new targets through the use cf momentum wheels, which would not require
a significant amount of additional propellant. Therefore, being able to extend the opera-

tional lifetime of the instrument favored the structurally connected interferometer.

(iii) An important advantage offered by a separated spacecraft interferometer is the potential
for performing synthetic imaging. Maneuvering the spacecraft array in such a way as to
cover more of the Fourier plane, an SSI can provide high quality images of the entire
focal plane for other astrophysical targets. Such a broadening of the mission scope by an
SSI design could make the Terrestrial Planet Finder a more viable option for the astro-

physical community as a whole.

The adaptability analysis pinpointed the dependence of the SSI on propellant for maneuvering
as a primary drawback to larger optics or increased operations, but at the same time, the potential
for synthetic imaging is a very strong contention for the SSI. But, in addition to the wet mass and

the adaptability, the performance capabilities of the two architectures were compared.

7.1.3 Capability Metric

In Chapter 5, the capability metric provided a basis for comparing the performance efficiency of a
system over its lifetime as measured by the ability to meet four constraints. The resolution dic-
tated the capability of the architecture in isolating a planet apart from its parent star. The rate of
the interferometer was set by the observation goals of the TPF program. The integrity constraint
was placed on the control of the differential path length in the two legs of the interferometer,
while the availability was an indication of the reliability of the design. The four primary observa-

tions from the chapter were that:
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(i) The resolution obtained by the interferometer architecture is dependent on the effective
suppression cf the light from the parent star. The ability of a separated spacecraft array to
adjust the optical baseline in order to tailor the angular resolution to the target system is
an important one which could improve the performance of the interferometer over the

wide range of stellar target characteristics.

(ii) The rate constraint is met by the optical hardware of the interferometer and therefore, it is

not a distinguishing factor in the architectural comparison.

(iii) The integrity is contingent on the systems which maintain the differential path length in
the interferometer. The structurally connected interferometer relies on the rigidity of the
truss, along with any active structural control, for disturbance rejection, a technology
which will be quite mature at the time of the TPF design, while the separated spacecraft
interferometer requires precision formation flying, which has not yet been demonstrated
on a large scale. However, preliminary analysis (Appendix A) indicated that the dimmer
parent stars will provide insufficient fringe tracking bandwidth to meet the 0.5 nm differ-

ential pathlength stability criterion for the SCI.

(iv) The two architectures differed in their failure compensation modes in the event of a col-
lector or spacecraft malfunction. The structurally connected interferometer would be lim-
ited to operating as a single Bracewell optical pair at a fixed baseline, while the separated
spacecraft interferometer would be able to vary the baseline, thus recovering more of the
operational objectives after a failure. In addition, particularly for an interferometer oper-
ating in a 1.0 AU orbit, a separated spacecraft architecture could replace a malfunctioning
element through the use of a spare spacecraft, either from an on-orbit position or

launched from earth.
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(v) The separated spacecraft interferometer is more susceptible to optical degradation due to
propellant contamination. Several different issues, including particulate deposits, trans-
mission interference through particular cloud, and plume impingement forces, could each

impact the availability of the SSI architecture.

Taken together, the three metrics provide a broad presentation of the issues which surround
the architectural comparison. However, because of the uncertainties and the assumptions inherent
in this study, the validity of the conclusions was verified through a comparison with other contrac-

tor models for TPF.

7.1.4 Comparison Validation

Any mass estimates and design assumptions are subject to review in light of other designs and
models. In the Terrestrial Planet Finder program, three contractor models were solicited from
industry leaders. Chapter 6 provided an overview of the three designs, with the assumptions and
estimates made for each one. The reference designs were then compared to the contractor models
to gain some measure of the certainty and accuracy of the wet mass values obtained.

Three issues were discovered which distinguished the reference SCI and SSI designs from
those of the contractors. One evident difference was the omission of a sunshield in the reference
components list. Another was the efficiency of the propulsion system, since the contractor models
made use of ion propulsion rather than the pulsed plasma thrusters of the reference models.
Finally, a large variation in the mass of the structural component and its deployment system was
found, ranging from 360 kg to nearly 1000 kg. Aside from these components, the masses of the

others, such as the optics, the collectors, and the combiner, were generally in agreement.

However, the certainty of the architectural conclusion from the wet mass analysis was called
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into question because of the range of values in the contractor wet mass estimates. The most criti-
cal component was the spacecraft bus, since the underlying assumption in the reference designs
was that each collector spacecraft contained a bus identical to the one in the SCI design. A more
detailed analysis of the non-optical subsystems contained in the spacecraft bus is necessary for a

more definite architectural study.

7.2 Conclusion

Based on the three metrics outlined above, a separated spacecraft architecture is certainly a viable
alternative to the structurally connected interferometer. The additional mass needed for the space-
craft maneuvering was offset by the absence of a large truss and the hardware needed to deploy it,
making the reference SSI design slightly more mass efficient than the reference SCI design in
both a 1.0 AU and a 5.2 AU orbit. However, the tenability of that conclusion is somewhat unclear
because the mass calculations are highly sensitive to the assumptions made in the reference
designs.

Although an SCI is less sensitive to increased or modified operations, as discussed in Chapter
4, the potential offered by a multiple spacecraft array for performing other astrophysical objec-
tives, such as synthetic imaging, is an attractive possibility for garnering support from the general
scientific community as well as for expanding the scope of TPF’s mission profile. Chapter 5 con-
sidered the inherent capabilities of an SSI for tuning the baseline to optimize the imaging resolu-
tion and for compensating in the event of collector failure, while determining that the integrity
was better maintained by an SCI. The analysis coverage given in Table 1.1 is reproduced in Table
7.1 with the general conclusions from this study. Altogether, the final conclusion of this study is

that a separated spacecraft interferometer merits serious consideration as the more optimal archi-

-
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Table 7.1: Summary of Metric Results

Metric TPF Application Conclusion
Cost Per Total mass of system architecture, | The SSI is slightly more mass effi-
Function including optics and propellant | cient, but conclusion is very depen-
dent on component designs
Adaptability Sensitivity of the design to Propellent requirements hinder the
modifications in the functional SSI, but the potential for synthetic
requirements imaging is a major advantage
Capability Ability and efficiency of system
at performing its design role
Resolution Acquiring and isolating the planet | Baseline tuning allows the SSI to
signal from the parent star maximize effective resolution
Rate Time to construct an accurate Both architectures meet the rate
image of the target solar system requirement equally
Integrity Image sensitivity to local and Highly complex systems will be
exo-zodiacal noise needed for the requisite DPL
control in both architectures
Availability Failure compensation modes for | The SSI allows individual spacecraft
combiner or collector failure replacement, but propellant contam-
ination must be prevented

tecture for the Terrestrial Planet Finder mission. However, due to the variability in the industry

mass estimates and the high sensitivity to the SCI deployment mechanism design, rejecting either

architecture at this point would be premature.

7.3 Future Issues

This study was an attempt to specifically relate the comparative trades involved in selecting an
interferometer architecture to the Terrestrial Planet Finder mission. The primary objective was not

to unequivocally determine which was better; rather, the intention was to study the relevant issues

and to gather a more complete presentation of the comparison. The parameters for the TPF mis-
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sion, as well as the model designs, are still somewhat uncertain, leaving several areas of research

which may bring further light on an architectural choice.

(i) Nulling technology - Nulling interferometry is still a test bed technology. The hardware
and software needed to suppress the central starlight to better than one part in a million
has only recently begun to be implemented on ground-based telescopes, such as the Large
Binocular Telescope [3]. Once more experience is gained in optical nulling, more accu-
rate estimates as to the mass and complexity of the collector and combiner systems can be
made. While their masses do not directly differentiate between the architectures, more

massive collectors and combiners would require more propellant for the separated array.

(ii) Boom deployment technology - The deployment of a large truss assembly was a critical
item in this comparison. Further development of potential structural configurations, such
as the finesse truss proposed by TRW and the hinged truss proposed by Lockheed Martin,
would improve the mass efficiency of the spacecraft. Such work is important in examin-
ing the trade-offs which exist between structurally connected and separated spacecraft
interferometers because of its relevance both to the system mass as well as its optical res-

olution and operational reliability.

(iii) Enhanced and extended bandwidth control - While only a cursory examination of the
disturbance environment and the structural response was made in this study, the stability
of the collector mountings is a crucial part of the scientific operation of the interferome-
ter. Large metered space structures such as this one have not been controlled to such a
high precision before, and their behavior in the space environment is still a subject of
study. Thermal responses may play a role, as well as other external and internal distur-

bance sources. The Shuttle Radar Topography Mission (SRTM) [27] is a key technology
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demonstration mission which will utilize a 60 m truss deployed from the Space Shuttle
bay, thus providing key experience and awareness of the complexities involved in space
truss operations. For dimmer parent stars, fringe tracking bandwidth may be insufficient
to compensate for onboard vibrations. Therefore, the application of active structural con-
trol, acceleration feedforward, and other control and metrology options may need to be

developed.

(iv) Formation flying technology - Maintaining a formation of five independent, free-flying
spacecraft to location errors of less than a centimeter magnitude requires precise relative
positioning as well as global system velocity measurements, The third Deep Space mis-
sion [21] will be the first space mission to demonstrate formation flying to this level, in
2001. The spacecraft buses on each of the individual spacecraft will have to communicate
with each of the other spacecraft, making it a very complex operation. Since many of the
adaptability and capability advantages of the separated spacecraft interferometer lie in its
ability to accurately maneuver, the formation flying is a critical area in the development

and architectural decision making process.

The Terrestrial Planet Finder will seek to find terrestrial planets which may be capable of sup-
porting life. Its design will be critical to its success, and these technological issues will play a key

role in its design and eventual operation.
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Appendix A

Truss Control Performance Analysis

Because of the high level of precision required by the optical instruments, the differential path
lengths between the collector pairs must not exceed several nanometers. In the structurally con-
nected interferometer configuration, the truss structure must damp out vibrations to maintain the
requisite displacement level. Because the truss element in this model is designed somewhat arbi-

trarily, a performance analysis is necessary to ensure that it meets this control requirement.

A.l Finite Element Truss Model

First, a finite element model of the truss is made, using the geometry in Section 2.2.4. The truss is
modeled as a simple Bernoulli-Euler beam using 40 beam elements. Following the analysis per-
formed by Surka [32], the truss is restricted to planar movement, implying six degrees of freedom
per element — two translations and one rotation at each boundary, The truss is subdivided
equally, making each element 1.875 m long. The four collectors and the combiner are entered as
point mass inputs on the truss model, A diagram of the finite element model is shown in Figure
A.1, The size of the beam is calculated as (o give the same stiffness characteristics as the truss

itself, namely the cross-sectional area and the area moment of inertia,
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Figure A.1: Truss Finite Element Model
After generating the global mass and stiffness matrices for the truss model, the standard state
space model in the form of
X=Ax+B w (A.1)
z2=Cx+D, w
is used, where x is the state vector, w is the disturbance input vector, and z is the performance out-
put vector. Because the global boundary characteristics of the model are free-free, three rigid
body modes, representing free translation in two directions and free rotation in the plane, are
present. After the full modal model is calculated, the first 25 flexible modes are retained for
numerical expediency. Furthermore, in order to examine the effect of active structural control on
the performance, two values of the modal damping ratio are used. In the passive truss, the damp-
ing is assumed to be 0.1%, while to simulate active control, the damping is increased to 10%.
The two performance metrics are the path length differences between the outer pair of mirrors
and the inner pair of mirrors. To have an equal coarse path length, the inner pair bounces the light
twice as shown in Figure A.2. The governing equations for the differential path length (DPL) are
found by calculating the error along the path as the light travels from the target to the combiner,

Subtracting one path from the other, with the node displacement errors represented by y and z in
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Figure A.2: Schematic of the Two Optical Paths

Figure A.2, the performance variables are given by

DPL,y = z3—2,—3y3+6y,-3y, (A.3)

These equations constitute the C, matrix in the performance calculation,

A.2 External Disturbance Environment

The external environment of the spacecraft is the source of several different types of disturbances.
Since the focus is on the precision of the optics, only those which cause displacement errors and
can be numerically modeled are included. Two such external disturbance sources are examined
here, the gravity gradient from the sun’s gravitational field and the solar pressure differential, both

of which are modeled as torques about the center of the spacecraft.

A.2.1 Gravitational Gradient

When the Terrestrial Planet Findur is aligned such that rotational momentum vector is non-
aligned with the gravitational field, a net torque is induced on the spacecraft. Since the motion is

constrained to lie within the orbital plane, the torque, as given by Surka, reduces to

3 .
T, = 2—1;‘3|1zz-1M|sm(2e) (A4)
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where W is the gravitational constant of the sun, R is the radius of the orbit, I, and /,, are the mass
moments of inertia, and 0 is the angle between the primary body axis and the gravity vector. The
average torque is taken to be the integral sum of the torque magnitude over one full rotation
divided by the rotation period, in which case the torque averages out and no net momentum

increase is seen by the spacecraft.

A.2.2 Solar Pressure Differential

The photons impacting on the interferometer exchange momentum with the surface. A net torque
results if the center of the solar pressure is offset from the spacecraft center of mass, which is cal-

culated from Griffin and French [14] as
P.\'
T,=(1+ K)?(eL)sin(O) (A.S)

where K is the reflectance of the spacecraft, P is the solar radiation intensity at the spacecraft’s
orbit, ¢ is the speed of light, €L is the center offset distance as a fraction of the total length, and 6
is again the position angle. The same situation develops here as before; the sinusoidal nature of

the torque caused by the constant rotation averages to zero, nullifying the net effect.

A.3 Internal Disturbance Environment

The operation of the instruments and hardware onboard the interferometer generate disturbances
as well. Attitude control thrusters and reaction wheels are used to stabilize the instrument pointing
and for orientation. However, since the external disturbances average out over the rotation, no
momentum change is needed for normal operation; furthermore, disturbances during the reorien-

tation do not matter since no data is being taken. One of the major internal disturbance sources is
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Figure A.3: Optical Delay Line Disturbance Model
a) Power Spectral Density; b) DPL Transfer Function

the actuation of the optical delay lines (ODL) in compensating for the differential pathlength.

Surka [32] found these to be one of the largest disturbance sources.

A.3.1 Optical Delay Line Actuation

Optical delay lines are mounted inside the combiner hardware and move to compensate for errors
in the optical path length. The shifting of the ODL transmits a force to the combiner which trans-
lates into a torque on the spacecraft. Following Surka’s derivation, a ODL force model from the
ISIS study [24] is used as an input, with an ODL stroke length of 2 cm and a worst-case moment
arm of 12,7 cm, The resulting torque is placed on the central spacecraft in the model, with the
spectrum and resulting transfer function shown in Figure A.3. The root-mean-square ODL distur-
bance is 2.8 mNm. One drawback to this ODL model is that structural dynamics from the ISIS

truss itself are contained in the power spectral density to a small degree.
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A.4 Performance Results

With the state space model and the input disturbance, the predicted system performance is gener-
ated using Equations A.1. The optical delay lines only operate up to a certain frequency and the
internal optical control cutoff is modeled using a high-pass filter, with both a 1 Hz and a 10 Hz
cutoff value. Table A.1 summarizes the results for all eight possible configurations, while Figures
A4 - A7 show the power spectral densities.

The values are lower for the 1.0 AU orbit because the point masses are heavier and have a
higher inertia. On the whole, the values indicate that the displacement errors can be reduced to a
nanometer level without active structural control, assuming adequate optical control bandwidth.
Control bandwidth will depend on the brightness of the parent star and can be estimated as one-
tenth of the sampling rate of a detector tracking the fringe of the parent star. Therefore, the 1 Hz
and 10 Hz filters representing the low frequency DPL rejection provided by the ODLs correspond
to 10 Hz and 100 Hz sampling rates on the fringe of the parent star. Results from other studies
[28] support micron level performance without active structural control as well.

According to an analysis performed by Colavita {11] which made several assumptions con-
cerning the brightness of the target star, the fringe tracking and measurement of the combiner, and
the photon efficiency, the requirements placed on the structure were divided into DPL noise above
and below the | Hz closed-loop bandwidth of the system. For frequencies above | Hz, the total
root-mean-square of the DPL error must be less than 0.5 nm, while below 1 Hz, the noise could
not exceed 0.5 nm/jz, where fis the noise frequency. Therefore, with the simple model used in this

disturbance analysis, the DPL error is too high, by about two orders of magnitude.

The 10 Hz results are close to the 0.5 nm requirement put forth by Colavita, and so if the

bandwidth of the optical control system were to grow to 10 Hz, the requirement would be met.
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Table A.1: Summary of Performance Results

. . . 1 Hz Filtered 10 Hz Filtered
Damping Ratio Orbit | [p1, RMS Error | DPL RMS Error
Open Loop (0.1%) 40.0 nm 0.7 nm
1.0 AU
Closed Loop (10%) 29.2 nm 0.3 nm
Open Loop (0.1%) 72.6 nm 0.9 nm
5.2 AU
Closed Loop (10%) 72.5 nm 0.8 nm

One solution for increasing the bandwidth might be the use of accelerometer sensors for the

higher frequencies.

However, from these cursory results, the truss design used in this study is assumed to be a rea-
sonable one, providing sufficient stiffness and damping for the collector hardware to accurately
control the optical resolution. Active structural control might ensure that the required precision is
available, but a more detailed finite element analysis is needed for a definitive conclusion as to its
necessity.

Also, other internal disturbances should be considered. For example, if a zero angular momen-
tum system is desired and a large reaction wheel is used to spin up the instrument, observations
will be made while the reaction wheel has a high spin rate relative to the structure. Static and
dynamic imbalances in the wheel, as well as bearing chatter, will cause once-per-revolution vibra-

tions with additional super- and sub-harmonics.
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Figure A.4: Disturbance Response For 1.0 AU Orbit, 1 Hz Filter
a) Open Loop; b) Closed Loop
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Figure A.5: Disturbance Response For 1.0 AU Orbit, 10 Hz Filter
a) Open Loop; b) Closed Loop
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Figure A.6: Disturbance Response For 5.2 AU Orbit, | Hz Filter
a) Open Loop; b) Closed Loop
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Figure A.7: Disturbance Response For 5.2 AU Orbit, 10 Hz Filter
a) Open Loop; b) Closed Loop
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